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Abstract 
 

Title: ARION 33:  A Prospective Mission to a Near-Earth Asteroid 

Author: Alita Regi 

Advisor: Manasvi Lingam, Ph.D. 

 

Near-Earth asteroids will become primary targets for space industrialization in the 

future as humanity becomes a multi-planetary species. But before such missions, it 

is necessary to survey these asteroids for their intrinsic scientific value.  Exploring 

asteroids via orbiter missions can help us understand the asteroid's surface 

composition while providing us a cost and power model required for future 

missions. Therefore, it is beneficial to study asteroids to pave the way for future 

mining operations or more comprehensive scientific explorations. Hence, in this 

thesis, the target asteroids 2011 UW158 and 65803 Didymos are selected as case 

studies for the hypothetical mission Arion 33. The primary mission requirements, 

such as the payload instrumentation, orbital trajectories, total delta-V and fuel 

needed, and the mass, power, and cost requirements, are delineated in the thesis. 
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Chapter 1  
Overview 

 

In this chapter, an overview of the thesis is provided. This includes a brief description 

of the two targets and the aims and objectives of the thesis. 

1.1 Introduction 

Arion 33 is a hypothetical interplanetary mission designed for studying the surface 

composition of a near-Earth asteroid (NEA) 2011 UW 158 and 65803 Didymos. 

These objects are so christened owing to their closest approaches to the planet at 

distances less than 1.3 times (JPL, 2021) the distance from Earth to the Sun1. The 

asteroid 2011 UW158 is first discovered in 2011 by Pan-STARRS at Haleakala 

Observatory (Bruce, 2016). According to radar observations conducted from Earth 

in 2015, the asteroid's dimensions are approximately 300m × 600m, and its rotational 

period is 36 minutes (Ipatov A. V., 2016, et al.), the spectral type is S (stony asteroid). 

The asteroid has a high mechanical strength since it is a single monolithic body (solid 

body), and the surface is roughened with irregularities (centimeter-sized) that may 

prove hazardous for landing a spacecraft (Ipatov S. I., 2004, et al.).  

Asteroid 2011 UW158 was classified as a near-Earth object and a potentially 

hazardous asteroid of the Apollo group due to its proximity (Krobka, 2016). It has 

                                                   
1 The distance between Earth and Sun is 93 million miles (152.02 million km) (State, 2021) 
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been suggested that this asteroid contains platinum (Howell, n.d.), which may be 

valuable for future mining missions.  

The second target of this mission is 65803 Didymos (1996 GT), a sub-kilometer 

asteroid and synchronous binary system, classified as a potentially hazardous 

asteroid and near-Earth object of both the Apollo and Amor group (Talbert, n.d.). 

This asteroid was initially discovered in 1996 by the Spacewatch survey at Kitt 

Peaand its small 160-meter minor-planet moon was discovered in 2003, named 

Dimorphous. The target asteroid has an orbital period of 2.11 years (770 days). The 

spectral type is Xk, which transitions from the X-type to the rare K-type asteroids. It 

has a nearly spheroidal shape and rotates rapidly, with a period of 2.26 hours and a 

brightness variation of 0.08 magnitude (Naidu, 2020, et al.). A mission to this 

asteroid would not only prove to be profitable due to the possible presence of 

resources,  but it may also give scientists in-depth information about near-Earth 

projectiles, their role in solar system formation similar to past missions to asteroids 

like OSIRIS-REX and Hayabusa 2 (De León, 2018, et al.).  

1.2 Aim 

The thesis aims to describe potential orbiter missions to study the surface 

composition of the asteroid 2011 UW158 and 65803 Didymos and survey them to 

map potential mining sites for future missions. 
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1.3 Objectives of the thesis 

● Determine suitable payloads and trajectories to near-Earth asteroids 2011 

UW158 and 65803 Didymos for orbiter mission. 

● Using the computed total delta-V and payload mass from the previous point, 

determine the mass ratio and select a suitable propellant and launcher for this 

mission. 

● By employing the prior data, calculate the cost, mass, and power 

requirements for this mission. 
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Chapter 2  
Background 

 

2.1 Background 

Scientific knowledge about space expands humankind's understanding of nature and 

unlocks creative and practical Earth‐based technologies for our society. From a more 

foundational perspective, the knowledge accumulated over many missions and the 

expansion of human presence in the Solar System could help us gain a deeper 

perspective on life in the Universe.  

Space exploration further stimulates the creation of tangible and intangible benefits 

for humanity (Morris, 2011, et al.). Tangible benefits include the innovative 

technologies and welfare resulting from investments in these programs. It improves 

workforce development and industrial capabilities, both of which contribute 

significantly to a given nation's economic progress. Space exploration also promotes 

a deeper understanding and analysis of the social and philosophical dimensions of 

humankind's place in the cosmos.  Intangible benefits of this type include enriched 

culture, providing inspiration to citizens, and promoting mutual understanding by 

international cooperation among space‐faring nations.  

Asteroids are an integral part of studying the heavens due to the possibility of 

collisions with Earth. Moreover, they can shed light on the origins of the Solar 
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system, and it is suspected that they were vital contributors to the building blocks of 

life that were prevalent on the surface of early Earth. Recently, asteroids have taken 

the scientific community by storm because of their possible presence of  metals, rare 

earth minerals, and volatiles that can be used for future human exploration and 

colonization, everyday components, and the generation of rocket fuel that is required 

to venture further into space (NASA and the International Space Exploration 

Coordination Group., 2013). It is instructive to consider past missions to asteroids 

since they can indicate the avenues of exploration by future missions. 

2.2 Past Missions to Asteroids 

Missions to these minor planets are not new; several have been carried out since 1989 

by various space agencies to study these heavenly bodies and collect samples for 

further analysis. The interest in doing so grew due to the sparse data on asteroid’s 

morphology, composition, and characteristics. As a result, the first mission, NASA's 

Galileo, was launched on October 18, 1989. On the way to the Jovian system, the 

spacecraft flew past and imaged two asteroids, Gaspra, on October 29, 1991, and Ida 

on August 28, 1993.  

The flyby revealed the presence of a small satellite of Ida named Dactyl. On February 

17, 1996, the Near-Earth Asteroid Rendezvous (NEAR) Shoemaker (Nittler, 2014) 

launched by NASA was the first long-term mission to study an asteroid at proximity 

exploring the structure, geology, composition, mass, and gravity of the asteroid Eros. 
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This mission flew closely past asteroid Mathilde, within 1212 km of the asteroid's 

surface, on June 27, 1997. NEAR touched down on the surface of asteroid Eros on 

February 12, 2001, transmitting close-up images as it descended. The next mission 

was a collaboration between NASA, the European Space Agency (ESA), and the 

Agenzia Spaziale Italiana (ASI). Cassini-Huygens was launched through an asteroid 

belt to Saturn and its moons on October 15, 1997. En-route the spacecraft performed 

a flyby of asteroid Masursky (European Space Agency (ESA), 2019), collecting 

numerous photographs and estimating the asteroid's size. On July 29, 1999, NASA's 

Deep Space 1 (Bhaskaran, 2012) flew by asteroid Braille, within the proximity of 26 

km of the asteroid's surface, collecting observations of the chemical composition 

while adding to the knowledge of asteroids. At the start of the new century, the 

interest in asteroids continued, and multiple missions were sent to these bodies. To 

study asteroids further, samples from the asteroids were returned to Earth to be 

studied in-depth during the recent missions.  

 The Hayabusa mission (Yurimoto, 2011, et al.), launched on May 9, 2003, by the 

Japan Aerospace Exploration Agency (JAXA). After maintaining a stable orbit, 

Hayabusa attempted several landing maneuvers but failed, and the lander, Minerva, 

was lost. The spacecraft headed to asteroid Itokawa to study physical characteristics 

before returning to Earth with samples of dust particles on June 13, 2010. During the 

ESA mission, Rosetta (Richter, 2019, et al.) performed two asteroid flybys to its 

target comet 67P; (Ulamec, 2017 et al.) Steins on September 5, 2008, and Lutetia on 
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July 10, 2010. The flyby revealed that Steins has a diamond-shaped structure with 

dozens of craters and a couple of prominent impact craters. The asteroid was part of 

a larger object that broke due to impact from other objects. NASA's prominent 

DAWN (De Sanctis, 2011, et al.) mission was launched on September 27, 2007, to 

explore two of the largest asteroids in the Solar System: Ceres and Vesta. The 

mission aimed to map the surface of the two asteroids and perform image mapping 

and spectroscopic studies. Despite the landing failures experienced during the first 

Hayabusa mission, JAXA launched the Hayabusa II on December 3, 2014. The 

mission was equipped with three Minerva II landers and a Mobile Asteroid surface 

scout (MASCOT) small rover to study the surface and collect samples of asteroid 

Ryugu (Tsuda, 2013, et al.).  

With similar objectives, NASA's mission (Chesley, 2014), the Origins Spectral 

Interpretation Resources Identification Security-Regolith Explorer (OSIRIS-REX), 

was launched on October 8, 2016, to study asteroid Bennu to return with samples, 

mapping the asteroid, and studying the so-called Yarkovsky effect, that is, the 

deviation of orbits due to forces not related to gravity. The mission also sought to 

return samples to Earth, the first part of which was successfully done in 2020. 
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2.3 Recent Shift in Importance of Asteroid Exploration 

There are several reasons why asteroid exploration is valuable. Although we shall 

emphasize the commercial aspects in the thesis, it should be noted that they possess 

great intrinsic value as well. 

One of the chief reasons to study asteroids is that they can tell us about the origins of 

the Solar System, as they are leftovers from the period when the terrestrial planets in 

our Solar system formed. In planetary formation, planetesimals (rocky objects) 

coalesce to create minor planets such as asteroids and eventually planets. In other 

words, studying asteroids can better inform us about the origins of the Solar System. 

Thorough knowledge of the composition and structure of meteorites, which are 

typically derived from asteroids, can provide crucial information concerning the 

astrochemical conditions from which the Earth formed roughly 4.6 billion years ago 

(International Scientific Group, 2018) (Mainzer, 2011, et al.). 

Furthermore, studying asteroids may well be essential for understanding the origins 

of life. Many experimental studies since the past several decades, which performed 

an analysis of meteorites, have found that they contained various organic amino 

acids, which are the building blocks of proteins, as well as nucleobases (the building 

blocks of nucleic acids) and even sugars such as ribose (which forms the backbone 

of RNA). A summary of this subject can be found in the monograph by Lingam 

(2021). (International Scientific Group, 2018) 



 

 

9 
 

During the early Solar System, the aforementioned carbon-based molecules and 

volatile materials that served as the building blocks of life may have been brought to 

the Earth’s surface via the combination of asteroid and comet impacts. When the 

asteroids crashed down to Earth they created amino acids, the basic components of 

proteins that are the building blocks of life, based on the lab study found by 

researchers from Tohoku University (Takeuchi, 2020, et al.) (Joseph, 2010, et al.). 

Thus the study of asteroids is not only crucial for studying the primordial chemical 

mixture from which the Earth formed but also these objects are anticipated to hold 

the key for resolving how the amino acids ended up being delivered to early Earth 

(Kirsimäe, 2012).  

Let us now contemplate the “practical” reasons for studying asteroids. For years, 

metals have been mined from the Earth's crust, including gold, platinum, silver and 

various rare elements. These materials have proven to be essential for a variety of 

economic and technological processes. Recent studies of the asteroids mentioned in 

the previous section showed the abundance of these ores. In addition, asteroids and 

comets are documented to contain water, ice, and volatiles such as ammonia, 

hydrogen, and methane (Dong, 2020, et al.). The water ice could be harvested to meet 

the demand for freshwater for daily needs of astronauts at future bases on Mars.  

Moreover, volatiles like hydrazine (approximately 1000 to 2000 tonnes to Low-Earth 

orbit (LEO)) (Sonter, 1997) could be used as chemical propellants to further 
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exploration into the Solar System. Also, developing methods to mine asteroids is 

anticipated to yield immense benefits to the state of planet Earth itself. On Earth, 

mining for resources leads to erosion, sinkholes, habitat destruction, and 

contamination of soil, groundwater, and surface water, all of which are potential 

dangers that lead to the destruction of native animal and plant life. Moving mining 

off-planet may help reduce the impact mining has on the natural environment (not 

accounting for the pollution caused due to huge amounts of rocket fuel required to 

launch from Earth). The following sections look at two critical reasons for the shift 

in asteroid exploration beyond its scientific value. We have outlined them in the 

preceding paragraphs, but the following sections provide a more detailed exposition. 

2.3.1 Depletion of Ore Reserves on Earth  

Earth consists of two main categories of resources, renewable and non-renewable. 

Renewable resources which can be replenished at the rate it is used include wind, 

hydropower, hydrothermal and solar energy. Non-renewable resources which have a 

fixed supply of resources include coal, natural gas, and metal ores. The formation of 

these resources took place over very long timescales (ranging from millions to 

billions of years) and is defined by the reserves present currently on Earth. These 

resources are expected to run out soon, and the depletion rate will be determined by 

the factors of consumption rates and existing reserves (Jasiński, 2018, et al.). 
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Table 1 The Current World Production of Metals Over Ten Years, Their Expected 

Depletion Timeframe and Uses  

Adapted from: (Desjardins, 2014) 

METAL CURRENT WORLD 

PRODUCTION RATE 

(2011-2021)  

YEAR OF 

DEPLETION 

(approx.)
2
 

USES 

Lead 45,000,000 metric tons 2028 Automobiles 

Indium 900 metric tons 2035 Solar panels, LCDs 

Rare Earths 126,000 metric tons 2100 Green technologies 

Zinc 13,000,000 metric ton 2031 Paints, rubber, cosmetics, 

pharmaceuticals, plastics, 

inks, soaps, batteries, and 
electrical equipment 

Sliver 21,800  metric ton 2033 Electrical contacts 

jewelry, silver tableware, 

mirrors, dental alloys 

Gold  3200 metric ton 2030 Electronics, jewelry, 

dentistry, medals, 
medicine 

(chemotherapy), 

aerospace technology 

Platinum 199 metric ton 2070 Catalysts (chemical 

industry), jewelry, 
decoration and dental 

work, magnets 

 

From the data in Table 1, the most commonly available resources would be depleted 

soon, causing a sharp rise in prices. Thus, we need to compare the costs of utilizing 

resources on Earth to costs involved in procuring the same resources asteroids. For 

example, oceans contain gold for about 6000 years of use at the current rate (Large, 

2015, et al.) but due to the high cost of mining it is not in common practice.    

                                                   
2 Assumes that recovery rates continue and that the proportion of hydrometallurgical processing remains unchanged over the extrapolation period 
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2.3.2 Lower Cost of Launching Payloads into Space  

In recent years, the cost of launching payloads into space has witnessed a sharp 

decline with the rise of private companies in the market. Together with the support 

of space agencies, these companies have developed advanced rockets and space 

technologies, most notably reusability, which has led to a sharp decline in the overall 

launch costs (Jones, 2018) as seen from Table 2.  

Table 2 Launch Vehicle Estimated Payload Cost Per Kg to Low-Earth Orbit (LEO) 

Adapted from: (Jones, 2018) 

LAUNCHER SPECIFIC COST/Kg 

SpaceX Falcon Heavy $1,400 

SpaceX Falcon 9 $2,720 

Ariane 5 $9,167 

Space Shuttle $54,500 

 

Accessing space has become affordable; however, the launch prices remain high, 

especially when launchers must place large payloads into Earth's escape trajectories, 

which represent common scenarios in interplanetary missions. As a solution, many 

private agencies are contemplating an interesting idea for reducing the launching 

price of this type of mission by building some fraction of the spacecraft components 

in space to reduce the mass that launchers will need to carry to the desired orbits.  
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One of the most feasible components constructed in this fashion is thermal shields, 

which are mainly intended to protect spacecraft during re-entry maneuvers. In 

NASA's Mars exploration rover Curiosity, the thermal shield (Aeroshell) possessed 

a diameter of 4.5 m and a total mass of 1562 kg (Bhandari, 2013, et al.). The outside 

of the thermal shield is covered with a layer of phenolic honeycomb filled with an 

ablative material (also called an "ablator"), which dissipates heat generated by 

atmospheric friction. A phenolic compound is typically made from benzene and is 

used in various plastics, disinfectants, and pharmaceuticals.  

From the perspective of space manufacturing, thermal shields can be developed from 

regolith, a granular dust-like material found on the surface of planets, asteroids, and 

moons (Bhandari, 2013, et al.). Thermal shields developed from regolith combined 

with propellants derived from asteroids (1000 to 2000 times) (Sonter, 1997) could 

potentially lower the cost of exploring and settling the Moon and Mars. During the 

early 2000s, multiple studies were conducted by NASA Marshall Space Flight Center 

regarding the technical requirements and commercial potential of propellant 

production depots in Low-Earth-orbit (LEO). 

 The studies indicated that the most expensive part about transferring payloads to 

GEO and beyond is the fuel. A cryogenic propellant plant located in LEO 

(Smitherman, 2001, et al.) could lower the cost of missions to beyond.  
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The in-orbit plant would separate water into hydrogen and oxygen by electrolysis. 

This process utilizes large amounts of power; therefore, a depot derived from 

advanced space solar power technology was proposed. In the decades to come, there 

could be a significant demand for water-based propellants from Earth, Moon, or 

asteroid resources if in-space transfer vehicles (viz., upper stages) transition to 

reusable systems predicated on water-based propellants. Therefore, careful strategic 

planning could create a substantial commercial market for space resources and their 

development and ultimately lead to significant commercial infrastructure 

development in space (Smitherman, 2001, et al.). 
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Chapter 3  
Near-Earth Asteroids 

3.1 Near-Earth Asteroids 

Asteroids are small rocky objects with orbits around the Sun that are remnants of the 

early Solar System.  The currently known asteroid count is 1,083,462. Most of these 

asteroids are found between Mars and Jupiter have a size range between 530 km 

(largest) to 10 m (smallest) across (Dunn, 2013, et al.). They are generally irregularly 

shaped though some are circular and heavily cratered. Asteroids whose orbits are 

particularly close to Earth are near-Earth asteroids with a perihelion distance smaller 

than 1.3 AU. As of June 19, 2013, the near-Earth asteroid counts 10,003, out of which 

1409 are classified as potentially hazardous asteroids (Harris, 2015, et al.), as they 

could pose a threat to Earth. Occasional close encounters due to interaction with the 

orbits of Jupiter and Mars knock asteroids out of the main belt, hurling them all over 

the Solar System. These stray asteroids have allowed scientists to study these minor 

planets at relatively close distances, along the lines outlined in Chapter 2. The results 

obtained from numerous such studies have laid the foundations for selecting target 

Near-Earth Asteroids (NEAs) for this thesis that would be suitable for future asteroid 

exploration. 
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3.2 Asteroid Classifications 

Asteroids can be classified based on orbital elements and reflectance spectra. 

1. Based on orbital elements ra, rp, and a 

 Periapsis radius, rp, is the distance of the minimum separation point 

(perihelion), where the asteroid comes closest to the Sun. 

 Apoapsis radius, ra, is the distance of the point in the orbit where the 

asteroid is farthest from the Sun (aphelion). 

 Semi-major axis, a, is the sum of the periapsis and apoapsis distances 

divided by two. 

Asteroids can be categorized into four group types: Atiras, Apollos, Athens, and 

Amors sub-groups as a function of the distance from Earth.  

Table 3 Classification Based on Orbital Parameters 

Adapted from: (Milani, 2014, et al.) 
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2. Based on reflectance spectra  

One of the most common methods of classifying asteroids is via telescopic 

spectrophotometry. Telescopic spectrophotometry studies heavenly bodies using 

spectroscopy techniques to measure the spectrum of electromagnetic radiation 

emanating from stars and other astronomical objects. Mainly, these measurements 

are carried out from Earth-based telescopes. However, in missions to target asteroids 

(Chapter 1), the instruments are carried on board as payload due to flybys, orbiters, 

and sample returns performed as part of previous missions.  

The basic underlying principle is that no two minerals absorb at precisely the same 

wavelengths, implying that each material has different absorption properties 

corresponding to different reflection spectra (Gaffey, 2010, et al.) Comparing the 

data obtained from these minor planets to the results obtained on Earth via 

experiments on meteorites can determine the chemical compositions of these near-

Earth asteroids (NEAs) (Gaffey, 2010, et al.). A significant limitation of this method 

is that the available meteorite samples are primarily from the asteroid interiors, which 

does not provide as much information about the surface composition of the putative 

asteroids. 
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At the same time, telescopic spectrometry analyzes the asteroid's surface exposed to 

space weathering, the physical and chemical changes visible on the surfaces of airless 

bodies caused by impacts of meteorites, micrometeorites, and galactic/cosmic and 

solar-wind particles. Observations have shown that silicate-rich objects undergo 

progressive darkening and reddening of the solar reflectance spectra appear in the 

0.2 − 2.7 μm spectral region (Binzel, 2010). The difference in obtained data makes 

it nearly impossible to accurately identify the asteroid's composition, but despite the 

limitations, asteroids have been categorized in Table 4.  
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Table 4 Inferred Compositions and Corresponding Meteorite Analogues of the 

Main Types of Asteroids Based on SMASSI Classification. 

Adapted from: (Tedesco, 2021) (Lupishko, 1982, et al.) 

 

                                                   
3  The group of meteorites, CM chondrites are known to contain a rich mix of complex organic compounds such as amino-acids and purine/pyrimidine nucleobases  
4 This meteorite contains an abundance of organic materials, including amino acids, nano-diamonds, and presence of water which is isotopically different from 
tressetrial water  
5 E-type chondrites (Enstatite chondrites) are among the most chemically reduced rocks known, with most of their iron taking the form of metal or sulfide rather 
than an oxide. They tend to be high in the mineral enstatite (MgSiO3)  
6 Howardites are achondritic (consists of material similar to terrestrial basalts or plutonic rocks and has been differentiated and reprocessed to a lesser or greater 
degree due to melting and recrystallization on or within meteorite parent bodies) stony meteorites that originate from the surface of the asteroid 4 Vesta, and as 
such are part of the HED meteorite clan.  
7 Stony meteorites that contain 19–22% total iron and only 0.3–3% metallic iron, the most abundant minerals are hypersthene (a pyroxene) and olivine. Other 
minerals include Fe–Ni, troilite (FeS), feldspar or feldspathic glass, chromite, and phosphates.  
8 CV/CO chondrites belong to petrologic-type 3, which implies that chondrites that remain in nearly pristine condition, with all components (chondrules, matrix, etc.) 
having nearly the same composition and mineralogy as when they accreted to the parent asteroid  

ASTEROID 

TYPE/CLASS 

INFERRED SURFACE 

COMPOSITION 

METEORITE 

ANALOGS (approx.) 

A-type Pure olivine or a mixture of 

olivine and metal 
- 

C-type (Including B-

type) 

Phyllosilicates, olivine, 

pyroxene, Opaque phases, 

Organics, Carbon 

Murchison (CM 

chondrite group)3 

D-type 

Phyllosilicates, olivine, 

pyroxene, opaque phases, 

carbon 

Tagish lake (C2 

ungrouped)4 

M-Type Nickel-Iron composition - 

X-type Pyroxene 
Saint-Sauveur (E-type 

chondrites)5 

Q-type Olivine, pyroxene, metal - 

R-type 
Olivine, pyroxene, possibly 

plagioclase 

NWA 2698, HED 

(howardites)6 

S-type Olivine, pyroxene, and metal 
Ragland (LL-low iron, 

low metal chondrite)7 

T-type 
Unknown (possibly related to 

the D-types) 
- 

K-type Olivine, pyroxene 

Vigarano (CV 

chondrite)/ Dar al Gani 

749 (CO chondrite)8 
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Out of the categories mentioned in Table 4, the three types of asteroids in Table 5 

are arguably the most sought after based on their scientific importance gleaned from 

past missions. 

 

 

 

 

 

Adapted from: (Tedesco, 2021) (Lupishko, 1982, et al.) 

Table 5 Most Sought After Asteroid Categories 
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3.3 Criteria for Asteroid Selection 

As previously mentioned, some NEAs pose a threat to humanity due to their 

proximity. However, at the same time, as noted earlier, asteroids can furnish valuable 

information regarding the origins of our Solar System, and they contain many 

resources, making asteroid mining profitable in the coming years.  

To select a putative mining mission target, a detailed study of the asteroid should be 

conducted first. The target near-Earth asteroids would be first studied via an orbiter 

mission as a precursor to a full-fledged mining mission. In the previous sections, this 

thesis has adumbrated the two commonly used asteroid classification criteria. The 

target asteroids will be selected based on the orbital parameters since the spectral 

classification system has more ambiguities. From the perspective of the selection of 

target asteroids, the three ideal orbital parameters are listed below. Based on these 

criteria, a hypothetical orbiter mission is designed for the two target asteroids, 2011 

UW158, and 65803 Didymos. 

 Low inclination angle (i), the angle between Earth's equatorial plane and the 

orbital plane (a lower inclination angle leads to more facile maneuvers, 

leading to lower propellant costs). 

 Lower eccentricity (e) values (which are rendered ideal as e = 0), as the lower 

is the eccentricity, the closer an asteroid would be to a circular orbit. 
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 Semi-major axis aasteroid ≈ 1AU (similar to the distance between the Earth and 

Sun), indicating proximity to Earth.  

Considering all the above parameters, the asteroid 2011 UW158 was selected 

as one of the two target asteroids for this mission. The asteroid and its 

characteristics are shown in Table 6 and Figure 1. 

 

Figure 1 Target asteroid 2011 UW158 
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Table 6 Orbital Elements of 2011 UW158 

Adapted from: (NASA, JPL Small Body Database Browser, 2021) 

Asteroid Name (436724) 2011 UW158 

Asteroid Class Apollo 

Aphelion (ra)9 2.2301 AU 

Perihelion (rp)10  1.0109 AU 

Semi-Major Axis (a) 1.6205 AU 

Eccentricity (e) 0.3762 

Inclination (i) 4.57170 

Radius 110 m 

Mass 2.91 x 1010 kg 

Period (T) 753 days  

 

A few additional characteristics of the asteroid are presented here for the benefit of 

the reader. In particular, we delineate the gravitational acceleration experienced by a 

hypothetical orbiter on the asteroid’s surface (  𝑔𝑎𝑠𝑡𝑒𝑟𝑜𝑖𝑑), due to the Sun (𝑔𝑠𝑢𝑛), and 

at a height H above the surface of the asteroid (𝑔𝑠𝑝𝑎𝑐𝑒𝑐𝑟𝑎𝑓𝑡).  The height H is 

computed from the specifications of the orbiter mission. The orbital period of the 

spacecraft around the asteroid is selected to be 24 hours. We caution that these 

estimates should not be definitive since there is some uncertainty in the parameters, 

                                                   
9 The perihelion is the point in the orbit of a planet, asteroid or comet that is nearest to the sun. 
10 The aphelion is the point in the elliptical orbit of a planet, asteroid, comet, where it is farthest from the sun.  
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and we have used some simplifying assumptions (e.g., effective spherical radius).  

These calculations are delineated below. 

  𝑔𝑎𝑠𝑡𝑒𝑟𝑜𝑖𝑑 =  
𝐺𝑀

𝑟2 =  
6.67∗ 10−11∗2.91∗ 1010

1102 = 1.6 ∗ 10−4 𝑚/𝑠2     [3.1] 

Where,  

 G is 6.6742×10−11 (m3s−2kg−1) is the gravitational constant,  

 M is the mass of the asteroid (kg),  

 r is the radius of the asteroid (m) 

𝑔𝑠𝑢𝑛 =  
𝐺𝑀𝑜

𝑟2
𝑜

=  
6.67∗ 10−11∗1.989∗ 1030

(3.336∗1011)2 = 1.2 ∗ 10−3𝑚/𝑠2    [3.2] 

Where,  

 G is 6.6742×10−11 (m3s−2kg−1) is the gravitational constant,  

 Mo is the mass of the Sun (kg),  

 ro is the periapsis distance between the Sun and the asteroid (m) (Hilton, 

2002) (Krasinsky, 2002, et al.) 

The height of the parking orbit for asteroid 2011 UW158 is calculated using the 

formula below, which comes from a rearrangement of Kepler’s Third Law. 

Time Period (T) = 86400 s 

 Mass (2011 UW158) = 2.91 ∗ 1010𝑘𝑔 

 Gravitational Constant = 6.67 ∗ 10−11 𝑚3𝑘𝑔−1𝑠−1 
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Radius of 2011 UW158 = 110 m  

𝐿 =  (
𝐺∗𝑀∗𝑇2

4𝜋2
)

1/3

 = (
6.67∗10−11∗2.91∗1010∗864002

4𝜋2
)

1/3

= 715 m  [3.3] 

 H = a – R = 715 – 110 = 605 m 

 where L is the distance from the center of the asteroid to the spacecraft (m), 

 H is the height of the parking orbit (m), 

The acceleration due to gravity experienced by the spacecraft at the parking orbit can 

be calculated using the formula below: 

𝑔 =  
𝐺𝑀

𝐻2 =  
6.67∗ 10−11∗2.91∗ 1010

6052 = 3.79 ∗ 10−6 𝑚/𝑠2  [3.4] 

Where,  

 G is 6.6742×10−11 (m3s−2kg−1) 1 is the gravitational constant,  

 M is the mass of the asteroid (kg),  

 H is the height of the parking orbit (m) 

This completes our preliminary exposition of 2011 UW158. As the objective of the 

thesis is not to carry out a detailed analysis of spacecraft control, we will not delve 

into the feasibility of executing maneuvers around the asteroid with a speed of order 

cm/s, which corresponds to the orbital speed of the spacecraft. However, we note that 

maneuvers at such speeds in the proximity of asteroids are technically feasible. 

(Kubota, 2003) (Lippe, 2021, et al.) (Wie, 2008) (Bandyopadhyay, 2016, et al.) 
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Naturally, we will return to this asteroid and cover various facets (e.g., orbital 

trajectories) in more detail in the subsequent Chapters. The second target selected for 

this mission is the asteroid 65803 Didymos, whose parameters are described in 

Figure 2.  

It is found that this asteroid is reasonably compatible with the selection criteria that 

were mentioned earlier, namely, the inclination (i), eccentricity (e), and semi-major 

axis (a). 

 

 

 

 

 

 

 

 

 

 

 

 

Figure 2: Target asteroid 65803 Didymos 
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Table 7 Orbital Elements of 65803 Didymos 

Adapted from: (NASA, JPL Small Body Database Browser, 2021) 

Asteroid Name 65803 Didymos 

Asteroid Class Apollo and Amor 

Aphelion (ra) 2.2706 AU 

Perihelion (rp) 1.0133 AU 

Semi-Major Axis (a) 1.6446 AU 

Eccentricity (e) 0.3839 

Inclination (i) 3.40830 

Radius 390 m 

Period (T) 770 days  

Mass 52.7 x 107 kg 

 

As before, we shall provide estimates for the gravitational acceleration and height of 

the parking orbit. 

𝑔𝑎𝑠𝑡𝑒𝑟𝑜𝑖𝑑 =  
𝐺𝑀

𝑟2 =  
6.67∗ 10−11∗5.27∗ 1010

3902 = 2.31 ∗ 10−5 𝑚/𝑠2       [3.5] 

Where,  

 G is 6.6742×10−11 (m3s−2kg−1) is the gravitational constant,  

 M is the mass of the asteroid (kg),  

 r is the radius of the asteroid (m) 

𝑔𝑠𝑢𝑛 =  
𝐺𝑀𝑜

𝑟2
𝑜

=  
6.67∗ 10−11∗1.989∗ 1030

(3.39∗1011)2 = 1.2 ∗ 10−3𝑚/𝑠2  [3.6] 
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Where,  

 G is 6.6742×10−11 (m3s−2kg−1) is the gravitational constant,  

 Mo is the mass of the Sun (kg),  

 ro is the perapsis distance between the Sun and the asteroid (m) (Hilton, 2002) 

The height of the parking orbit for asteroid 65803 Didymos is calculated using the 

formula below: 

Time Period (T) = 86400 s 

 Mass (65803 Didymos) = 5.27 ∗ 107𝑘𝑔 

 Gravitational Constant = 6.67 ∗ 10−11 𝑚3𝑘𝑔−1𝑠−1 

Radius of 65803 Didymos = 390 m  

𝐿 =  (
𝐺∗𝑀∗𝑇2

4𝜋2
)

1/3

 = (
6.67∗10−11∗5.27∗107∗864002

4𝜋2
)

1/3

= 872 m    [3.7]  

 H = a – R = 872 – 390 = 482 m 

 where L is the distance from the center of the asteroid to the spacecraft (m), 

 H is the height of the parking orbit (m), 

The acceleration due to gravity experienced by the spacecraft at the parking orbit can 

be calculated using the formula below: 

𝑔 =  
𝐺𝑀

𝐻2 =  
6.67∗ 10−11∗5.27∗ 1010

4822 = 1.51 ∗ 10−5 𝑚/𝑠2    [3.8]  
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Where,  

 G is 6.6742×10−11 (m3s−2kg−1) is the gravitational constant,  

 M is the mass of the asteroid (kg),  

 H is the height of the parking orbit (m) 

In the case of either 2011 UW158 or that of 65803 Didymos, we find that 𝑔𝑎𝑠𝑡𝑒𝑟𝑜𝑖𝑑  

is smaller than 𝑔𝑠𝑢𝑛 by a few orders of magnitude. On-board thrusters (along with 

the appropriate reserves of fuel) will be employed to maintain the spacecraft actively 

in a parking orbit for the period of the mission, which is two years.  

Hitherto, we have highlighted the reasons behind selecting the two asteroids. Two 

other questions spring to mind: robotic mission or manned mission?  What type of 

mission? These questions are briefly addressed in the sections below.  

3.4 Criteria for Mission Type Selection   

In past missions to various asteroids since 1989, a preference for unmanned robotic 

missions, as opposed to manned missions, was evident. The minor planets lack 

gravity, and this adversely affects the physiology of human beings (Blaber, 2010, et 

al.).  

Cosmic radiation can increase the risks of heart disease, cancer, and central nervous 

system damage (Paris, 2014). In the absence of gravity, bone density decreases about 

1-1.5 % yearly, and without proper training, muscle mass, cardiovascular health, and 
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endurance decrease in healthy adults. Additionally, the lack of gravity causes body 

fluids to rise towards the head, leading to increased pressure and vision problems. 

Temperature also affects human physiology in such missions.  Asteroids are located 

mainly between the orbits of Mars and Jupiter, where the temperature ranges from -

730C to -1030C, and human life requires a constant supply of heat (Paris, 2014). 

Considering the factors outlined above, a manned mission to mine the asteroids 

would not technically be feasible now, bringing us to the standard practice of an 

unmanned mission. Many of the limitations faced in a crewed mission would 

disappear. Still, issues related to communication and maintenance arise, which can 

be managed with redundancy principles (Viscio, 2013, et al.). Thus, for this thesis, 

we settle on mapping out the asteroid using an unmanned robotic mission like 

NASA's DAWN mission (Perez, 2016). 

3.5 Why Orbiter Mission is Preferred 

The types of orbital missions are orbiter, flyby, and asteroid landing missions. The 

main objective of this mission is to study and analyze the surface topographical 

features of the asteroid.  

Long-range studies using telescopes generate the necessary primary data about the 

shape and path of the asteroid. However, they do not provide detailed data regarding 

the asteroid's composition and surface features partly due to the small size of these 

objects, which makes them hard to detect and characterize. A flyby mission would 
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provide us with the high-resolution close-up images and surface topographical 

features of the asteroid. But our objective is to gain detailed information regarding 

the topographical features and surface composition of the asteroid. Hence, it would 

be difficult to map the asteroid's surface for future missions (e.g., asteroid mining) 

through a flyby.  

Hence, we have chosen the orbiter architecture for this mission. An orbiter would 

allow us to carry out the goal of characterizing the asteroid in sufficient detail. 

Moreover, it would eliminate the uncertainties from long-range studies or a flyby 

mission. (Chesley, 2014) We do not investigate a lander or sample return mission, as 

these are more complex to design, and the amount of data may be more localized to 

the regions where the probe lands and gathers samples. 
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Chapter 4  
Payload  

4.1 Mission Payload 

ARION 33 is a hypothetical planetary science mission designed to asteroid 2011 UW 

158 and 65803 Didymos. The goal is to survey the selected asteroids and map 

potential mining zones for future endeavors. Hence, a timeline very close to the 

present day (the launch year of 2022) has been chosen because the payload 

instruments, launcher, propulsion system, etc., are all based on readily available off-

the-shelf technologies. However, it is essential to note that the Earth-to-Mars leg of 

the mission, when a gravity assist is employed, has a recurring (approximately) two-

year launch window (Yang, 2011, et al.).  

This mission aims to deploy a spacecraft to near-Earth asteroids 2011 UW158 and 

65803 Didymos and collect asteroid data for further analysis. With this objective in 

mind, suitable instrumentation must be selected for the payload. In this mission, the 

instruments onboard as the payload are divided based on the type of functionality 

that they provide. The instruments were selected from other NASA-planned missions 

such as Rosetta and OSIRIS-REX (Gal-Edd, 2015).  

The reason for doing so is because this represents a conservative estimate, whereby 

already proven technologies and instrumentation are employed. 
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As a full-fledged mission design falls beyond the scope of a master’s thesis, a detailed 

justification of every single instrument is not feasible; instead, the paper primarily 

relies on analogy to the similarities shared with the Rosetta missions and others of 

the same kind. The components used in the spacecraft are listed below: 

a. Laser Altimeter (LIDAR): This is used to obtain high-resolution topographical 

information on the asteroid. It works by emitting laser pulses that reflect the 

surface and return a part of the pulse to its detector.  

This laser altimeter is derived from the OSIRIS-REX laser altimeter used in the 

OSIRIS-REX mission. The laser altimeter scans the surface of the asteroid and 

creates an accurate 3D model of the asteroid.  

Sun Sensor Technical Data 

Description Value 

Spectral Range 0.3 - 0.1 µ 

Field of View 120 

Accuracy < 0.4 

precision < 0.06 

Average Consumption 33 mA 

Dimensions 80 mm Diameter, 27 

mm Height 

 

 

Table 8 Laser Altimeter Technical Data  

Adapted from: (Lunar and Planetary Science conference, 2012) 
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This provides detailed information about the distribution of craters, slopes, and 

boulders for asteroid mining (Daly, 2017). The technical details on the laser altimeter 

are listed in Table 8, and the instrument is shown in Figure 3. 

 

 

 

 

 

b. Polyfunctional Camera (PCAM-One): The primary camera used to obtain a 

telescopic view of the asteroid. This camera identifies the asteroid from several 

miles away and captures high-resolution images of the asteroid when it is near.  

The camera has a mass of 3.3 kg with a 20-cm wide aperture, F/3.15 Ritchey-

Chretien telescope with 629 mm focal length at infinity. The plate scale is 13.5 

micro-rad/ pixel (Rizk, 2018, et al.). See Figure 4 for a depiction of the instrument 

in question. 

Figure 3  OSIRIS-REX laser altimeter 

(Lunar and Planetary Science conference, 2012) 
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Figure 4 Polyfunctional camera (PCAM-One)  

(NASA, 2021) 

c. Ultraviolet Imaging Spectrograph (UVIS) 

Ultraviolet Imaging Spectroscopy is reflectance spectroscopy based on the 

absorption of ultraviolet light by chemical compounds. This spectroscopy is used to 

understand the surface features of the asteroid. It can be used to find the density and 

composition of the materials present on the asteroid. (Gladstone, 2021) Some 

features of this instrument include the following. 
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 It is a lightweight 4.4 kg, lower power (4.4 W) ultraviolet 

spectrograph, making it suitable for a mission of this kind. 

 Wavelength range: 58 – 190 nm 

 Field of view: 1.7 x 70 mRad (Extreme Ultraviolet); 35 x 35 mRad 

(Far Ultraviolet). 

 Angular resolution: 1.7 x 5.2 mRad. 

 Wavelength resolution: 1.815 nm/pixel; 

 Active pixels: 780 pixels; 

A schematic of this instrument is shown in Figure 5.  

 

Figure 5 Schematic of ultraviolet imaging spectrograph (UVIS) 

(Gladstone, 2021) 
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Uses: 

 In ARION 33, this instrument is used to study the surface composition 

and minerals present in the asteroid.  

 The instrument uses ultraviolet spectroscopy where several relevant 

chemical compounds, including those encountered in prebiotic 

chemistry (e.g., amino acids), have distinctive spectral features. 

d. Visible and Infrared Thermal Imaging Spectrometer 

This instrument measures the temperature, the chemical and mineralogical 

composition, and distribution of elements on the asteroid by conducting 

observations and collecting data in the visible and near-infrared parts of the 

spectrum. It can be used to identify the some of the gases being produced (with 

spectral features in this wavelength band) in the visible and infrared spectral 

range (e.g., by sublimation) and the best landing sites for future missions. 

(Piccioni, 2007) 

• Spectral band: VIRTIS-M: 250 nm to 5000 nm; 

• VIRTIS-H: 2000 nm to 5000 nm; 

• VIR-MS: 250 nm to 5000 nm; 

•  Spectral resolution: VIRTIS-M: 3 nm (visible), 15 nm (IR); 

• VIRTIS-H: 2 nm to 10 nm; 

• VIR-MS: 3 nm (visible), 15 nm (IR) 
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• Image size, full FOV high resolution: 256 x 256 pixels  

• Spatial resolution: 0.375 mRad; 

• Mass: 27 kg; 

• Power: 60 W 

 

Figure 6 Visible and infrared thermal imaging spectrometer   

(Piccioni, 2007) 

 

Uses: 

 It is used to determine the surface temperature of the asteroid and the 

variations therein on the asteroid's surface. 

 It is also used to determine the chemical and mineralogical 

composition of the elements on the asteroid. 
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e. Microwave Instrument Spectrometer 

This instrument is suitable for studying chemically and physically interesting 

molecular species, including weakly bound complexes, radicals, ions, and other 

transient species. This instrument is well-suited to measure the amounts of useful 

compounds such as carbon monoxide, ammonia, methanol, oxygen, and other gases 

generated from the asteroid’s surface. (Gulkis, 2007, et al.) 

 Frequency: 188.5 – 191.5 GHz 

 Microwave bandwidth: 1 – 1.5 GHz 

 Double Sideband noise temperature: 1000 K 

 

 

Figure 7 Microwave instrument spectrometer  

(Gulkis, 2007, et al.) 
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Uses: 

 The mass of the microwave instrument spectrometer is 14 kg. 

 It is used to determine the abundance of major gases produced by 

chemical, physical, and geological processes (e.g., space weathering).  

 This instrument is used to determine the temperature of the vaporizing 

gases, which are expected to carry small dust grains. 

f. Neutral Gas and Ion Mass Spectrometer 

This instrument weighs 7.5 kg and it quantifies the composition and isotopic 

abundances of neutrals and ions. If a highly tenuous and transient atmosphere is 

present, this instrument can determine the structure and variation of neutral 

atmosphere and ionosphere with altitude. Some of its capabilities are outlined 

below for both asteroids as well as planets. 

 Measure neutral composition, isotopic ratios, and temperature of the 

major gas species at various heights of the atmosphere (He, N, O, CO, 

N2, NO, O2, Ar, and CO2). 

 Derive abundances of stable isotopes and variations in the prevalence 

of elements at various locations. 
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Uses: 

 It is used to determine the nature of gases escaping from the asteroid.  

 This instrument is used to determine the isotopes of the minerals 

present for future asteroid mining missions. (Piccioni, 2007) 

The payload must have scientific instrumentation, which we have covered until now. 

It also requires support systems to keep the instruments running, which are described 

in section 4.2. 

4.2 Support Systems 

a. Radioisotope Heater Units (RHU): These are small devices that provide 

heat through natural radioactive decay. They use plutonium-238 to 

provide heat to warm the components to ensure they survive in the cold 

space environment. These devices help maintain the design life of the 

spacecraft components. They are about 1 inches (diameter) x 1.3 inches 

(height) (Bennett, 2008, et al.) and weigh approximately 40 grams. They 

have a heat output of 1 watt.  
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b. Radioisotope Thermoelectric Generators (RTG): They are 

lightweight, compact power systems that convert waste heat from 

radioactive decay into electrical energy for use aboard spacecraft. It 

weighs 45 kg and it uses plutonium-238 as the natural radioactive decay 

element. RTG works utilizing the temperature difference between cold 

space environment and hot fuel, applied across solid-state metallic 

junctions called thermocouples (see Figure 9). 

Figure 8 Radioisotope heater units  

(Bennett, 2008, et al.) 
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c. Solar Panels: The solar panels power the spacecraft and its components 

using sunlight as the primary source. The solar panels are used from the 

model SCARLET-II, which has a wing dimension of 206 in (length) x 64 

in (width) (Wachholz, 1996, et al.). The technical data for the solar panels 

is listed below in Table 9. 

Solar Panels Technical Data 

Description Value 

Wing Dimension 206 in (length) x 64 in (height) 

Panel Dimension 45 in x 63 in ( 4 panels per wing) 

Array Power 2500 W 

Wing Mass 27.7 Kg 

Specific Power 45 W/ Kg 

Figure 9 Radioisotope thermoelectric generators 

(McCoy, 1996, et al.) 

Table 9 Solar Panel Technical Data  

Adapted from: (Habraken, 2001, et al.) 
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d. Sun Sensors: It is an instrument used to detect the position of the sun. It 

is used mainly for pointing solar arrays to obtain solar power. The 

specifications for the Sun sensors are furnished in Table 10. 

 

Sun Sensor Technical Data 

Description Value 

Spectral Range 0.3 - 0.1 µ 

Field of View 120 

Accuracy < 0.4 

precision < 0.06 

Average Consumption 33 mA 

Dimensions 80 mm Diameter, 27 mm Height 

Mass 100 g 

Level of Protection IP65 

Pressure Tested 0.05 mbar 

Supply Voltage 0 - 16 V 

Angle Resolution 0.01 

Table 10 Sun sensor technical data 

Adapted from:  (Bolshakov K., 2020) 



 

 

45 
 

Trajectory Design 
5.1 Trajectory Design 

A major challenge faced while planning asteroid missions is trajectory design for the 

spacecraft to reach its target destination. This chapter focuses on designing cost-

effective, minimum delta-V trajectories from Earth to the Near-Earth asteroids 2011 

UW158 and 68503 Didymos through either direct transfer or Mars assist; as we will 

see, both offer their share of advantages and disadvantages. The trajectory design 

will enable us to calculate the appropriate delta-V, which can be used to motivate the 

choice of the propulsion system in Chapter 6 and combined with the payload 

requirements from Chapter 4 to ascertain the final mass of the spacecraft. 

In an interplanetary mission, the spacecraft will be under the influence of the Sun's 

gravity for most of the time. However, when it approaches a planet, the planet's 

gravitational pull dominates over the Sun's gravitational pull. This is called the 

sphere of influence, a roughly spheroidal region in which an orbiting body 

experiences the planet's gravitational forces (Peet, 2021). The following formulae 

calculate the radius of the sphere of influence, 

𝑟
𝑆𝑂𝐼 ≈ 𝑎(

𝑚

𝑀
)

2
5
    [5.1] 

Where, 

 a is the semi-major axis of the spacecraft's orbit around the planet 

 m and M are the masses of the spacecraft and the planet, respectively. 
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 Table 11 below shows the radius of the planet's sphere of influence (RSOI) using 

the equation above in meters. 

Table 11 rSOI of planets 

Adapted form: (European Space Agency., 2020) 

Planet Semi Major Axis 

(m) 

Mass of planet 

(kg) 

Mass of Sun 

(kg) 

rSOI 

(m) 

 

Mercury 5.79E+07 3.30E+23 1.99E+30 1.12E+05 

Venus 1.08E+08 4.87E+24 1.99E+30 6.16E+05 

Earth 1.50E+08 5.97E+24 1.99E+30 9.24E+05 

Mars 2.28E+08 6.42E+23 1.99E+30 5.77E+05 

Jupiter 7.79E+08 1.90E+27 1.99E+30 4.82E+07 

Saturn 1.43E+09 5.68E+26 1.99E+30 5.48E+07 

  

The radius of the sphere of influence is calculated using the formula for 2011 UW158 

and 65803 Didymos: 

𝑟
𝑆𝑂𝐼 ≈ 𝑎(

𝑚
𝑀)

2
5
 

Where,  

 M is 1.989×1030 kg is the mass of Sun (kg),  

 m is the mass of the asteroid (kg),  

 a is the semi major axis of the spacecraft around the asteroid (m) 
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r
SOIUW158 ≈ 2.394∗1011∗(

3.9∗1012

1.989∗1030)
2
5
  [5.2] 

rSOIUW158 ≈ 19774 m = 19.774 km 

r
SOIDidymos ≈ 2.460287∗1011∗(

52.7∗109

1.989∗1030)
2
5
 [5.3] 

rSOIDidymos ≈ 3632 m = 3.6 km 

 

The radius of the sphere of influence for 2011 UW158 is 19.774 km, and 65803 

Didymos is 3.6 km. The rSOI for the Earth is 791000 m or 791 km. The rSOI of Earth 

is 46 times greater than the rSOI of the 2011 UW158 asteroid and 254 times greater 

than the rSOI of 65803 Didymos. The rSOI of Mars is 29 times greater than the rSOI of 

the 2011 UW158 asteroid and 159 times greater than the rSOI of 65803 Didymos. 

The patched-conic approximation offers an efficient method for developing 

interplanetary orbits. (Curtis, 2013) This is because partitioning the overall trajectory 

into a series of two-body orbits (the crux of this approximation) simplifies mission 

analysis. For instance, the initial part of an interplanetary departure may be 

approximated as a hyperbola with the departure planet at the focus. (Reppert T. R., 

2006, et al.)  
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Once the spacecraft leaves the planet's sphere of influence, the orbit may be 

approximated as an ellipse whose focus is on the Sun. And lastly, when the vehicle 

enters the target object’s sphere of influence, the trajectory may again be 

approximated as hyperbolic, with its focus now centered at the arrival planet. Thus, 

using the patched-conic approximation, it is possible to design a model to determine 

the Earth-to-asteroid transfer for gravity assist transfers and direct transfers. To 

develop the model, we shall assume: 

1. The sphere of influence (SOI) of planets are assumed negligible as 

compared to distances covered in an interplanetary travel 

2. All the orbital elements11 of the transfer orbits remain unchanged 

throughout the mission 

With the assumptions defined, the patched conics method determines the transfer 

orbit the spacecraft must follow to reach the target asteroid, as described in Figure 

10 and Figure 11. Based on the model, if the spacecraft departed from Earth at the 

initial transfer time (𝑡𝑜) and it arrived at the asteroid after a specific time of flight 

(TOF), then the arrival time (final transfer time) is given by 𝑡𝑓 = 𝑇𝑂𝐹 +  𝑡𝑜 and the 

total time of flight is given by TOF =   𝑡𝑓 −  𝑡𝑜.  

                                                   
11 Orbital elements can be defined as the six elements used to describe an orbit. They are Semi-Major Axis (a), Eccentricity (e), Inclination (i), 
Argument of Periapsis (ω), Time of Periapsis Passage (T), and Longitude of Ascending Node (Ω). 
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Since departure and arrival time frames are known, this allows the determination of 

the state vectors of the planet and the asteroid to the reference frame (Sun in this 

case). Then using lambert's problem,12  we can determine the initial (𝑉𝑜) and final 

(𝑉𝑓) velocities.  

 

 

 

 

 

 

 

 

 

                                                   
12 Lamberts problem is concerned with the determination of an orbit from two position vectors and the time of flight. 

Figure 10 Simplified model for interplanetary trajectories with 

gravity assist around Mars 
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Figure 11 Simplified model for direct transfer between Earth and asteroids 

 

Finally, with the help of the initial and final velocities computed, we can calculate 

the hyperbolic excess velocity (𝑉∞), namely, the velocity required by the spacecraft 

to exit the sphere of influence of the Earth and arrive at the sphere of influence of the 

asteroid for the mission, as illustrated hereafter. 

5.2 Hohmann Transfer Orbits 

An orbit is defined as the curved path that a spacecraft in space takes around another 

object (like a star, planet, Moon, asteroid) due to gravity. Upon launch, the spacecraft 

is usually placed in an orbit around Earth or sent on an interplanetary mission 

depending on the mission requirements to achieve Earth's energy-efficient orbit, 
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which requires the least amount of fuel or otherwise called a low inclination13 orbit. 

The spacecraft is usually launched in an eastward direction from a launch site near 

the Earth's equator. The advantage of such a launch site is that the Earth's rotational 

speed contributes to the spacecraft's final orbital speed. In the United States, 

the launch site is situated in Cape Canaveral. Launching a spacecraft in any other 

direction or from a launch site far from the equator results in an orbit of higher 

inclination. Such orbits are less likely to take advantage of the initial speed provided 

by the Earth's rotation. Thus, the launch vehicle must provide most of the energy 

required to attain orbital velocity. Although high inclination orbits are less energy 

efficient, they have advantages over equatorial orbits for specific applications.  

Hohmann transfer trajectories are elliptical orbits that enable transfer between two 

circular orbits of different radii around a central body (the Sun in our case) in the 

same plane (Williams, 2014). The Hohmann transfer often uses the lowest possible 

amount of propellant in traveling between these orbits (El Mabsout, 2009, et al.). We 

will therefore focus on such transfers in the thesis. A Hohmann transfer to a planet 

is achieved by launching a spacecraft and accelerating it in the direction of Earth's 

revolution around the Sun until it breaks free of the gravity and reaches the escape 

velocity (V∞), which places it in a solar orbit with an aphelion equal to the outer 

planet's orbit.  

                                                   
13 Orbital inclination measures the tilt of an object's orbit around a celestial body. It is expressed as the angle between a reference plane and 
the orbital plane.  
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On reaching its destination, the spacecraft must decelerate so that the planet's gravity 

can capture it into a planetary orbit  (Donegan, 2009, et al.). A common requirement 

for such missions is that the spacecraft should be inserted into an interplanetary 

trajectory at the correct time into the planet's orbit. The time interval in which a 

spacecraft must be launched to complete its mission is called a launch window, and 

the earliest appropriate launch windows for the asteroids considered in this thesis are 

shown in Table 12. 

Table 12 Launch Window 

Adapted from: (El Mabsout, 2009, et al.) 

 

                                                   
14 Time of flight 

 Closest Launch Windows 

Earth to 2011 UW158 June 29, 2022 (TOF14 = 475 days) 

Earth to 65803 Didymos October 27, 2022 (TOF = 590 days) 

Earth to Mars 

Mars to 2011 UW158 

September 20, 2022 (TOF = 259 days) 

June 10, 2023 (TOF = 364 days) 

Earth to Mars 

Mars to 65803 Didymos 

September 20, 2022 (TOF = 259 days) 

June 10, 2023 (TOF = 623 days) 
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5.3 Trajectory Equations Used 

This section presents the standard equations used to design the trajectory from Earth 

to the asteroid.  A detailed explanation can be found in the textbook by Curtis; we do 

not get into the details because these equations have been formalized and used for 

many decades. The orbital parameters used to describe the mission are defined 

below: 

 

 

 

 

 

 

 

Where, 

 h is the angular momentum 

 i is inclination 

 ω is Argument of Periapsis,   

 T is Time of Periapsis Passage 

Figure 12 Orbital elements  

(Curtis, 2013) 
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 Ω is Longitude of Ascending Node,   

 ra and rp, perigee and apogee radii 

 e is the eccentricity of the orbit 

 V(c) is the circular orbit velocity 

 V(r) is the radial velocity (is 0 at all times in a circular orbit) 

 V(p) is the perpendicular component of velocity 

 a is the semi-major axis  

 δ is turning angle 

 V∞ is excess velocity 

5.3.1 Transfer Orbit from Earth to 2011 UW158 with Mars Assist 

Earth, Mars, and Sun parameters 

µ𝑠𝑢𝑛 = 132712 ∗ 106 𝑘𝑚3/𝑠2                    𝑅𝑒 = 6378 𝑘𝑚 

µ𝑒𝑎𝑟𝑡ℎ = 3.986 ∗ 106 𝑘𝑚3/𝑠2                      𝑅𝑚 = 3396 𝑘𝑚 

             µ𝑚𝑎𝑟𝑠 = 4.2828 ∗ 104 𝑘𝑚3/𝑠2                       𝜃𝑒 = 00 

𝑅𝐸 = 1496 ∗ 105 𝑘𝑚                                       𝜃𝑚 = 1800 

𝑅𝑀 = 22792 ∗ 104 𝑘𝑚 
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Hyperbolic Transfer Orbit  

These are the equations used to perform the hyperbolic transfer from Earth's 

parking orbit to the transfer orbit between Earth and Mars. The periapsis and 

apoapsis15 radius of the Earth is calculated by adding the height Z to a radius 

of the Earth. (Curtis, 2013) 

𝑍𝑝𝐸 = 185 𝑘𝑚, the height of the periapsis. 

𝑍𝑎𝐸 = 35786 𝑘𝑚, the height of the apoapsis. 

𝑟𝑎 =  42164   (𝑘𝑚) 

𝑟𝑝 =  6563  (𝑘𝑚) 

The periapsis and apoapsis radius of the Earth's hyperbolic departure orbit is 

calculated as 6563 km and 42164 km. The eccentricity16 of the orbit for the 

hyperbolic planetary departure is calculated using the formula below: 

e = 
𝑟𝑎−𝑟𝑝 

𝑟𝑎+ 𝑟𝑝
   [5.4] 

                                                   
15 The periapsis is the point in the path of the orbit which is nearest to the body that it orbits, whereas apoapsis is the 

farthest point in the path of the orbit. 
16 Eccentricity of an orbit is a dimensionless parameter which determines the amount which its orbit around another body 

deviates from a perfect circle. 
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The semi-major axis (a) of the planetary departure orbit is the average of the 

periapsis and apoapsis radius, which is determined using the formula below: 

a = 0.5 (𝑟𝑎 + 𝑟𝑝)      (𝑘𝑚)  [5.5] 

The angular momentum (h) and departure velocity (Vp) of the spacecraft are 

calculated using the formulas below: 

h = √𝜇𝐸 ∗ 𝑎 ∗ 1 + 𝑒2   ( 𝑘𝑚2/𝑠) [5.6] 

𝑉𝑝 = 
𝜇𝐸

ℎ
∗ (1 + 𝑒 cos 𝜃𝑒)    (km/s)  [5.7] 

Earth to Mars Transfer Orbit 

𝑍𝑝= 3000 km 

𝑟𝑝𝑀 =  𝑍𝑝𝑀 +  𝑅𝑚        (𝑘𝑚)    [5.8]    (closest approach at Mars) 

The eccentricity and angular momentum for the transfer orbit between Earth 

and Mars is calculated using the equations below where 𝑅𝐸 is the distance of 

Earth from the Sun, 𝑅𝑀 is the distance of Mars from the Sun, 𝜃𝑒  is the true 

anomaly of Earth, and 𝜃𝑚 is the true anomaly of the mars: 

𝑒𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 =  
(𝑅𝑀−𝑅𝐸) 

(𝑅𝐸 cos 𝜃𝑒−𝑅𝑀 cos 𝜃𝑚) 
  [5.9] 

ℎ𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 =  √𝜇𝑠 ∗ 𝑅𝑀( 1 + 𝑒 cos 𝜃𝑚)          (𝑘𝑚2/𝑠)   [5.10] 
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The semi-major axis and period of the transfer orbit between Earth and 

Mars are calculated using the formulas below: 

𝑎𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 =  
ℎ𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟

2

𝜇𝑠 (1−𝑒2)
      ( 𝑘𝑚) [5.11] 

T = 
2𝜋

√µ𝑠𝑢𝑛
∗ 𝑎

𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟

3

2         (s)  [5.12] 

The parameters for transfer orbit from Earth to mars such as radial velocity 

(Vp), transverse velocity (Vr), escape velocity (𝑉∞ 𝐸) are calculated using the 

formulas below: 

𝑉𝑝 𝐸 = 
𝜇𝑠

ℎ𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟
∗ (1 + 𝑒𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 cos 𝜃𝑒)    ( km/s) [5.13] 

𝑉𝑟 𝐸 = 
𝜇𝑠

ℎ𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟
∗ (𝑒𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 Sin 𝜃𝑒)       ( km/s) [5.14] 

𝑉𝑐 𝐸 = √
𝜇𝑠

𝑅𝐸
       (km/s)                         [5.15] 

𝑉∞ 𝐸 =  √(𝑉𝑝 − 𝑉𝑐)2 −  𝑉𝑟
2     (km/s) [5.16] 

             𝐶3 =  𝑉∞
2       (km/s)                             [5.17] 

 

 

 

𝑉𝑐 𝐸 is the velocity of the Earth's circular orbit, and C3 is the hyperbolic excess 

velocity of the Earth's departure orbit. The parameters for transfer orbit from 

Earth transfer orbit 

parameters 
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Mars to 2011 UW158, such as radial velocity (𝑉𝑝 𝑀), transverse velocity 

(𝑉𝑟 𝑀), Mars circular orbit velocity (𝑉𝑐 𝑀), and Mars escape velocity (𝑉∞ 𝑀) 

are calculated using the formulas below: 

𝑉𝑝 𝑀 = 
𝜇𝑠

ℎ𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟
∗ (1 + 𝑒𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 cos 𝜃𝑚)    (km/s) [5.18] 

𝑉𝑟 𝑀 = 
𝜇𝑠

ℎ𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟
∗ (𝑒𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 Sin 𝜃𝑚)   (km/s)  [5.19] 

𝑉𝑐 𝑀 = √
𝜇𝑠

𝑅𝑀
    (km/s)   [5.20] 

𝑉∞ 𝑀 =  √(𝑉𝑝 − 𝑉𝑐)2 −  𝑉𝑟
2     (km/s)   [5.21] 

 

Time Taken to Transfer from Earth to Mars 

The transfer time was calculated to be nine months (259 days) from the 

MATLAB code added in the appendix of this thesis. The eccentric anomalies 

E1 and mean anomalies Me at the first point of intersection is calculated using 

the equation below: 

𝐸1 = 2 ∗ tan−1 ((
1−𝑒

1+𝑒
)

2

∗ tan(𝑉𝑟𝐸))    (𝑟𝑎𝑑)  [5.22] 

𝑀𝑒 = 𝐸1 − 𝑒𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 ∗ sin 𝐸1     ( 𝑟𝑎𝑑)           [5.23] 

Mars transfer orbit 

parameters 
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Where Vr is the transverse velocity of Earth, e is the eccentricity of Earth, 

etransfer is the eccentricity of the transfer orbit. The elapsed time at the first 

intersection point is calculated using the equation below: 

             Δ𝑡1 = 𝑇𝑡 ∗ (
𝑀𝑒1

2𝜋
)    (𝑠)    [5.24] 

The eccentric anomalies E2 and mean anomalies Me at the second point of 

intersection are calculated using the equations below: 

𝐸2 = 2 ∗ tan−1 ((
1−𝑒

1+𝑒
)

2

∗ tan(𝑉𝑟𝑀))    ( 𝑟𝑎𝑑)    [5.25] 

             𝑀𝑒 = 𝐸2 − 𝑒𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 ∗ sin 𝐸2     ( 𝑟𝑎𝑑)  [5.26] 

Where VrM is the transverse velocity of Mars, e is the eccentricity of mars, 

etransfer is the eccentricity of the transfer orbit. The elapsed time at the second 

intersection point is calculated using the equation below: 

            Δ𝑡2 = 𝑇𝑡 ∗ (
𝑀𝑒2

2𝜋
)    ( 𝑠)   [5.27] 

The eccentricity of the Mars arrival orbit and the transfer time is determined 

using the equations above. The total time of flight (TOF) taken from Earth's 

orbit to Mars orbit is computed using the equation below: 

            Δ𝑇 = Δ𝑡2 −  Δ𝑡1     (𝑑𝑎𝑦𝑠)   [5.28] 
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Earth Departure: 

The eccentricity (e) and angular momentum (h) of the hyperbolic departure 

orbit are calculated using the equations below: 

e = 1 + (
𝑟𝑝𝐸∗𝑉∞ 𝐸

2

µ𝐸
)    [5.29] 

h = 𝑟𝑝𝐸 ∗ √𝑉∞ 𝐸
2 +

2∗µ𝐸

𝑟𝑝𝐸
     (𝑘𝑚2/𝑠)  [5.30] 

rp is the periapsis radius of Earth. The radial velocity of the planet is 

calculated using the equation below: 

𝑉𝑝 =  
ℎ

𝑟𝑝𝐸
    (km/s) [5.31] 

Flyby Around Mars 

The escape velocity of Mars is calculated using the equation below: 

𝑉∞𝑀 = 𝑉𝑝𝑀 − 𝑉𝑐𝑀   (
𝑘𝑚

𝑠
)   [5.32] 

𝑉∞ = −𝑉𝑟𝑀     (
𝑘𝑚

𝑠
)   [5.33] 

Δ𝑉𝑡 = √𝑉∞𝑀2 + 𝑉∞
2         (

𝑘𝑚

𝑠
)  [5.34] 
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The true anomaly and eccentricity of the Mars flyby are calculated using the 

equation below: 

𝜙1 = atan (
𝑉∞

𝑉∞𝑀
)       (𝑟𝑎𝑑) [5.35] 

𝑒 = 1 +
𝑟𝑝𝑀∗𝑉∞

2 𝑀

𝜇𝑀
  [5.36] 

The turn angle and the arrival angle of the Mars flyby are determined using 

the equations below: 

𝛿 = 2 ∗ asin (
1

𝑒𝑚
)       (𝑟𝑎𝑑)  [5.37] 

𝜙2 = 𝜙1 + 𝛿          (𝑟𝑎𝑑)  [5.38] 

Post Flyby Velocity 

The radial velocity and the transverse velocity of the Mars flyby are 

determined using the equations below: 

𝑉𝑝 𝑀 =  𝑉𝑐𝑀 +  (𝑉∞ ∗ sin 𝜙2)       (
𝑘𝑚

𝑠
)   [5.39] 

𝑉𝑟 𝑀 =  𝑉∞ ∗ cos 𝜙2       (
𝑘𝑚

𝑠
)  [5. 40] 
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2011 UW158 Parameters Used 

µ𝑈𝑊158 = 30.96087609  𝑘𝑚3/𝑠2                    𝑅𝑈𝑊158 = 110 𝑘𝑚 

𝑅𝑈𝑊158 = 450000000 𝑘𝑚                              𝑍𝑈𝑊158 = 253.7298727 𝑘𝑚     

𝑟𝑝 =  𝑍𝑝𝑈𝑊158 +  𝑅𝑈𝑊158    (𝑘𝑚) [5.41] 

Mars to 2011 UW158 Transfer Orbit 

The angular momentum of the asteroid 2011 UW 158 is calculated using the 

formula below: 

ℎ𝑈𝑊158 =  𝑅𝑀 ∗ 𝑉𝑝𝑀     (𝑘𝑚2/𝑠) [5.42] 

𝑒 ∗ sin 𝜃 =
𝑉𝑟𝑀∗ℎ𝑈𝑊158

𝜇𝑆
   [5.43] 

The semi-major axis (a) and the eccentricity (e) of the asteroid 2011 

UW158 are calculated using the equations below: 

𝑒 ∗ cos 𝜃 =
ℎ𝑈𝑊158

2

𝜇𝑆∗𝑅𝑀
− 1  [5.44] 

𝑎𝑈𝑊158 =  
−𝜇𝑆

2
∗ ((

𝑉𝑝
2+𝑉𝑟

2

2
) −

𝜇𝑠

𝑅𝑀
)−1    ( 𝑘𝑚)  [5.45] 

𝑒𝑈𝑊158 =  √1 −
ℎ𝑈𝑊158

2

𝜇𝑆∗𝜇𝑈𝑊158
  [5.46] 
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The periapsis and the apoapsis radius of the asteroid 2011 UW158 can be 

calculated using the equations below: 

𝑟𝑝𝑈𝑊158 =  𝑎𝑈𝑊158 − 𝑎𝑈𝑊158 ∗ 𝑒       (km) [5.47] 

𝑟𝑎𝑈𝑊158 =  2 ∗ 𝑎𝑈𝑊158 ∗ 𝑒 + 𝑟𝑝       (km) [5.48] 

The time period of the asteroid 2011 UW158 is found using the formula: 

𝑇𝑈𝑊158 =  
2𝜋

√µ𝑠𝑢𝑛
∗  𝑎𝑈𝑊158

3

2   (s) [5.49] 

𝜃3 =  𝑎𝑈𝑊158𝑡𝑎𝑛 (
𝑒 𝑠𝑖𝑛 𝜃

𝑒 𝑐𝑜𝑠 𝜃
)       (𝑟𝑎𝑑)  [5.50] 

Where, 𝜃3 it is the true anomaly of the asteroid 2011 UW158. This new 

orbit intersects with the 2011 UW158 orbit at an angle, 

𝜃4 = cos−1 ((
1

𝑒𝑈𝑊158
) ∗ ((

ℎ𝑈𝑊158
2

𝜇𝑆∗𝑅𝑈𝑊158
) − 1))        (𝑟𝑎𝑑) [5.51] 

 

Mars to 2011 UW158 Transfer Orbit Velocity Parameters 

The radial velocity and transverse velocity for the transfer orbit from Mars 

to asteroid 2011 UW158 are determined using the equations below: 

𝑉𝑝𝑀 =
𝜇𝑆

ℎ
(1 + 𝑒 ∗ cos 𝜃3)         (

𝑘𝑚

𝑠
)  [5.52] 
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𝑉𝑟𝑀 =
𝜇𝑆

ℎ
∗ 𝑒 ∗ sin 𝜃3          (

𝑘𝑚

𝑠
) [5.53] 

𝑉𝑐𝑀 = √
𝜇𝑆

𝑅𝐸
             (

𝑘𝑚

𝑠
) [5.54] 

 The escape velocity of Mars is calculated using the formula below: 

𝑉∞𝑀 = √( 𝑉𝑝𝑀 − 𝑉𝑐𝑀)
2

+ 𝑉𝑟
2          (

𝑘𝑚

𝑠
) [5.55] 

𝑉𝑝𝑈𝑊158 =
𝜇𝑆

ℎ
(1 + 𝑒 ∗ cos 𝜃4)         (

𝑘𝑚

𝑠
) [5.56] 

Where Vp is the radial velocity, and Vr is the transverse velocity of the 

asteroid 2011 UW158. 

𝑉𝑟𝑈𝑊158 =
𝜇𝑆

ℎ
∗ 𝑒 ∗ sin 𝜃4          (

𝑘𝑚

𝑠
)  [5.57] 

𝑉𝑐𝑈𝑊158 = √
𝜇𝑆

𝑅𝑈𝑊158
        (

𝑘𝑚

𝑠
) [5.58] 

𝑉∞𝑈𝑊158 = √(𝑉𝑝𝑈𝑊158 − 𝑉𝑐𝑈𝑊158)
2

+ 𝑉𝑟𝑈𝑊1582            (
𝑘𝑚

𝑠
) [5.59] 

Where V∞ is the velocity required to escape the gravitational pull of the 

asteroid. 

 

 



 

 

65 
 

Time Taken to Transfer from Mars to 2011 UW158 

E3 is the eccentricity anomalies, and Me is the mean anomalies of the 

hyperbolic departure orbit from Mars to 2011 UW158. 

𝐸3 = 2 ∗ tan−1 ((
1−𝑒𝑈𝑊158

1+𝑒𝑈𝑊158
)

2

∗ tan(𝑉𝑟𝑀))     (𝑟𝑎𝑑)  [5.60] 

𝑀𝑒 = 𝐸3 − 𝑒𝑈𝑊158 ∗ sin 𝐸3         (𝑟𝑎𝑑)  [5.61] 

eUW158 is the eccentricity of the asteroid 2011 UW 158. The elapsed time of 

the spacecraft's departure from Mars is calculated using the equation below: 

             Δ𝑡3 = 𝑇𝑡 ∗ (
𝑀𝑒

2𝜋
)   (𝑠)  [5.62] 

E4 is the eccentricity anomalies, and Me is the mean anomalies of the 

heliocentric arrival orbit from Mars to 2011 UW158. 

𝐸4 = 2 ∗ tan−1 ((
1−𝑒𝑈𝑊158

1+𝑒𝑈𝑊158
)

2

∗ tan(𝑉𝑟𝐶))        (𝑟𝑎𝑑)  [5.63] 

𝑀𝑒 = 𝐸4 − 𝑒𝑈𝑊158 ∗ sin 𝐸4          (𝑟𝑎𝑑) [5.64] 

The elapsed time of the spacecraft's arrival on 2011 UW 158 is calculated 

using the equation below: 

            Δ𝑡4 = 𝑇𝑡 ∗ (
𝑀𝑒4

2𝜋
)       (𝑠) [5.65] 
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The total time of flight (TOF) from Mars to the 2011 UW158 asteroid is 

calculated using the equation below: 

Δ𝑇 = Δ𝑡4 − Δ𝑡3    (𝑑𝑎𝑦𝑠) [5.66] 

2011 UW158 Arrival Parameters 

The escape velocity of the 2011 UW158 is calculated using the equation 

below: 

𝑉∞𝑈𝑊158 = 𝑉𝑝𝑈𝑊158 − 𝑉𝑐𝑈𝑊158         (
𝑘𝑚

𝑠
) [5.67] 

𝑉∞𝑈𝑊158 = −𝑉𝑟𝑈𝑊158              (
𝑘𝑚

𝑠
) [5.68] 

The true anomaly of the arrival on 2011 UW158 is calculated using the 

equation below: 

𝜙1 = atan (
𝑉∞𝑈𝑊158

𝑉∞𝑈𝑊158
)        (𝑟𝑎𝑑) [5.69] 

𝑒 = 1 +
𝑟𝑝𝑈𝑊158∗𝑣∞𝑈𝑊158

2

𝜇𝑈𝑊158
   [5.70] 

 

𝛿2 = 2 ∗ asin (
1

𝑒𝑈𝑊158
)       (𝑟𝑎𝑑) [5.71] 

 

The angle of arrival is calculated using the formula below: 

 

             𝜙2 = 𝜙1 + 𝛿2             (𝑟𝑎𝑑) [5.72] 
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Orbital Insertion to Asteroid 2011 UW158: 

After a Hohmann transfer from Mars, the hyperbolic excess velocity is 

computed using the equation below: 

𝑣∞ =  √
𝜇𝑠𝑢𝑛

𝑅𝑈𝑊158
(1 −  √

2𝑅𝑀𝑎𝑟𝑠

𝑅𝑈𝑊158+𝑅𝑀𝑎𝑟𝑠
) (km/s) [5.73] 

The semi-major axis (a) and the eccentricity (e) of the orbital insertion for 

2011 UW158 are calculated using the formulas below: 

𝑎 =  (
𝑇√𝜇𝑈𝑊158

2𝜋
)

2

3
 (km) [5.74] 

𝑒 =
2𝜇𝑈𝑊158

𝑎𝑣∞
2 − 1  [5.75] 

Once the semi-major axis and the eccentricity are calculated, the delta-V 

required to place the spacecraft in the asteroid's orbit can be calculated using 

the equation below: 

Δ𝑣 =  𝑣∞√
1−𝑒

2
  (km/s) [5.76] 

It is possible to repeat the same calculations and procedure for the asteroid 

65803 Didymos to obtain the delta-V and transfer time from Earth to 65803 

Didymos with Mars Assist.  
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These are not explicitly shown since the procedure is very similar, with only the 

orbital parameters and characteristics (e.g., radius) of 65803 Didymos being 

substituted for 2011 UW158. 

5.3.2 Direct Transfer Orbit from Earth to 65803 Didymos 

Earth, 65803 Didymos, and Sun parameters 

µ𝑠𝑢𝑛 = 132712 ∗ 106 𝑘𝑚3/𝑠2                    𝑅𝑒 = 6378 𝑘𝑚 

µ𝑒𝑎𝑟𝑡ℎ = 3.986 ∗ 106 𝑘𝑚3/𝑠2                      𝑅𝑑 = 390 𝑚 

             µ𝑑 = 35 𝑘𝑚3/𝑠2                         𝜃𝑒 = 00 

𝑅𝐸 = 1496 ∗ 105 𝑘𝑚                                       𝜃𝑑 = 1800 

𝑅𝑑 = 2.45939 ∗ 108 𝑘𝑚 

Hyperbolic Transfer Orbit  

These are the equations used to perform the hyperbolic transfer from Earth's 

parking orbit to the transfer orbit between Earth and 65803 Didymos. The 

periapsis and apoapsis17 radius of the Earth is calculated by adding the height 

Z to a radius of the Earth.  

                                                   
17 The periapsis is the point in the path of the orbit which is nearest to the body that it orbits, whereas apoapsis is the farthest point in the 
path of the orbit. 
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𝑍𝑝𝐸 = 185 𝑘𝑚, the height of the periapsis. 

𝑍𝑎𝐸 = 35786 𝑘𝑚, the height of the apoapsis. 

𝑟𝑎 =  𝑍𝑎𝐸 +  𝑅𝑒 = 35786 + 6378 = 42164   (𝑘𝑚) [5.77] 

𝑟𝑝 =  𝑍𝑝𝐸 +  𝑅𝑒 = 185 + 6378 = 6563  (𝑘𝑚) [5.78] 

The periapsis and apoapsis radius of the Earth's hyperbolic departure orbit is 

calculated as 6563 km and 42164 km. The eccentricity18 of the orbit for the 

hyperbolic planetary departure is calculated using the formula below: 

e = 
𝑟𝑎−𝑟𝑝 

𝑟𝑎+ 𝑟𝑝
  [5.79] 

The semi-major axis of the planetary departure orbit is the average of the 

periapsis and apoapsis radius, which is calculated using the formula below: 

a = 0.5 (𝑟𝑎 + 𝑟𝑝)      (𝑘𝑚) [5.80] 

The angular momentum (h) and the departure velocity (Vp) of the spacecraft 

are calculated using the formulas below: 

h = √𝜇𝐸 ∗ 𝑎 ∗ 1 + 𝑒2   ( 𝑘𝑚2/𝑠) [5.81] 

                                                   
18 Eccentricity of an orbit is a dimensionless parameter which determines the amount  which its orbit around another body deviates from a 
perfect circle. 
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𝑉𝑝 = 
𝜇𝐸

ℎ
∗ (1 + 𝑒 cos 𝜃𝑒)    (km/s) [5.82] 

Earth to 65803 Didymos Transfer Orbit 

𝑍𝑝= 180 m 

𝑟𝑝𝑀 =  𝑍𝑝𝐷 +  𝑅𝑑         (𝑘𝑚)    [5.83]       (closest approach at 65803 

Didymos) 

The eccentricity and the angular momentum for the transfer orbit from Earth 

and 65803 Didymos are calculated using the equations below where 𝑅𝐸 is the 

distance of Earth from the Sun, 𝑅𝑑 is the distance of 65803 Didymos from 

the Sun, 𝜃𝑒  is the true anomaly of Earth, and 𝜃𝑑  is the true anomaly of the 

65803 Didymos: 

𝑒𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 =  
(𝑅𝑑−𝑅𝐸) 

(𝑅𝐸 cos 𝜃𝑒−𝑅𝑑 cos 𝜃𝑑) 
  [5.84] 

ℎ𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 =  √𝜇𝑠 ∗ 𝑅𝑑( 1 + 𝑒 cos 𝜃𝑑)          (𝑘𝑚2/𝑠)  [5.85] 

The semi-major axis and period of the transfer orbit between Earth and 65803 

Didymos are calculated using the formulas below: 

𝑎𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 =  
ℎ𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟

2

𝜇𝑠 (1−𝑒2)
      ( 𝑘𝑚) [5.86] 
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T = 
2𝜋

√µ𝑠𝑢𝑛
∗ 𝑎

𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟

3

2         (s) [5.87] 

The parameters for transfer orbit from Earth to Mars such as radial velocity 

(Vp), transverse velocity (Vr), escape velocity (𝑉∞ 𝐸) are calculated using the 

formulas below: 

𝑉𝑝 𝐸 = 
𝜇𝑠

ℎ𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟
∗ (1 + 𝑒𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 cos 𝜃𝑒)    ( km/s) [5.88] 

𝑉𝑟 𝐸 = 
𝜇𝑠

ℎ𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟
∗ (𝑒𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 Sin 𝜃𝑒)       ( km/s) [5.89] 

𝑉𝑐 𝐸 = √
𝜇𝑠

𝑅𝐸
       (km/s) [5.90] 

𝑉∞ 𝐸 =  √(𝑉𝑝 − 𝑉𝑐)2 −  𝑉𝑟
2     (km/s) [5.91] 

             𝐶3 =  𝑉∞
2       (km/s) [5.92] 

 

 

Time Taken to Transfer from Earth to 65803 Didymos 

The transfer time was calculated to be nine months (277.7 days) from the 

MATLAB code added in the appendix of this thesis. The eccentric anomalies 

E1 and mean anomalies Me at the first point of intersection are calculated 

using the equations below: 

Earth transfer orbit 

parameters 
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𝐸1 = 2 ∗ tan−1 ((
1−𝑒

1+𝑒
)

2

∗ tan(𝑉𝑟𝐸))    (𝑟𝑎𝑑) [5.93] 

𝑀𝑒 = 𝐸1 − 𝑒𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 ∗ sin 𝐸1     ( 𝑟𝑎𝑑) [5.94] 

Where Vr is the transverse velocity of Earth, e is the eccentricity of Earth, 

etransfer is the eccentricity of the transfer orbit. The elapsed time at the first 

intersection point is calculated using the equation below: 

             Δ𝑡1 = 𝑇𝑡 ∗ (
𝑀𝑒1

2𝜋
)    (𝑠) [5.95] 

The eccentric anomalies E2 and mean anomalies Me at the second point of 

intersection is calculated using the equation below: 

𝐸2 = 2 ∗ tan−1 ((
1−𝑒

1+𝑒
)

2

∗ tan(𝑉𝑟𝑀))    ( 𝑟𝑎𝑑) [5.96] 

             𝑀𝑒 = 𝐸2 − 𝑒𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 ∗ sin 𝐸2     ( 𝑟𝑎𝑑) [5.97] 

Where VrD is the transverse velocity of 65803 Didymos, e is the eccentricity 

of 65803 Didymos, etransfer is the eccentricity of the transfer orbit. The elapsed 

time at the second intersection point is calculated using the equation below: 

            Δ𝑡2 = 𝑇𝑡 ∗ (
𝑀𝑒2

2𝜋
)    ( 𝑠) [5.98] 

The total time taken from Earth's orbit to 65803 Didymos orbit is calculated 

using the equation below: 
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            Δ𝑇 = Δ𝑡2 −  Δ𝑡1     (𝑑𝑎𝑦𝑠) [5.99] 

Earth Departure: 

The eccentricity (e) and the angular momentum (h) of the hyperbolic 

departure orbit are calculated using the equations below: 

e = 1 + (
𝑟𝑝𝐸∗𝑉∞ 𝐸

2

µ𝐸
) [5.100] 

h = 𝑟𝑝𝐸 ∗ √𝑉∞ 𝐸2 +
2∗µ𝐸

𝑟𝑝𝐸
     (𝑘𝑚2/𝑠) [5.101] 

rp is the periapsis radius of Earth. The radial velocity of the planet is 

calculated using the equation below: 

𝑉𝑝 =  
ℎ

𝑟𝑝𝐸
    (km/s) [5.102] 

Orbital Insertion to Asteroid 65803 Didymos: 

After a Hohmann transfer from Mars, the hyperbolic excess speed is found 

using the equation below: 

𝑣∞ =  √
𝜇𝑠𝑢𝑛

𝑅𝑑
(1 − √

2𝑅𝐸𝑎𝑟𝑡ℎ

𝑅𝑑+𝑅𝐸𝑎𝑟𝑡ℎ
) (km/s) [5.103] 

The semi-major axis (a) and the eccentricity (e) of the orbital insertion for 

65803 Didymos are calculated using the formulas below: 
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𝑎 =  (
𝑇√𝜇𝑑

2𝜋
)

2

3
 (km) [5.104] 

𝑒 =
2𝜇𝑑

𝑎𝑣∞
2 − 1  [5.105] 

Once the semi-major axis and eccentricity are calculated, the delta-V required 

to place the spacecraft in the asteroid's orbit can be calculated using the 

equation below: 

Δ𝑣 =  𝑣∞√
1−𝑒

2
 (km/s)  [5.106] 

The same steps elucidated above were repeated with the parameters of the asteroid 

2011 UW158 to obtain the delta-V and transfer time from Earth to 2011 UW158 for 

direct transfer. The explicit formulae are not shown since the only difference is that 

the parameters for 65803 Didymos must be replaced with that of 2011 UW158, with 

the rest of the analysis staying the same. 

We will now discuss a few points alluded to earlier that necessitate either additional 

calculations or clarifications. 
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5.4 Earth Departure 

As mentioned in Figure 10 and Figure 11, using patched-conics approximation, the 

spacecraft departs from Earth's sphere of influence via a hyperbolic transfer from its 

parking orbit given by 185 km x 35786 km and then arrives at Mars (in case of the 

trajectory using gravity assist) or at the target near-Earth asteroid (in case of direct 

transfer) post-cruise, which is defined by the second conic. This starting point is the 

same in all instances. 

5.5 Determination of Flyby Altitude 

As previously mentioned, for the spacecraft to perform a gravity assist maneuver, it 

has to enter the sphere of influence of that planet (Mars in our case). Furthermore, 

the gravity assist must be performed with utmost care to prevent the spacecraft from 

crashing onto the planet's surface while simultaneously enabling the spacecraft to 

benefit from the gravity assist. To perform the maneuver successfully, limits have 

been imposed on the minimum and maximum flyby altitudes. Based on previous 

missions, an upper and lower bound has been set (viz., the maximum and minimum 

altitudes) to safely perform a gravity assist. The lowest altitude that a spacecraft took 

so far was 250 km (Albee, 1998, et al.). The upper bound for the flyby was 

determined to be 40,000 km based on the most recent missions sent to study Mars. 

(Longuski, 2006) If one uses the rotation period of Mars, it is feasible to calculate 

the appropriate flyby height by using Kepler’s Third Law, as shown hereafter. Using 

Kepler's equation, the flyby height for this mission was estimated to be 17005.8 km.  
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Table 13 Mars Flyby Height 

Planet Time 

Period 

(s) 

Mass of 

Planet 

(kg) 

Gravitational 

Constant 

(m3/kg s) 

Radius 

(m) 

Distance from 

center of the 

planet to 

spacecraft (m) 

Height of 

Parking 

Orbit (m) 

Mars  88646.4 6.39E+23 6.67E-11 3389500 20395282.3 17005782.3 

 

Rotational time period of Mars is taken as 1.026 Earth days. 

Time Period of Mars (T) = 1.026 Earth days = 1.026 *24 * 86400 = 88646.4 s 

M (Mars) = 6.39 ∗ 1023 𝑘𝑔 

G = 6.67 ∗ 10−11 𝑚3𝑘𝑔−1𝑠−1 

Radius = 3389500 m  

𝐿 =  (
𝐺∗𝑀∗𝑇2

4𝜋2
)

1/3

 = (
6.67∗10−11∗6.39∗1023∗88646.42

4𝜋2
)

1/3

= 20395282.3 m 

 Where L is the distance from the center of the asteroid to the spacecraft (m) 

 R is the planet's radius (m) 

 G is the gravitational constant (𝑚3𝑘𝑔−1𝑠−1) 

Therefore, the height H is  

H = L – R = 20395282.3 – 3389500 = 17005782.3 m = 17005.8 km 

With this additional calculation and discussion out of the way, we will now present 

the various trajectories associated with the mission.  
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5.6 Varying Trajectory Designs for Direct Transfer and Gravity Assist 

transfer to 2011 UW158 and 68503 Didymos. 

5.6.1 Direct Transfer 

1) For direct transfer from Earth to 2011 UW158 

Figure 13 Direct transfer from Earth to 2011 UW158 

 

Figure 13 depicts the direct transfer from Earth to 2011 UW 158 without mars assist. 

The total delta-V for this transfer is 7.3535 km/s, and the time of flight (TOF) is 518 

days. The blue line is the Earth's orbit around the Sun, the yellow line depicts the 

Mars orbit, and the red line is the orbit of 2011 UW158 in our solar system. The 

green dashed line represents the transfer of ARION 33 from Earth's orbit to 2011 
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UW158. This mission is to place the spacecraft in 2011 UW158 orbit with an orbital 

period of 24 hours for two years.  

 

Figure 14 Direct Transfer from Earth to 65803 Didymos 

 

Figure 14 depicts the direct transfer from Earth to 68503 Didymos without gravity 

assist. The total delta-V for this transfer is 5.2076 km/s, and the time of flight is 277 

days. The blue line is the Earth's orbit around the Sun, the yellow line depicts the 

Mar's orbit, and the red line is the orbit of 65803 Didymos. The green dashed line 

represents the transfer of ARION 33 from Earth's orbit to 65803 Didymos. This 

mission is to place the spacecraft in 65803 Didymos's orbit with an orbital period of 

24 hours for two years.  
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5.6.2 Gravity Assist Transfer (via Mars) 

In this section, trajectories to 2011 UW158 and 65803 Didymos are analyzed with 

the inclusion of a gravity assist around Mars. 

 

Figure 15 Earth to 2011 UW158 transfer with Mars assist 
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Figure 16 Earth to Mars transfer 

 

 

Figure 17  Mars to 2011 UW158 transfer 
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Figure 18 Hyperbolic Earth departure  

 

Figure 16 depicts the transfer of spacecraft ARION 33 from Earth to Mars. The delta-

V for this transfer is 0.7289 km/s. Figure 17 shows the transfer of spacecraft from 

Mars to 2011 UW 158, and the delta-V for this transfer is 1.3767 km/s.  Figure 18 

shows the departure of the spacecraft from Earth to Mars orbit with a hyperbolic 

excess velocity, and the delta-V for this departure is 3.6145 km/s. The total delta-V 

for this transfer is 5.7201 km/s, and the time of flight is 881 days. Figure 15 shows 

the overall path of ARION 33 from Earth's orbit to 2011 UW 158 with Mars assist. 

This mission is to place the spacecraft in 2011 UW158 orbit with an orbital period 

of 24 hours for two years.  
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Therefore, we see that relying on the gravity assist from Mars reduces delta-V 

compared to the direct transfer for 2011 UW 158, but the total time of flight (TOF) 

is longer. Thus, we are confronted with an intriguing tradeoff between delta-V and 

TOF for these two trajectories. Typically, as conserving fuel is more important 

(which amounts to lower delta-V), the gravity assist may be rendered more 

advantageous. 

 

 

Figure 19 Earth to 65803 Didymos transfer with Mars assist 
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Figure 20 Earth to Mars transfer 

 

 

Figure 21 Mars to 68503 Didymos transfer 
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Figure 22  Hyperbolic Earth departure  

 

Figure 20 depicts the transfer of spacecraft ARION 33 from Earth to Mars. The delta-

V for this transfer is 2.4895 km/s. Figure 21 shows the transfer of spacecraft from 

Mars to 68503 Didymos, and the delta-V for this transfer is 0.2149 km/s.  Figure 22 

shows the departure of the spacecraft from Earth to Mars orbit with a hyperbolic 

excess velocity of 3.6145 km/s. The total delta-V for this transfer is 6.3189 km/s, and 

the time of flight is 623 days. Figure 19 shows the overall path of ARION 33 from 

Earth's orbit to 68503 Didymos with Mars assist. This mission is to place the 

spacecraft in 65803 Didymos's orbit with an orbital period of 24 hours for two years. 

If we compare the values for the gravity assist scenario with the direct transfer case 

for 65803 Didymos, we find that the total time of flight (TOF) and the delta-V are 
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lower for the direct transfer. Hence, for this asteroid, the direct transfer appears to be 

unambiguously preferred over the gravity assist. 

Table 14 Comparison of Trajectories between Mars Assist and Direct Transfer 

  Earth to 

65803 

Didymos 

Earth to 

2011 

UW158 

Earth to 

65803 

Didymos 

(Mars Assist) 

Earth to 2011 

UW158 (Mars 

Assist) 

Delta V1 (km/s) 3.7 5.1 3.6 3.6 

Delta V2 (km/s) 1.4 2.2 2.4 0.7 

Delta V3 (km/s) 0 0 0.2 1.3 

C3 (km/s) 11.7 44.9 8.8 22.1 

VinfEarth (V∞) (km/s) 3.4 6.7 2.9 2.9 

Delta V (km/s) 5.2 7.3 6.3 5.7 

Total Transfer Time (s) 23985000 44765000 53815000 76181000 

Total Transfer Time 

(Days) 

277.6 518.1 623 881.7 

 

Table 14 shows the comparison between Mars assist and direct transfer to near-Earth 

asteroids 2011 UW158 and 68503 Didymos. VinfEarth (V∞) is the velocity required 

to depart Earth towards the asteroid or planet. Comparing the Mars assist, and direct 

transfer data shows that the direct transfer to near-Earth asteroids 65803 Didymos or 

2011 UW 158 is less time-consuming and efficient. 
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Table 15 Asteroid's Gravity and Height of Parking Orbit 

Asteroid Time 

Period 

(s) 

Mass of 

Asteroid 

(kg) 

Gravitational 

Constant 

(m
3
/Kg s) 

Radius 

(m) 

Distance from 

center of 

asteroid to 

spacecraft (m) 

Height of 

Parking 

Orbit (m) 

65803 

Didymos 

8.64E+04 5.27E+7 6.67E-11 390 872.7 482.7 

2011 

UW158 

8.64E+04 2.91E+10 6.67E-11 110 715.9 605.9 

 

As seen from the calculations in Chapter 3, due to low gravity on the target asteroids, 

the spacecraft will require to have on-board thrusters to maintain a constant speed at 

the calculated altitude above the asteroid. In Table 15, the altitude (height above the 

surface) of the parking orbit for each selected asteroid is depicted assuming an orbital 

period of 24 hours; the relevant calculations were shown in Chapter 3. The parking 

orbit for the 65803 Didymos asteroid is 482.7 m and 2011 UW158 is 605.9 m.  
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Chapter 6 
Rocket Propulsion 

6.1 Rocket Propulsion 

We know the payload instrumentation required from Chapter 4 and the trajectories 

employed by the spacecraft to arrive at its target from Chapter 5. The latter is 

essential since we also calculated the necessary delta-V. Now, we will briefly discuss 

the types of propulsion systems that can be used for spacecraft. This information, 

along with Chapters 4 and 5, will enable us to calculate the spacecraft's final mass 

and power requirements. 

6.1.1 Chemical Rocket 

Chemical rockets are designed to work on the principle of heating gas through a 

chemical reaction. After which, the gas is expanded through the nozzle. Propellants 

can be defined as chemical mixture used to produce thrust in launchers and consists 

mainly of a fuel and an oxidizer. The fuel combines with the oxidizer to generate 

thrust for propulsion. Chemical propellants generally deliver an Isp19 ranging 

between 175 to 300 sec reaching up to 400 sec (Frem, 2018). Most energetic values 

of specific impulses are obtained from two main chemical propellant characteristics. 

(i) They should have large heat of combustion to generate high temperature, and (ii) 

should produce combustion products with low (molecular) weight containing 

                                                   
19 Isp/specific impulse indicates how much thrust is obtained by the consumption of one pound (or kilogram) of propellant in one second. It is 
a measure of how efficiently a reaction mass engine creates thrust. A system with higher Isp has higher efficiency.  
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elements as hydrogen (the lightest), carbon, oxygen, fluorine, and the lighter metals 

(aluminum, beryllium, lithium). Another factor to consider is the density of a 

propellant (Sutton, 2016, et al.). Chemical rockets can be classified into three major 

categories based on the following propellant types: (1) solid propellant, (2) liquid 

propellant (monopropellant and bipropellant), and (3) hybrid. 

We will restrict ourselves to describing liquid bi-propellant rockets since they are 

widely employed, are endowed with high Isp, and will therefore be chosen as our 

propulsion system hereafter. We will contrast this chemical rocket with a futuristic 

scenario based on plasma propulsion shortly hereafter, just for the sake of illustrating 

how advances in the future may lower the cost and mass of spacecraft and stimulate 

space exploration. 

6.1.1.1 Liquid Bi-propellant Rockets 

 

 

 

 

Figure 23 Schematic of a liquid bipropellant rocket 

(NASA, Liquid Rocket Engine, 2021) 
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As seen in Figure 23, liquid propellants have separate storage tanks, one for the fuel 

and one for the oxidizer. They also have pumps, a combustion chamber, and a nozzle. 

The fuel of a liquid-propellant rocket is usually kerosene or liquid hydrogen; the 

oxidizer is usually liquid oxygen combined inside a cavity called the combustion 

chamber ignited by a spark.  

To mix and spray the propellants, small injectors (nozzles) are present on the roof of 

the chamber. Because the chamber operates under high pressures, the propellants 

need to be forced inside. High-pressure turbopumps (highlighted in blue and red in 

the figure above) provide the oxidizer and fuel to the combustion chamber. Here the 

propellants burn and build up high temperatures and pressures, and the expanding 

gas escapes through the nozzle providing an exhaust velocity between 3.6 to 4.4 km/s 

(Ernst, 2014). Advantages of liquid propellant rockets include the highest energy per 

unit of fuel mass, variable thrust, and a restart capability. Raw materials, such as 

oxygen and hydrogen, are in abundant supply and relatively easy to manufacture. 

Disadvantages of liquid propellant rockets include requirements for complex storage 

containers, precise fuel and oxidizer injection metering, high speed/high capacity 

pumps, and difficulty in storing fueled rockets. The table below shows the commonly 

used fuel and oxidizer combinations used for various rockets. 
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FUEL OXIDIZER USED IN 

Liquid H2 (LH2) Liquid O2 (LOX) Space shuttle main engine, 

Saturn V upper stage, 

Ariane 5 (Stage 2) 

 

Kerosene Liquid O2 (LOX) Atlas, Delta, Titan (stage 

1) rockets 

Aerozine 50 (A 50) Dinitrogen tetroxide 

(N2O4) 

Lunar module, Voyager 1 

and 2 

Mono-methylhydrazine 

(CH3(NH)NH2)  

Dinitrogen tetroxide 

(N2O4) 

Space shuttle orbital 

maneuvering system 

Table 16 Bi- propellant Currently Used in Rockets  

Adapted from: (Ernst, 2014) 
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6.2.2 Electric Rockets 

 Electric rockets are designed to work by using onboard electrical power to accelerate 

plasma and generate thrust. There are three major types of electric propulsion, which 

are electrothermal, electrostatic, electromagnetic. These systems achieve a specific 

impulse of 1500 s - 3200 s (Lingam, 2021, et al.). The figure below shows how the 

various electric propulsion systems stack up against each other and chemical 

propulsion. 

 

Figure 24 Range of thrust and Isp for different propulsion systems 

(Khatry, 2018, et al.) 
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6.2.2.1 VASIMR 

We will focus on just one system, which is a specific instance of electrothermal 

propulsion. The Variable Specific Impulse Magnetoplasma Rocket (VASIMR) 

engine uses a gas such as argon, xenon, or hydrogen is injected into a tube surrounded 

by a magnet and a series of two electromagnetic (RF) generators as shown in the 

figure below. 

 

Figure 25 Schematic of VASIMR thruster  

(Sheth, 2012) 

 

The primary purpose of the first RF coupler is to convert gas into plasma by ionizing 

the gas. This section is identified as the helicon section, as its coupler is shaped to 

ionize gas by producing helical waves. After the helicon section, the gas is now cold 
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plasma, even though the temperature is now greater than the surface of the Sun (5778 

K). The plasma is a mixture of electrons and ions.  

The newly formed electrons and ions carry a charge and may be contained by a 

magnetic field shielding the rocket core from the plasma. The second coupler is 

called the Ion Cyclotron Heating (ICH) section. ICH is a technique used to heat 

plasma to temperatures on the order of those in the Sun's core (15 million K). The 

ICH waves push only on the ions as they orbit around the magnetic field lines 

resulting in accelerated motion and higher temperature. The thermal motion of ions 

around the magnetic field lines is primarily perpendicular to the rocket's direction of 

travel and must be converted into a directed flow to produce thrust. In this way, the 

engine has no physical material electrodes in contact with the plasma. 

The lack of electrodes results in greater reliability, longer life and enables a much 

higher power density than competing ion thruster. The rocket uses a magnetic nozzle 

to convert the ion's orbital motion into useful linear momentum resulting in ion 

speeds on the order of 180,000 km/hr (112,000 mph). The specific impulse (Isp) of 

such a thruster ranges between 4000 s to 30000 s. (Sheth, 2012) These thrusters can 

more widely vary their exhaust parameters like thrust and specific impulse to 

optimize mission requirements resulting in the lowest trip duration with the highest 

delivered payload for a given fuel load. 
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Furthermore, the engine can process a large amount of power, which can then 

generate larger amounts of thrust. This makes the engine helpful in moving large 

payloads around low Earth orbit, transferring payloads from the Earth to the Moon, 

and transferring payloads from the Earth to the outer solar system. (Ilin, 2011, et al.) 

For this thesis, we will analyze the use of chemical rockets (a conservative choice) 

and VASIMR (an optimistic option) to show how the mission parameters such as 

mass, power, and cost are altered accordingly.  

6.3. Comparison of Properties between VASIMR and Chemical 

Propulsion Rockets 

Table 17 VASIMR Properties 

Adapted from: (Sheth, 2012) 

Properties Value 

Exhaust Velocity (km/s) 49 

Specific Impulse (ISP) (s) 5000 

 

Table 18 Advantages and Disadvantages of VASMIR Rocket 

Adapted from: (Sheth, 2012) 

Advantages Disadvantages 

High exhaust velocity and high 

propellant efficiency 
Requires high electrical power to 

generate thrust 

Maximum long-term durability Generates waste heat that needs to be 

disposed 

No complex or moving parts Hot plasma generates magnetic fields 

which can produce unwanted torque. 
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Table 19 Chemical Propellant Rocket Properties 

Adapted from: (Frem, 2018) 

Properties Value 

Exhaust Velocity (km/s) 3.43 

Specific Impulse (ISP) (s) 350 

 

 

Table 20 Advantages and Disadvantages of Chemical Propellant Rocket 

Adapted from: (Frem, 2018) 

Advantages Disadvantages 

Simple and reliable design Low specific impulse (ISP) 

Flight heritage  Low exhaust speeds 

Low contamination of exhaust gases  

 

The advantages and disadvantages of chemical propulsion (Table 19 and Table 20) 

and VASIMIR (Table 17 and Table 18) are shown above. While we shall primarily 

emphasize the former due to its well-established heritage, it is apparent that the latter 

has significant benefits for future missions. 
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Chapter 7 
Determination of Mass Ratios 

7.1 Derivation of the Rocket equation 

 

 

 

 

 

 

 

 

From the figure above, 'M' is the instantaneous mass of the rocket, 'u' is the velocity 

of the rocket, 'v' is the velocity of the exhaust from the rocket, 'A' is the area of the 

exhaust nozzle, 'p' is the exhaust pressure, and 'p0' is the atmospheric pressure. During 

a small amount of time, 'dt' a small amount of mass 'dm' is exhausted from the rocket. 

Therefore,  

change in rocket momentum, dp = M (u + du) - M u = M du            [7.1] 

Figure 26 Forces acting on the rocket  

(NASA, Ideal Rocket Equation, 2021) 
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It is also possible to determine the change in momentum due to the small mass 'dm' 

that is exhausted at velocity 'v' as 

change in rocket exhaust momentum = dm (u - v) - dm u = - dm v       [7.2] 

Adding equations [7.1] and [7.2], the total change in momentum of the system 

(rocket + exhaust) is 

change in system momentum = Mdu – dm v      [7.3] 

as shown in Figure 26. Considering the forces acting on the system and neglecting 

the drag on the rocket. The rocket's weight is 'Mg' (gravitational constant), acting at 

an angle along the flight path. Then the pressure force is given by (p - p0) A acting in 

the positive 'u' direction (Figure 26). Therefore, the total force on the system is  

F =  (p - p0) * A – Mg*cos (a)     [7.4] 

We know that the change in momentum of the rocket is equal to the impulse on the 

rocket, which is equivalent to the force times the change in time 'dt.' So combining 

equations [7.3] and [7.4] and multiplying equation [7.4] with 'dt,' we get 

M du - dm v = [(p - p0)A - Mgcos (a20)] dt (NASA, Ideal Rocket Equation, 2021) 

Assuming the weight is negligent and rearranging, we get, 

                                                   
20  Is the angle between weight (Mg) acting at an angle a to the flight path of the rocket 
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M du = [(p - p0)A] dt + dm v      [7.5] (NASA, Ideal Rocket Equation, 2021) 

Now the exhaust mass 'dm' is equal to the mass flow rate, ′𝑚′̇  times the increment of 

time 'dt.' Since,  

dm = �̇� dt     [7.6] 

M du = [(p - p0) A + �̇�v ] dt    [7.7] 

The equivalent exit velocity 'Veq', is given by 

Veq = v + 
(𝑝 − 𝑝𝑜) ∗ 𝐴 

�̇�
 

Rearranging we get, 

Veq * �̇� =  𝑣�̇� + (𝑝 −  𝑝𝑜)  ∗  𝐴       [7.8] 

Sub [7.8] in [7.7], we get 

M du = Veq �̇�dt = - Veq dM              [7.9] 

Where, '𝑚𝑑𝑡̇ ' is the amount of change of the instantaneous mass of the system. The 

sign of this variable is negative because the system is losing mass as the propellants 

are exhausted. Since,  

�̇� dt = - dM 



 

 

99 
 

Rearranging equation [7.9] 

du = - Veq 
𝑑𝑀

𝑀
 

Integrating both sides,  

∫ 𝑑𝑢
𝑢

𝑢0

=  − 𝑉𝑒𝑞 ∫
𝑑𝑀

𝑀

𝑚𝑒

𝑚𝑓

 

Δ u = - Veq ln (
𝑚𝑒

𝑚𝑓
) 

Δ u =  Veq ln (
𝑚𝑓

𝑚𝑒
)   [7.10] 

where 'Δu' represents the change in velocity, and 'ln' is the symbol for the natural 

logarithmic function. The limits of integration are from the rocket's initial mass to 

the final mass of the rocket. The instantaneous mass of the rocket 'M' mass is 

composed of two main parts, the empty mass' me' and the propellant mass 'mp.' The 

empty mass ‘me’ does not change with time, but the mass of propellants ‘mp’ 

onboard the rocket does change with time: 

M(t) = me + mp (t) 

Initially, the rocket 'mf' full mass contains the empty mass and all the propellants at 

liftoff. After liftoff (the end of the burn), the mass of the rocket contains only the 

empty mass ‘me’: 
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M initial = mf = me + mp            [7.11] 

M final = me                 [7.12] 

Substituting [7.11] and [7.12] in [7.10] 

 Δ u =  Veq ln (
𝑚𝑓

𝑚𝑒
)   = Veq ln (

𝑚𝑒+𝑚𝑝

𝑚𝑒
)      [7.13] 

Equation 7.13 is called the ideal rocket equation. From the definition of the propellant 

mass ratio21 ‘MR’, we get 

Where, MR = mf / me 

Δ u = Veq * ln (MR)       [7.14] 

We know, ‘Veq’ is related to the specific impulse Isp by 

Veq = Isp * g0             [7.15] 

where 'g0' is the acceleration due to gravity (9.81 m/s2). Therefore, the change in 

velocity can be written in terms of the specific impulse of the engine. Therefore, 

equation [7.13] can be rewritten as, 

Δ u =  Isp * g0 ln (
𝑚𝑓

𝑚𝑒
)      [7.16] 

                                                   
21 The propellant mass fraction is the portion of a vehicle's mass which does not reach the destination, usually used as a 
measure of the vehicle's performance. A higher mass fraction represents less weight in a design. 
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To determine the amount of propellant required for a given maneuver, we can 

rearrange [7.16] to get, 

𝑚𝑓

𝑚𝑒
=  𝑒

Δ u

Isp ∗ g0           

We will make use of this relationship and some of the other earlier expressions 

hereafter in our analysis. 

7.2 Manipulation of Rocket Equation for chemical propellant 

 

 

 

 Delta V 

(km/s) 

Isp (s) go (km/s2) Veq (km/s) Mf/Me 

Earth 5.2 350 0.0098 3.43 4.6 

65803 

Didymos 

      

Earth 7.4 350 0.0098 3.43 8.6 

2011 UW158 

      

Earth 6.3 350 0.0098 3.43 6.3 

Mars 

65803 

Didymos 

      

Earth 5.7 350 0.0098 3.43 5.3 

Mars 

2011 UW158 

Table 21 Manipulation of rocket equation for Isp (specific impulse) of 350 
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From the viewpoint of minimizing the amount of mass needed initially (or 

equivalently lowering the mass ratio), the gravity assist is better for 2011 UW 158 

(Mf/Me = 5.3). In contrast, for Didymos (Mf/Me = 4.6), a direct transfer is preferred. 

This can be verified from an inspection of Table 21. 

7.3 Manipulation of Rocket equation for VASIMER thruster with inert 

propellant 

 

 

 

For VASIMIR, the mass ratios are presented in Table 22. It is apparent that the mass 

ratios do not vary much, and neither would the total cost if the latter is proportional 

 Delta V 

(km/s) 

Isp (s) go (km/s2) Veq (km/s) Mf/Me 

Earth 5.2 5000 0.0098 49 1.1 

65803 

Didymos 

      

Earth 7.4 5000 0.0098 49 1.2 

2011 UW158 

      

Earth 6.3 5000 0.0098 49 1.1 

Mars 

65803 

Didymos 

      

Earth 5.7 5000 0.0098 49 1.1 

Mars 

2011 UW158 

Table 22 Manipulation of rocket equation for Isp (specific impulse) of 5000 
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to the mass ratio. Hence, when designing a mission based on VASIMIR to the two 

Near-Earth asteroids chosen in this thesis, the chief variable of interest is the time of 

flight (TOF). In Chapter 5, we saw that the TOF is lower for a direct transfer, 

implying that direct transfers are likely to be favored by VASIMIR if all other factors 

are held equal. 

7.4 Launcher Selection 

The launcher selected for this mission is the already existent Ariane 5 ECA. Ariane 

5 is a heavy-lift rocket designed to take satellites and other payloads into a 

geostationary transfer orbit (GTO). The heavy-lift ability of the Ariane 5 ECA to 

carry any spacecraft, from the lightest ones (1000 kg or less) to the tallest and 

heaviest ones (9500 kilograms (kg) and even more) - in a shared or single launch - 

towards the standard geostationary transfer orbit (GTO) is the primary advantage 

associated with this launcher. The physical characteristics of this rocket are shown 

in Table 25 as well as Figure 27 and Figure 28. This launcher is chosen such that the 

spacecraft's total mass is within the launcher's capabilities, as seen from Table 23, 

Table 24, and Table 25.  

We will not describe how Table 23, and Table 24 are generated because the 

appropriate algebra is presented in Chapter 9. We have deferred the analysis to 

Chapter 9 because the mass and power estimates for the spacecraft therein nicely link 

up with the total estimate of the mission cost. In this Chapter, the only purpose of 
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Table 23, and Table 24 is to ensure that the launcher Ariane 5 ECA can support the 

mission. 

Table 23 Total mass calculation for chemical rockets 

  DME22 

(kg) 

Mf/Me Mp23 

(kg) 

Cp24 

(millions) 

Total Mass 

(kg) 

Earth 1553.4 4.6 5645.0 2.5 7198.4 

65803 

Didymos 

            

Earth 1553.4 8.6 12005.83 5.4 13559.2 

2011 UW158 

            

Earth 1553.4 6.3 8319.8 3.7 7121.2 

Mars 

65803 

Didymos 

            

Earth 1553.4 5.3 6755.2 3.0 7121.2 

Mars 

2011 UW158 

 

In Table 23, for chemical rockets, we see that the maximum possible weight is 

13559.2 kg (for direct transfer from Earth to 2011 UW158). The payload mass of 

1553.4 kg is well within the capabilities of the Ariane 5 ECA launcher, as seen from 

Table 23.  

                                                   
22 Dry Mass Estimate (DME) 
23 Mass of propellant (Mp) 
24 Cost of propellant (Cp) 
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Moreover, the total amount of fuel that Ariane 5 ECA can carry is higher than the 

total mass obtained in Table 23. Hence, this launcher is well-suited for our mission. 

In the case of VASIMIR, as shown in Table 24, the mass requirements are further 

lowered.  

Table 24 Total mass calculation for VASIMR thruster with inert propellant 

  DME 

(kg) 

Mf/Me Mp 

(kg) 

Cp (millions) Total Mass 

(kg) 

Earth 1553.4 1.11 173.9 0.08 1727.3 

65803 

Didymos 

            

Earth 1553.4 1.2 253.2 0.11 1806.6 

2011 UW158 

            

Earth 1553.4 1.1 213.1 0.10 1554.5 

Mars 

65803 

Didymos 

            

Earth 1553.4 1.1 191.6 0.09 1554.5 

Mars 

2011 UW158 
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The two figures below show a schematic overview of the various stages associated 

with the Ariane 5 ECA launcher (Figure 27, and Figure 28).  

Table 25 Physical Characteristics of Ariane 5 ECA 

Adapted from:  (Arianespace, Ariane 5 User Manual, 2016) 

Ariane 5 ECA 

Height 166 to 174 ft (50.5 to 53m)  

(Arianespace, Ariane 5: European 

Heavy-Lift Rocket, 2021) 

Number of Stages 2 

Fuel Liquid oxygen and hydrogen 

Liftoff Mass 780 t (707604 Kg) 

Payload Mass 11 t (9979.03 Kg) 
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A typical launch sequence of events for the GTO mission is presented in Figure 27, 

together with the ground track and specific evolution of altitude and relative velocity 

as a function of time. (Arianespace, Ariane 5 User Manual, 2016) 

Figure 27 Ariane 5 launch sequence 

(Arianespace, Ariane 5: European Heavy-

Lift Rocket, 2021) 
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From the previous missions, the typical duration of a geostationary transfer orbit 

(GTO) mission is between 25 and 35 minutes (min). Once the spacecraft approaches 

the target asteroid's orbit, it decelerates via aerobraking to reduce apoapsis of its 

initial hyperbolic orbit and reach an altitude (H) previously calculated (Chapter 3 and 

5) more suitable for scientific observation. For altitude control, ARION 33 is 

equipped with 24-10 N thrusters. These thrusters use mono-methylhydrazine (CH2 

(NH) NH2) as fuel and dinitrogen tetroxide (N2H4) as an oxidizer.  

We have now assembled the various parts needed to determine the mission cost. We 

have selected the payload instrumentation in Chapter 4, the delta-V in Chapter 5, the 

Figure 28 Exploded view of an Ariane 5  

(Arianespace, Ariane 5 User Manual, 2016) 
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propulsion system in Chapter 6, and the mass ratio and launcher in Chapter 7. In the 

next chapter, we analyze the cost of the mission ARION 33 for both chemical 

propellants and the VASIMR thruster. 
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Chapter 8 
Cost Analysis 

8.1 Power and Mass Estimates 

Table 26 Power and Mass Estimates for an Orbiter Mission 

Scientific Payload 

Instruments Unit 

Mass 

(kg) 

Quantity Total Mass 

(kg) 

Power Usage (W) 

Ultraviolet Spectroscopy 4.4 1 4.4 4.4 

Visible IR Thermal 

Imaging Spectrometer 

27 1 27 60 

Lidar Sensor 10 1 10 60 

Navigation System 

(AutoNav) 

3 1 3 4 

Telescopic Camera 3.3 1 3.3 43.4 

Microwave Spectroscopy 14 1 14 17.3 

Dust Mass Spectrometer 5 1 5 10 

Standard Radiation 

Environment Monitor 

2.6 1 2.6 2.5 

Neutral Gas and Ion 

Spectrometer 

7.5 1 7.5 10 
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Based on Table 26, which recapitulates the instrumentation delineated in Chapter 4, 

this mission has a total payload mass of 185.2 kg and a payload power requirement 

of 440.6 W. We can calculate the dry mass estimate (DME) and spacecraft power 

estimate (SPE) by using these estimates for the payload mass and power. Dry mass 

estimate (DME) is the spacecraft's estimated mass, including the payload, fuel, and 

other structural support systems while accounting for inherent uncertainties. 

Spacecraft's power estimate (SPE) is the estimated power required for the spacecraft 

to operate in its optimal condition while accounting for uncertainties such as 

additional intervals of darkness or high data usage (e.g., during the operation of HD 

cameras). 

Payload Mass (PM) = 185.2 kg 

The total mass of the system, including the mass of the structural support system, is 

calculated using the formula below: 

𝑇𝑜𝑡𝑎𝑙 𝑀𝑎𝑠𝑠 (𝑇𝑀) = 47.8 𝑥 (𝑃𝑀)0.594 = 47.8 𝑥 (185.2)0.594 (kg)   [8.1] 

 

The adjusted total mass (ATM) and dry mass estimate (DME) for the system with 

the uncertainties are calculated using the equation below. The adjusted total mass 

(ATM) is computed by adding percentages of the total mass (TM) as follows: 

a. additional thermal equipment to deal with cold/hot temperatures (add 2.4% TM) 

Total Mass (TM) = 1062.69 kg 
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b. additional attitude equipment to provide precise pointing (add 2% TM) 

c. extremely high-power usage systems, radioisotope generators, or extra batteries 

for long darkness periods (add 5.9% TM) 

d. secondary probe or lander as part of the mission (add 7.9% TM) 

e. orbital insertion for mission or multiple flybys (add 6% TM) 

f. high data usage, such as for HD cameras (add 1.5% TM if (b), otherwise add 2.9%) 

Therefore, the adjusted total mass (ATM) is, 

𝐴𝑑𝑗𝑢𝑠𝑡𝑒𝑑 𝑇𝑜𝑡𝑎𝑙 𝑀𝑎𝑠𝑠 (𝐴𝑇𝑀) = (2.4% + 2% + 5.9% + 7.9% + 6% + 2.9% ) ∗ 𝑇𝑀  

[8.2] 

𝐴𝑑𝑗𝑢𝑠𝑡𝑒𝑑 𝑇𝑜𝑡𝑎𝑙 𝑀𝑎𝑠𝑠 (𝐴𝑇𝑀) = (27.1% ) ∗ 1062.9   [8.3] 

𝐴𝑑𝑗𝑢𝑠𝑡𝑒𝑑 𝑇𝑜𝑡𝑎𝑙 𝑀𝑎𝑠𝑠 (𝐴𝑇𝑀) = 1350.7 kg                            

Once the adjusted total mass (ATM) is computed, the dry mass estimate (DME) is 

computed as 115% ATM. 

𝐷𝑟𝑦 𝑀𝑎𝑠𝑠 𝐸𝑠𝑡𝑖𝑚𝑎𝑡𝑒 (𝐷𝑀𝐸) = (115% ) ∗ 1350.7  [8.4] 

 

 

Dry Mass Estimate (DME) = 1553.3 kg 
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The total power of the system is calculated using the formula below: 

Payload Power (PP) = 440.6 W 

𝑇𝑜𝑡𝑎𝑙 𝑃𝑜𝑤𝑒𝑟 (𝑇𝑃) = 60.3 𝑥 (𝑃𝑃)0.498 = 60.3 𝑥 (440.6)0.498 [8.5] 

  

The adjusted total power and spacecraft power estimate for the system with the 

uncertainties is calculated using the equation. The adjusted total power (ATP) is 

computed from the total power in case additional features are required for the 

spacecraft by adding: (NASA N. , 2008) 

a. additional thermal equipment to deal with cold/hot temperatures (add 6.4% TP) 

b. additional attitude equipment to provide precise pointing (add 4.7% TP) 

c. any instrument over 100 W, or total payload power (PP) over 200 W (add 15.4% 

TP) 

d. radioisotope generators, or extra batteries for long darkness periods (add 7.1% TP) 

e. orbital insertion for mission or multiple flybys (add 13% TP) 

f. high data usage, such as for HD cameras (add 3.5% TP if (b), otherwise add 10%) 

Total Power (TP) = 1250.4 W 
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𝐴𝑑𝑗𝑢𝑠𝑡𝑒𝑑 𝑇𝑜𝑡𝑎𝑙 𝑃𝑜𝑤𝑒𝑟 (𝐴𝑇𝑃) = (6.4% + 4.7% + 15.4% + 7.1% + 13% + 10% ) ∗

𝑇𝑃                                                                                                                               [8.6] 

𝐴𝑑𝑗𝑢𝑠𝑡𝑒𝑑 𝑇𝑜𝑡𝑎𝑙 𝑃𝑜𝑤𝑒𝑟 (𝐴𝑇𝑃) = (56.6% ) ∗ 1250.4 𝑊                  [8.7] 

𝐴𝑑𝑗𝑢𝑠𝑡𝑒𝑑 𝑇𝑜𝑡𝑎𝑙 𝑃𝑜𝑤𝑒𝑟  (𝐴𝑇𝑃) = 1958.1 W 

If payload power (PP) ≤ 200 W, then the spacecraft power estimate (SPE) is 130% 

adjusted total power (ATP), otherwise for payload power (PP) > 200 W, SPE is 

115% adjusted total power (ATP). Since the payload power is 440.6 W, the 

spacecraft power estimate is, (NASA N. , 2008) 

𝑆𝑝𝑎𝑐𝑒𝑐𝑟𝑎𝑓𝑡 𝑃𝑜𝑤𝑒𝑟 𝐸𝑠𝑡𝑖𝑚𝑎𝑡𝑒 (𝑆𝑃𝐸) = (115% ) ∗ 1958.1 𝑊  [8.8] 

𝑆𝑝𝑎𝑐𝑒𝑐𝑟𝑎𝑓𝑡 𝑃𝑜𝑤𝑒𝑟 𝐸𝑠𝑡𝑖𝑚𝑎𝑡𝑒 (𝑆𝑃𝐸) = 2251 Watt 

8.2 Cost Analysis 

The cost analysis of this orbiter mission is split into two parts: a spacecraft launch 

and an orbiter mission. As with any other cost analysis, several assumptions enter 

the model, such as the research and development costs associated with the spacecraft, 

including the payload. One of the main objectives of this paper is to analyze and 

estimate the cost for an orbiter mission to near-Earth asteroids (NEA):  2011 UW158 

and 65803 Didymos for two years to survey the asteroid. This chapter uses three 

methods of cost estimation developed by NASA's Quick Cost Model: analogy, 

parametric, and engineering methods.  
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 Analogy Method 

This cost estimation is a quick and easily understood method that takes advantage of 

the predecessors and development. Generally, missions are built with new systems, 

but the material and development cost of the system can be forecasted using their 

predecessor. This method estimates the cost of the new system via extrapolation by 

using a linear relationship. An example of this method shows the comparison 

between a solar array predecessor system versus a new system: 

A solar array from a predecessor system with a power output of 3 kW costs around 

15 million dollars, but the new system requires a solar array with a power output of 

8 kW. Thus, the cost for the new system can be interpolated using a linear equation 

(NASA N. , 2008). 

Solar Array Cost for New System =  
Power Output (New System)

Power Output (Old System)
∗ Cost of Old System [8.9] 

Solar Array Cost for New System =  
8

3
∗ $15 million = $40 million 

The cost of the solar array for the new system is estimated to be 40 million dollars. 

This system allows adjustment factors such as inflation and complexity, which 

modifies this method to provide a better cost estimation tool. This method relies on 

the predecessor system to account for the new system using the linear multiplier 

factor.  
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 Parametric Method (NASA N. , 2008) 

The parametric method uses statistical relationships between historical costs and 

other factors such as system physical characteristics or performance to develop one 

or more cost estimating relationships (CER). The estimation method is used only 

when a few selected factors are known, such as volume or weight. This method 

forecasts that the factors which affected cost in the previous systems will affect the 

cost in the new system. An example of this system would be space systems which 

use weight characteristics and design complexity as essential factors. This method 

starts with an estimating hypothesis stating a relationship between weight, design 

complexity, and cost estimation of a spacecraft. Then the relationship data is 

collected, and the data is then evaluated and normalized. Statistical analysis is 

performed on the evaluated data to test the relationship between the factors. This cost 

estimation method is a detailed and time-consuming tool designed for estimating the 

resources and labor required to perform the project. The resources for the project are 

divided into categories such as labor, work year equivalents, material cost, 

subcontracts, travel, general expenses, indirect, direct costs, and storage costs.  

This paper develops the cost estimates for the orbiter missions to 2011 UW158 and 

65803 Didymos for the various trajectory designs. Some of the data used in this cost 

estimation are derived from analogy and parametric methods, but other costs are 

taken directly from previous missions. We caution that our estimates are likely to be 

higher than the actual values for this reason because they do not explicitly account 
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for the advances in technology as well as the downscaling of costs that are expected 

to occur with time. Therefore, we strongly recommend that these estimates be viewed 

as upper bounds; therefore, we use the word “estimates” since these numbers are not 

meant to be regarded as definitive values. 

The total cost of the development is determined using the formula from the cost 

estimation relationship developed by the NASA Quick cost model (NASA N. , 

2008): 

𝐶𝑣 ($𝑀) = 𝑎 ∗ [𝑚𝑖𝑛𝑒𝑟𝑡]𝑏 [8.10] 

The cost of the spacecraft development is derived using statistical analysis from the 

previous models. The 'a' is a factor retaining the type of mission planned for the 

spacecraft. The 'a' for the unmanned planetary mission is 13.89, 'b' is 0.55, and the 

inert mass is 1553.3 kg. Upon substituting the values, the total cost for the 

development is 790 Million dollars.  

The cost of the propellant used to escape the Earth's geostationary transfer orbit 

(GTO) is the sum of the fuel used for engine propellant and upper stage departure. 

The fuel cost for the engine propellant is $ 450/ kg. We must therefore find the total 

mass of the fuel to solve the fuel cost.  

The first contribution to the mass of the propellant is 1553.3*(mf/me -1). This is 

because (mf/me - 1) yields the propellant mass, mp alone (without including the dry 
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mass) divided by the dry mass, md, and we multiply it with 1553.3 kg, which is the 

dry mass for our mission. 

Next, we must calculate the mass of the propellant for the orbiter for two years. As 

this depends a lot on the specifics of the orbiter, we will restrict ourselves to drawing 

on analogy along the lines described earlier. As noted in Chapter 8, the orbiter is 

endowed with 24 thrusters, each producing 10 N, therefore amounting to a total thrust 

of 240 N. In comparison, the thrusters that keep the International Space Station (ISS) 

in orbit have a thrust of 32 kN 

Spacecraft: 24 thrusters, each producing 10 N = 24 * 10 = 240 N. Fuel for 

one year on ISS is 8200 kg and has a thrust of 32 KN (NASA, 2021). 

𝑅𝑎𝑡𝑖𝑜 (𝑅) =
𝐼𝑆𝑆

𝐴𝑅𝐼𝑂𝑁 33
=  

32000

240
= 133 [8.11] 

It is known that the ISS thrusters consume 8200 kg of fuel over a year; over a two-

year period, they would need 2*8200 kg. Here, we use analogy and assume that the 

amount of fuel needed is proportional to the thrust being generated. With this 

assumption, the fuel required for the two-year orbiter mission around the target 

asteroid is 

Morbiter = (8200/133)*2 = 123.3 kg  [8.12] 

Therefore, the total mass of the propellant (mp) is  

mp = (1553.3*(mf/me -1)) +123.3 = 5644.3 kg   [8.13] 
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The total cost of propellant (Cp) is  

𝐶𝑃 =
450(𝑚𝑝)

1000000
=

450(5644.3)

1000000
= $ 2.5 𝑀𝑖𝑙𝑙𝑖𝑜𝑛  [8.14] 

The factor in the denominator is the conversion factor. The launch cost (CL) is to be 

250.5 million dollars based on the launch vehicle selected, in the case of this thesis, 

Ariane 5 (NASA N. , 2008). Hence, the total cost of the spacecraft, including 

development and research, is  

𝐶 = 𝐶𝑉 + 𝐶𝑃 + 𝐶𝐿 = 329.3 + 2.5 + 250.5 = $ 582.3 𝑀𝑖𝑙𝑙𝑖𝑜𝑛 [8.15] 

 

It turns out in all cases studied herein that 𝐶𝑃  is much lower than the other two 

 contributions. Hence, even if our estimate for the total mass of propellant (mp) 

is lower by orders of magnitude than the correct value, our estimates for the entire 

mission cost are primarily unaffected. 
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Table 27 Cost of Development and Launch for Spacecraft with Chemical 

Propulsion 

 

Table 27 depicts the development, launcher, and propellant cost for chemical 

propulsion associated with the four different trajectory designs. The total cost for the 

trajectory from Earth to 2011 UW158 (direct transfer) is marginally the most 

expensive. The costs are mostly the same because, as per our model, the contribution 

                                                   
25 Dry Mass Estimate (DME) 

  DME
25

 

(kg) 

Mf/Me Mass of 

Propellant 

(kg) 

Cost of 

Propellant 

(Million) 

Total 

Mass 

(kg) 

Cost of 

Spacecraft 

Development 

(Million) 

Cost of 

Launch 

(Million) 

Total 

Cost 

(Million) 

Earth 1553.3 4.6 5644.3 2.5 7197.7 329.3 250.5 582.3 

65803 

Didymos 

                  

Earth 1553.3 8.6 12005.13 5.4 13558.5 329.3 250.5 585.2 

2011 

UW158 

                  

Earth 1553.3 6.3 8319.1 3.7 7121.2 329.3 250.5 583.5 

Mars 

65803 

Didymos 

                  

Earth 1553.3 5.3 6754.5 3.0 7121.2 329.3 250.5 582.8 

Mars 

2011 

UW158 
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to the fuel cost is lower than that of the development or the launcher itself.  In 

contrast, if these two costs were to fall in the future, the fuel cost would be accorded 

relatively greater weight. Table 28 depicts the hypothetical cost for development, 

launcher, and propellant for the VASIMR thruster. The total cost remains effectively 

the same at 579.9 million dollars, irrespective of the trajectory selected to 2011 

UW158 and 65803 Didymos. 

Table 28 Cost of Development, Propulsion and Launch for Spacecraft with 

VASIMR Propulsion 

 DME 

(kg) 

Mf/Me Mass of 

Propellant 

(kg) 

Cost of 

Propellant 

(Millions) 

Total 

Mass 

(kg) 

Cost of 

spacecraft 

Development 

(Millions) 

Cost of 

Launch 

(Millions) 

Total 

Cost 

(Millions) 

Earth 1553.3 1.1 173.9 0.08 1727.3 329.3 250.5 579.9 

65803 

Didymos 

         

Earth 1553.3 1.2 253.2 0.11 1806.6 329.3 250.5 579.9 

2011 

UW158 

         

Earth 1553.3 1.1 213.1 0.10 1554.5 329.3 250.5 579.9 

Mars 

65803 

Didymos 

         

Earth 1553.3 1.1 191.6 0.09 1554.5 329.3 250.5 579.9 

Mars 

2011 

UW158 
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Chapter 9 
Discussion and Conclusion 

9.1 Discussion and conclusion 

In our hypothetical mission ARION 33 to near-Earth asteroids, we have delineated a 

mission to survey and analyze these asteroids for scientific purposes and enable the 

actualization of future asteroid mining missions.  

In Chapters 2 and 3, we covered the manifold scientific and commercial reasons 

underpinning the study of near-Earth asteroids, which serve as the motivating and 

driving factors for this thesis and the missions described herein. After choosing our 

targets in Chapter 3, we proceeded to elucidate the payload (scientific instruments 

and support systems) necessary for an orbiter mission in Chapter 4. The scientific 

instruments were chosen to be suitable for an orbiter mission that aims to characterize 

and map out the surface. They have the additional benefit of having been deployed 

in previous missions.  

Next, in Chapter 5, we presented various trajectories to convey the spacecraft from 

Earth’s parking orbit (GTO) to orbiting the asteroids 2011 UW158 or 65803 

Didymos. Two types of trajectories were analyzed: direct transfer and the gravity 

assist (from Mars) method. The trajectory design used Hohmann transfer as the 

guiding principle since it is the most efficient method in terms of total mass and fuel 

constraints. Table 14 shows the comparison between the direct transfer and gravity 
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assist methods. It was demonstrated that the direct transfer to the asteroid leads to a 

shorter time of flight (TOF). Still, the direct transfer can consume an additional fuel 

in some circumstances (i.e., leading to higher delta-V requirements). 

With the requisite instrumentation selected and potential trajectory designs 

calculated, we subsequently examined the choice of the propulsion system in Chapter 

6. We settled on chemical propulsion for the rest of the thesis because it has been 

thoroughly validated in our Solar system. However, for the sake of comparison, we 

considered the Variable Specific Impulse Specific Rocket (VASIMR) as a potential 

futuristic technology that can significantly reduce the mass requirements for the 

spacecraft. 

In Chapter 7, by making use of the results from Chapters 5 (delta-V estimates) and 6 

(values of specific impulse, ISP), we estimated the mass ratios for various trajectory 

designs (direct transfer Vs. gravity assist) and propulsion systems. We also outlined 

the choice of our launcher (Ariane 5 ECA) herein, as this was necessary for the 

analysis in Chapter 8. This mass ratio was thereafter deployed in Chapter 8, which 

determined the mission's overall mass and power requirements by drawing on simple 

analytical prescriptions for these quantities.  

The second part of Chapter 8 discussed the cost of the development, launcher, and 

propellant mass. The total cost associated with each trajectory was calculated and 

compared to find relatively cost-efficient designs for this mission. We emphasize that 
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these estimates are preliminary and should therefore not be regarded as being entirely 

accurate - it is common for large-scale projects to run well over the initial estimated 

costs even when sophisticated models are employed. 

 

Figure 29 Mission blueprint from Earth to 65803 Didymos (Direct transfer) 

 

Figure 29 depicts the mission blueprint from Earth to 65803 Didymos using the 

direct transfer method. The time of flight for this trajectory is 277 days, and the 

cost is $588.8 million.  
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Figure 30 Mission blueprint from Earth to 2011 UW158 (Direct transfer) 

 

Figure 30 shows the mission blueprint from Earth to 2011 UW158 using the direct 

transfer method. The calculated time of flight (TOF) for this trajectory is 518 days, 

and the cost is $585.1 million.  Figure 31 shows the mission blueprint from Earth to 

65803 Didymos by using the gravity assist from Mars. The time of flight for this 

trajectory is 623 days, and the cost is $583.6 million. Figure 32 shows the mission 

blueprint from Earth to 2011 UW158 by using the gravity assist from Mars. The time 

of flight for this trajectory is 881 days, and the cost is $582.4 million.  
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Figure 32 Mission blueprint from Earth to 2011 UW158 using Mars assist 

 

The comparison between the four (Hohmann transfer) trajectories indicates that the 

shortest time of flight (TOF) is the transfer from Earth to 65803 Didymos using direct 

transfer, which takes 277 days. From the standpoint of total mass and cost 

Figure 31 Mission blueprint from Earth to 65803 Didymos using Mars assist 
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considerations, the least expensive trajectory would be the transfer from Earth to 

2011 UW158 via the gravity assist from Mars, which costs $582.4 million. The 

gravity assist transfer method is generally preferable if the chief objective is to reduce 

total mass, while a direct transfer would be appropriate if the primary guiding factor 

is the time of flight (TOF). 

I hope that this thesis can serve as a template for designing future orbiter missions to 

asteroids to survey them, thereby enhancing our scientific knowledge (e.g., origins 

of our Solar system) and paving the way for future mining missions. In particular, 

the orbiter mission proposed in this thesis (which maps out the asteroid's surface 

composition) can serve as Phase 1 of a more extensive program of the exploration 

and utilization of asteroids. 

Phase 2 could be a sample return mission similar to OSIRIS-REX wherein we 

compare meteorite analogs with the asteroid samples. In Phase 2, one would need to 

develop technologies to drill into the interiors of asteroids at different locations to 

obtain samples from varying heights. Finally, Phase 3 might comprise full-fledged 

mining missions (with cislunar depots and space tugs) that help humankind 

overcome the paucity of renewable resources on Earth and lead to our descendants 

becoming a multi-planetary species.  

Thus, I envision this work as being the first of many for humanity to reach for the 

stars one day in the future. 
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Appendix 
 

MATLAB Code for Direct transfer: 

clear all 

  

clc 

  

muSun = 132712000000; 

  

%Earth Parameters 

muEarth = 398600; 

Rearth = 149600000; 

Radiusearth = 6378 + 185; 

Anamolyearth = 0; 

  

Ruw158 = 245939000; 

muUW158=35; 

RadiusUW158=0390; 

Zuw158 = 180; 
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Rpuw158 = RadiusUW158 + Zuw158; 

trueanamolyUW158 = 180; 

  

%Planetary Departure 

Vinfearth = sqrt(muSun/Rearth)*(sqrt(2*Ruw158/(Rearth+Ruw158))-1); 

  

Vc = sqrt(muEarth/Radiusearth); 

  

deltaV1 = Vc*(sqrt(2 + (Vinfearth/Vc)^2) - 1); 

  

C3 = Vinfearth^2; 

%Orbital Insertion 

  

Vinfuw158 = sqrt(muSun/Ruw158)*(1 - sqrt(2*Rearth/(Rearth + Ruw158))); 

  

TimePerioduw158 = 24*3600*365*2; 

  

Auw158 = (TimePerioduw158*sqrt(muUW158)/(2*pi))^(2/3); 

Euw158 = 1-(Rpuw158/Auw158); 
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deltaV2 = Vinfuw158*sqrt((1-Euw158)/2); 

  

totalDeltaV = deltaV1 + deltaV2; 

  

TimeTransfer = (pi/sqrt(muSun))*((Rearth + Ruw158)/2)^(3/2); 

  

  

%Plotting Orbit 

eccentricityTransfer = (Ruw158 - Rearth)/(Rearth*cosd(Anamolyearth) - 

Ruw158*cosd(trueanamolyUW158)); 

hTransfer = sqrt(muSun*Ruw158*(1+eccentricityTransfer*cosd(trueanamolyUW158))); 

vrUW158=(muSun/hTransfer)*eccentricityTransfer*sind(trueanamolyUW158); 

  

  

EUW158th = acotd(((hTransfer^2/(muSun*Ruw158))-1)*muSun/(vrUW158*hTransfer)); 

UW158th = acosd((hTransfer^2/(muSun*Ruw158)-1)/eccentricityTransfer); 

thEUW158 = EUW158th:0.1:UW158th; 

dt = (trueanamolyUW158 - EUW158th); 
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rEU158 = (hTransfer^2/muSun)./(1+eccentricityTransfer*cosd(thEUW158)); 

EUW158x = rEU158.*cosd(thEUW158); 

EUW158y = rEU158.*sind(thEUW158); 

  

orbit = 0:1:360; 

Ex = Rearth*cosd(orbit); 

Ey = Rearth*sind(orbit); 

  

  

Ux = (0.5)*(Ruw158+Rearth)*cosd(orbit) - (0.5)*Ruw158 + (0.5)*Rearth; 

Uy = (0.5)*(Ruw158+Rearth) * sind(orbit); 

  

RM=227920000; 

Mx=RM.*cosd(orbit); 

My=RM.*sind(orbit); 

  

figure(1) 

plot(Ex,Ey, 'c', EUW158x, EUW158y, '--g', Ux,Uy, 'r', Mx, My, 'y', EUW158x(1801), 

EUW158y(1801), 'ok', Ex(1), Ey(1), 'ok', 0,1,'k*'); 
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legend('Earth Orbit', 'Transfer', 'Didymos Orbit', 'Mars Orbit') 

  

 

 

MATLAB Code for transfer with Mars Assist: 

clear all 

  

Mu_Sun=132712000000; 

  

%Earth values 

Mu_Earth=398600; 

RE=149600000; 

Radius_Earth=6378; 

AnamolyEarth=0; 

  

%Earth parking orbit parameters 

zp_E=185; 

za_E=35786; 

rp_E=zp_E+Radius_Earth; 
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ra_E=za_E+Radius_Earth; 

e_E=(ra_E-rp_E)/(ra_E+rp_E); 

a_E=(1/2)*(ra_E+rp_E); 

h_E=sqrt(Mu_Earth*a_E*(1-e_E^2)); 

vp_p=(Mu_Earth/h_E)*(1+e_E*cos(AnamolyEarth)); 

  

%Mars parameters 

MuMars=42828; 

RM=227920000; 

RadiusMars=3396; 

z_M=3000; 

rpM=z_M+RadiusMars;%Closest Approach at M 

TrueAnamolyMars=180; %arrival true anomaly 

  

%Earth-Mars transfer orbit 

eccentricityTransfer=(RM-RE)/(RE*cosd(AnamolyEarth)-RM*cosd(TrueAnamolyMars)); 

hTransfer=sqrt(Mu_Sun*RM*(1+eccentricityTransfer*cosd(TrueAnamolyMars))); 

aTransfer=((hTransfer^2/Mu_Sun)/(1-eccentricityTransfer^2)); 

TimePeriodTransfer=(2*pi/sqrt(Mu_Sun))*aTransfer^(3/2); 
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VpEarth=(Mu_Sun/hTransfer)*(1+eccentricityTransfer*cosd(AnamolyEarth)); 

VrEartharth=(Mu_Sun/hTransfer)*eccentricityTransfer*sind(AnamolyEarth); 

VcEarth=sqrt(Mu_Sun/RE); 

VpMars=(Mu_Sun/hTransfer)*(1+eccentricityTransfer*cosd(TrueAnamolyMars)); 

vrM=(Mu_Sun/hTransfer)*eccentricityTransfer*sind(TrueAnamolyMars); 

VcMars=sqrt(Mu_Sun/RM); 

VinfEarth=sqrt((VpEarth-VcEarth)^2+VrEartharth^2); 

VinfMars=sqrt((VpMars-VcMars)^2+vrM^2); 

C3=VinfEarth^2; 

  

%Time to go from Earth to Mars 

E1=2*atan(sqrt((1-

eccentricityTransfer)/(1+eccentricityTransfer))*tan((AnamolyEarth*pi/180)/2)); %rad 

Me1=E1-eccentricityTransfer*sin(E1); %rad 

delta_tp1=TimePeriodTransfer*(Me1/(2*pi)); 

  

E2=2*atan(sqrt((1-

eccentricityTransfer)/(1+eccentricityTransfer))*tan((TrueAnamolyMars*pi/180)/2)); %rad 

Me2=E2-eccentricityTransfer*sin(E2); %rad 

delta_tp2=TimePeriodTransfer*(Me2/(2*pi)); 
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deltaTransfer1=delta_tp2-delta_tp1; 

  

%Earth departure 

e_dE=1+((rp_E*VinfEarth^2)/Mu_Earth); 

h_dE=rp_E*sqrt(VinfEarth^2+(2*Mu_Earth/rp_E)); 

vp_dE=h_dE/rp_E; 

  

%Flyby around Mars 

VinfMarss=VpMars-VcMars; 

VinfMarsv=-vrM; 

phi1_Mars=atand(VinfMarss/VinfMarsv); 

eccentricityMArs=1+((rpM*VinfMars^2)/MuMars); 

TurningAngleMars=2*asind(1/eccentricityMArs); 

phi2_M= phi1_Mars+TurningAngleMars; %leading, since vrM >0 

deltaVMars=0.5; %delta v for flyby corRadiusUW158tion 

  

%Post flyby velocity 

vp_pM=VcMars+(VinfMars*sind(phi2_M)); 
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vr_pM=VinfMars*cosd(phi2_M); 

  

%UW158 parameters 

muUW158=35; 

RUW158=245939000; 

RadiusUW158=0.390; 

zUW158=0.5; 

rpUW158=zUW158+RadiusUW158; 

  

%Mars-UW158 orbit 

hMUW158=RM*vp_pM; 

aMUW158 = (-Mu_Sun/2)*((((vp_pM^2)+(vr_pM^2))/2)-(Mu_Sun/RM))^(-1); 

%esin=(vr_pM*hMUW158)/Mu_Sun; 

%ecos=(hMUW158^2/(Mu_Sun*RM))-1; 

eMUW158=sqrt(1-((hMUW158^2)/(Mu_Sun*aMUW158))); 

TrueAnamolyMars2=acos((1/eMUW158)*(((hMUW158^2)/(Mu_Sun*RM))-1)); 

%aMUW158=hMUW158^2/(Mu_Sun*(1-eMUW158^2)); 

rpMUW158=aMUW158-aMUW158*eMUW158; 

raMUW158=aMUW158+aMUW158*eMUW158; 
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TimePeriodMUW158=(2*pi/sqrt(Mu_Sun))*aMUW158^(3/2); 

  

%Mars-UW158 orbit intersect with UW158 orbit 

taUW158=2*asind(-1/eMUW158); 

  

%Mars-UW158 transfer orbit velocity parameters 

VpMars2=(Mu_Sun/hMUW158)*(1+eMUW158*cosd(TrueAnamolyMars2)); 

vrM2=(Mu_Sun/hMUW158)*eMUW158*sind(TrueAnamolyMars2); 

vpUW158=(Mu_Sun/hMUW158)*(1+eMUW158*cosd(taUW158)); 

vRUW158=(Mu_Sun/hMUW158)*eMUW158*sind(taUW158); 

vcUW158=sqrt(Mu_Sun/RUW158); 

vInfinityUW158=sqrt((vpUW158-vcUW158)^2+vRUW158^2); 

  

%Time to go from Mars to UW158 

E3=2*atan(sqrt((1-eMUW158)/(1+eMUW158))*tan((TrueAnamolyMars2*pi/180)/2)); 

%rad 

Me3=E3-eMUW158*sin(E3); %rad 

delta_tp3=TimePeriodMUW158*(Me3/(2*pi)); 
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E4=2*atan(sqrt((1-eMUW158)/(1+eMUW158))*tan((taUW158*pi/180)/2)); %rad 

Me4=E4-eMUW158*sin(E4); %rad 

delta_tp4=TimePeriodMUW158*(Me4/(2*pi)); 

  

deltaTransfer2=delta_tp4-delta_tp3; 

  

%Flyby around UW158 

vInfinityUW158v=vpUW158-vcUW158; 

vInfinityUW158s=-vRUW158; 

phi1UW158=atan(vInfinityUW158s/vInfinityUW158v); 

e_UW158=1+((rpUW158*vInfinityUW158^2)/muUW158); 

TurningAngleUW158=2*asind(1/e_UW158); 

phi2_UW158= phi1UW158-TurningAngleUW158; %leading, since vRUW158 >0 

dvUW158= 0.2; %delta v for flyby corRadiusUW158tion 

  

%Total delta-V 

DeltaV=(vp_dE-vp_p)+deltaVMars+dvUW158; 

  

%Total time 
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DeltaTransfer=deltaTransfer2+deltaTransfer1; 

DeltaTransfer_years=DeltaTransfer/(24*60*60*365.25); 

  

orbit=0:1:360; 

Ex=RE.*cosd(orbit); 

Ey=RE.*sind(orbit); 

Mx=RM.*cosd(orbit); 

My=RM.*sind(orbit); 

Cx=RUW158.*cosd(orbit); 

Cy=RUW158.*sind(orbit); 

  

EMth=AnamolyEarth:0.1:TrueAnamolyMars; 

hEM=sqrt(Mu_Sun*aTransfer*(1-eccentricityTransfer^2)); 

RadiusMars=(hEM^2/Mu_Sun)./(1+eccentricityTransfer*cosd(EMth)); 

EMx=RadiusMars.*cosd(EMth); 

EMy=RadiusMars.*sind(EMth); 

  

MUW158th=acotd(((hMUW158^2/(Mu_Sun*RM))-1)*Mu_Sun/(vrM*hMUW158)); 

UW158th=acosd((hMUW158^2/(Mu_Sun*RUW158)-1)/eMUW158); 
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thMUW158=MUW158th:0.1:UW158th; 

dt=(TrueAnamolyMars-MUW158th); 

rMUW158=(hMUW158^2/Mu_Sun)./(1+eMUW158*cosd(thMUW158)); 

MUW158x=rMUW158.*cosd(thMUW158+dt); 

MUW158y=rMUW158.*sind(thMUW158+dt); 

  

figure(1) 

plot(Ex,Ey,'c',Mx,My,'r',EMx,EMy,'--b',MUW158x,MUW158y,'--

g',0,1,'k*',EMx(1801),EMy(1801),'ok',Ex(1),Ey(1),'ok',MUW158x(765),MUW158y(765),'

ok') 

legend('Earth Orbit','Mars Orbit','Earth to Mars Transfer','Mars to Didymos Transfer') 

title('Earth to Didymos Trajectory') 

xlabel('x-axis (km)') 

ylabel('y-axis (km)') 

axis equal 

  

figure(2) 

plot(Ex,Ey,'c',Mx,My,'r',EMx,EMy,'--

g',0,0,'k*',EMx(1801),EMy(1801),'ok',Ex(1),Ey(1),'ok') 

legend('Earth Orbit','Mars Orbit','Earth to Mars Transfer') 
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title('Earth to Mars Trajectory') 

xlabel('x-axis (km)') 

ylabel('y-axis (km)') 

axis equal 

  

figure(3) 

plot(Mx,My,'r',MUW158x,MUW158y,'--

g',0,0,'k*',EMx(1801),EMy(1801),'ok',MUW158x(765),MUW158y(765),'ok') 

legend('Mars Orbit','Mars to Didymos Transfer') 

title('Mars to Didymos Trajectory') 

xlabel('x-axis (km)') 

ylabel('y-axis (km)') 

axis equal 

  

%Plots for closer look at planets 

cE=2.55; 

cM=21.432; 

cU=29.8015; 

Esoix=cE.*cosd(orbit); 
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Esoiy=cE.*sind(orbit); 

Msoix=cM.*cosd(orbit); 

Msoiy=cM.*sind(orbit); 

Csoix=cU.*cosd(orbit); 

Csoiy=cU.*sind(orbit); 

% Values for Earth Departure 

eE=0.7306216266; 

ra_E=-42164; 

rp_E=6563; 

y2=0; 

y1=0; 

a=1/2*sqrt((ra_E-rp_E)^2+(y2-y1)^2); 

b=a*sqrt(1-eE^2); 

t=linspace(y2-y1,2*pi); 

X = a*cos(t); 

Y = b*sin(t); 

w = atan2(0,ra_E-rp_E); 

x = (rp_E+ra_E)/2 + X*cos(w) - Y*sin(w); 

y = (y1+y2)/2 + X*sin(w) + Y*cos(w); 
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e_dE=1.1595; 

a_dE=-Mu_Earth/3.11^2; 

  

rp=6.573205405237743*10^3.77; 

x5 = -6573.5:0.1:rp; 

yPlus = sqrt(e_dE^2-1)*sqrt((x5-a_dE*e_dE).^2-a_dE^2); 

  

figure(4) 

plot(x,y,'--g',-x5,yPlus,'b',-x5,-yPlus,'b',Esoix,Esoiy,'k',0,0,'ok') 

legend('Earth Parking Orbit','Hyperbolic Departure Orbit') 

title('Earth Departure Overview') 

xlabel('x-axis (km)') 

ylabel('y-axis (km)') 

axis equal 

    vi_step = 1; 

    start = 1; 

    endd = 10; 

    colorp = 'b'; 
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    linew = 0.5; 

  

vis = start:vi_step:endd; 

phis = 0:0.01:pi; 

n = length(vis); 

m = length(phis); 

  

% plantary distances 

Rs_1 =  1.495979e8; %Earth 

Rs_2 = 2.279438e8;  %Mars 

%Rs_3= 2.2186e8  %UW158 

Rs_3= (1.495978e8)*1.0109; 

  

mu = 1.32712e11; 

AU = 1.495979e8; 

  

Rp_1 = Rs_1; 

Vp_1 = sqrt(mu/Rp_1); 
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Rp_2 = Rs_2; 

Vp_2 = sqrt(mu/Rp_2); 

  

Rp_3 = Rs_3; 

Vp_3 = sqrt(mu/Rp_3); 

  

C3_1 = zeros(n,m); E_1 = zeros(n,m); PERI_1 = zeros(n,m); 

C3_2 = zeros(n,m); E_2 = zeros(n,m); PERI_2 = zeros(n,m); 

C3_3 = zeros(n,m); E_3 = zeros(n,m); PERI_3 = zeros(n,m); 

for i = 1:n 

    vi = vis(i); 

    for j = 1:m 

        phi = phis(j); 

        vperp_1 = Vp_1 - vi*cos(phi); 

        vr_1 = vi*sin(phi); 

        h_1 = vperp_1*Rp_1; 

        v_1 = sqrt(vperp_1^2 + vr_1^2); 

        c3_1 = v_1^2 - 2*mu/Rp_1; 

        ee_1 = v_1^2/2 - mu/Rp_1; 
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        a_1 = -mu/2/ee_1; 

        e_1 = sqrt(1-h_1^2/mu/a_1); 

        C3_1(i,j) = c3_1; 

        E_1(i,j) = e_1; 

        PERI_1(i,j) = a_1*(1-e_1)/AU; 

    end 

end 

for i = 1:n 

    vi = vis(i); 

    for j = 1:m 

        phi = phis(j); 

        vperp_2 = Vp_2 - vi*cos(phi); 

        vr_2 = vi*sin(phi); 

        h_2 = vperp_2*Rp_2; 

        v_2 = sqrt(vperp_2^2 + vr_2^2); 

        c3_2 = v_2^2 - 2*mu/Rp_2; 

        ee_2 = v_2^2/2 - mu/Rp_2; 

        a_2 = -mu/2/ee_2; 

        e_2 = sqrt(1-h_2^2/mu/a_2); 
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        C3_2(i,j) = c3_2; 

        E_2(i,j) = e_2; 

        PERI_2(i,j) = a_2*(1-e_2)/AU; 

    end 

end 

for i = 1:n 

    vi = vis(i); 

    for j = 1:m 

        phi = phis(j); 

        vperp_2 = Vp_2 - vi*cos(phi); 

        vr_2 = vi*sin(phi); 

        h_2 = vperp_2*Rp_2; 

        v_2 = sqrt(vperp_2^2 + vr_2^2); 

        c3_2 = v_2^2 - 2*mu/Rp_2; 

        ee_2 = v_2^2/2 - mu/Rp_2; 

        a_2 = -mu/2/ee_2; 

        e_2 = sqrt(1-h_2^2/mu/a_2); 

        C3_2(i,j) = c3_2; 

        E_2(i,j) = e_2; 
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        PERI_2(i,j) = a_2*(1-e_2)/AU; 

    end 

end 

for i = 1:n 

    vi = vis(i); 

    for j = 1:m 

        phi = phis(j); 

        vperp_3 = Vp_3 - vi*cos(phi); 

        vr_3 = vi*sin(phi); 

        h_3 = vperp_3*Rp_3; 

        v_3 = sqrt(vperp_3^2 + vr_3^2); 

        c3_3 = v_3^2 - 2*mu/Rp_3; 

        ee_3 = v_3^2/2 - mu/Rp_3; 

        a_3 = -mu/2/ee_3; 

        e_3 = sqrt(1-h_3^2/mu/a_3); 

        C3_3(i,j) = c3_3; 

        E_3(i,j) = e_3; 

        PERI_3(i,j) = a_3*(1-e_3)/AU; 

    end 
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end 

  

fig = gca; 

hold on 

for i = 1:n 

    plot(C3_1(i,:),PERI_1(i,:),'g',C3_2(i,:),PERI_2(i,:),'r',C3_3(i,:),PERI_3(i,:),'k' ) 

end 

xlabel('C3 (km^2/s^2)'); ylabel('PERIAPSIS (AU)'); legend('Earth', 'Mars', 'Didymos'); 

hold off; 

 

 


