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Abstract 

Title: Study of a Crew Transfer Vehicle Using Aerocapture for Cycler Based Exploration 

of Mars  

Author: Larissa Balestrero Machado 

Advisor: Markus Wilde, PhD 

This thesis presents the results of a conceptual design and aerocapture analysis for a Crew 

Transfer Vehicle (CTV) designed to carry humans between Earth or Mars and a spacecraft 

on an Earth-Mars cycler trajectory. The thesis outlines a parametric design model for the 

Crew Transfer Vehicle and presents concepts for the integration of aerocapture maneuvers 

within a sustainable cycler architecture. The parametric design study is focused on reducing 

propellant demand and thus the overall mass of the system and cost of the mission. This is 

accomplished by using a combination of propulsive and aerodynamic braking for insertion 

into a low Mars orbit and into a low Earth orbit. The requirements for propulsive and 

aerodynamic braking are given by the hyperbolic excess arrival speed and altitude of closest 

approach at the encounter with both planets, thus driving the overall design requirements for 

the vehicle. The thesis describes a study performed to determine the applicability of 

aerocapture for both Mars and Earth orbit insertion from existing cycler orbits. Furthermore, 

the thesis presents details on the optimal control method used to guide the spacecraft through 

the planet’s atmosphere and the sliding mode controller used to track the optimal trajectory. 

The Hermite-Simpson direct collocation is used to optimize the trajectory by targeting the 

atmospheric exit conditions necessary for the vehicle to reach the desired post-aerocapture 

orbit apoapsis and to minimize the Δ𝑣 necessary to circularize the post aerocapture orbit. 

Additional constraints are imposed on the trajectory such that the maximum load factor, 

dynamic pressure and heating rate tolerable by the crew and vehicle are not exceeded. 
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Chapter 1 

Introduction 

1.1 Thesis Objectives 

The first objective of this thesis is to develop a conceptual design and parametric model for 

a Crew Transfer Vehicle (CTV), which will serve as a tool to study the feasibility of ferrying 

crew and cargo between low planetary orbit and a spacecraft on a heliocentric Earth-Mars 

cycling orbit. Most of the cycler trajectories developed to date do not consider the size and 

mass of the taxi vehicle needed to transport crew and cargo to the habitat placed on the 

cycling orbit. The parametric model can provide a trade space and set of requirements for 

the encounter conditions with Earth and Mars. A “good” cycler trajectory is hardly realizable 

if “catching up” with it or “jumping off” it becomes infeasible due to unreasonably high 

propellant demand and, consequently, taxi vehicle mass. A successful cycler trajectory in 

this sense can then be defined as one that, besides establishing periodic encounters with the 

two planets, requires a transfer vehicle matching current and projected launchers capabilities. 

This translates to trajectory designs that have realistic excess speed and altitude of closest 

approach at their encounter with Earth and Mars. 

The second objective of this study is to implement aerocapture within the concept of 

operations of the CTV. Aerocapture consists of using the aerodynamic forces of the planet’s 

atmosphere to capture the vehicle into a closed obit around the planet. To accomplish this, 

this study seeks to first, obtain the “capturable” entry corridor, which encompasses all entry 

conditions that yield successful aerocapture. Then the capture corridor is reduced to a 

“flyable” corridor that includes only the trajectories that do not violate the 

aerothermodynamic constraints of the vehicle. The method for finding the bounds of this 
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corridor is presented in this study. The trajectory of the spacecraft can then be optimized for 

any entry condition that is within the flyable entry corridor by using Hermite-Simpson direct 

collocation methods to minimize the 𝛥𝑣 (and thus propellant necessary for post aerocapture 

orbit circularization) while not violating the constraints. A sliding mode controller is then 

developed to track the optimal trajectory.  

1.2 Background and Motivation  

Earth-Mars Cyclers are heliocentric orbits that make periodic encounters with Earth and 

Mars, making it possible to regularly transfer humans between the two planets. Therefore, 

cyclers can be used to set up a “railroad line” for the establishment and resupply of a human 

outpost on Mars. One characteristic of cycler trajectories is that they never form a closed 

orbit around either Earth or Mars; therefore, a separate spacecraft transferring crew and cargo 

between the planets and a spacecraft on the cycling orbit (referred to as the Cycler) is an 

essential element of cycler-based Mars exploration architectures.  

The Crew Transfer Vehicle described in this thesis will transfer crew from Low Earth Orbit 

(LEO) to the Cycler during the Cycler’s first flyby of Earth, and from the Cycler to Low 

Mars Orbit (LMO) during the first flyby of Mars, then the vehicle will bring the crew from 

LMO to the Cycler and from the Cycler to Earth during later flybys of the two planets. Each 

of these transfers requires the vehicle to either be injected into an escape orbit from a low 

planetary orbit, or to be inserted into a low planetary orbit from a hyperbolic arrival orbit. 

The propellant demand for the sequence of hyperbolic injection and insertion maneuvers is 

one of the primary drivers for the size and mass of the CTV.  

To arrive at a preliminary estimate for the size and mass of the CTV, a parametric design 

model is needed. As the design goal for the CTV is to minimize the overall launch mass to 

LEO and thus the associated launch cost, aerocapture at Mars and Earth must be included as 

a means to reduce the propellant mass needed for orbit insertion maneuvers. The use of this 

orbit insertion method may prove to be essential for the feasibility of such cycler-based Mars 

exploration architectures and thus has been one of the main focus of this research. 
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The parametric aspect of the model developed allows for changes in the vehicle requirements 

or in most of the design elements, such that the design of the CTV can be updated, resulting 

in a new overall vehicle mass and size. The vehicle mass obtained from the model is then 

used as input in the aerocapture simulation, which is tested for a range of incoming 

hyperbolic arrival speeds 𝑣∞ at Mars and Earth to determine if aerocapture is possible given 

the limitations of these planets’ atmospheres and aerodynamic and heating loads restrictions 

for the crew and vehicle.  

1.2.1 Earth-Mars Cyclers  

The first cycler orbits were introduced by Hollister in the late 1960’s [1, 2] with the discovery 

of “free-fall” trajectories that repeatedly fly by Earth and Venus by using gravity assists from 

both planets. The first Earth-Mars cycler was also introduced by Hollister, together with Rall 

in 1969 [3, 4]. The advantage of cycler trajectories between Earth and Mars is that the 

massive habitat needed to support the crew during the interplanetary transfer is launched 

once, and a much smaller spacecraft such as the Crew Transfer Vehicle is launched for each 

leg, greatly reducing the launch cost of a human Mars mission.  

Since the first Earth-Mars cycler proposed by Hollister and Rall, several other such 

trajectories have been discovered. In 1985, Buzz Aldrin introduced the “Aldrin Cycler” [5, 

6], which consists of two spacecraft that have regular encounters with both planets with short 

transit times between them. The Aldrin Cycler needs relatively large propulsive deep space 

maneuvers to maintain the orbit and the velocities at the encounters with Earth and Mars are 

higher than other cyclers [6]. Also in the 1980s, Niehoff proposed the Versatile International 

Station for Interplanetary Transport (VIST) class of cycler trajectories, which have lower 

Earth and Mars encounter velocities than the Aldrin Cycler [7, 8].  

Other Earth-Mars cycler trajectories have been later described by Byrnes et. al [9], Chen et. 

al [10] and McConaghy et. al [11, 12]. The later developed the ballistic S1L1 Cycler 

trajectory which is illustrated in Figure 1. This cycler returns to Earth every two synodic 

periods (4 and 2/7 years) and makes an intermediate Earth flyby. The vehicle encounters 
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Mars on the first Earth-Earth leg, which is a short-period transfer with one to two revolutions 

around the sun and the second leg is a longer period, one to two solar revolutions transfer 

(thus, the name S1L1) [12]. 

 

Figure 1. Ballistic S1L1 Cycler [12] 

Whereas many cycler concepts use an idealized, coplanar solar system model with circular 

orbits, the S1L1 Cycler was derived from a model incorporating eccentricities and 

inclinations of planetary orbits and is thus a good representation of a cycler trajectory in the 

“real” solar system. Therefore, it is used to demonstrate the capabilities of the model 

developed in this study.  

1.2.2 Aerocapture  

The concept of using aerodynamic forces for orbit transfers was first introduced in the early 

1960s by Howard London at the 29th Annual Meeting of the Institute of Aeronautical 

Sciences [13]. London proposed utilizing the atmospheric forces in a controlled manner for 

orbital plane change with significantly less energy than propulsive maneuvers. Since then, 

several other studies have been conducted in the field of aero-assisted maneuvers at Earth 

and other planets and different methods have been developed [14]. 

Two of the main classes of aero-assisted maneuvers include aerobraking and aerocapture 

(see Figure 2). Aerobraking consists of first using a propulsive maneuver to insert the vehicle 
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into a highly elliptic orbit which has its periapsis inside the planet’s atmosphere. The 

spacecraft then passes through the periapsis repeatedly, slowly reducing orbital energy and 

lowering the apoapsis, until the final orbit is achieved [15]. Aerocapture is used for 

interplanetary missions to insert a spacecraft into a closed orbit around a planet from a 

hyperbolic approach orbit using a single pass through the atmosphere to reduce the vehicle’s 

speed below escape velocity.  

Performing such orbit insertion propulsively requires a large mass of propellant, significantly 

increasing the size and mass of the spacecraft. Aerocapture takes a few hours or less, while 

aerobraking requires hundreds of passes and can take up to a few months, therefore 

aerocapture is the chosen method for this study, since the CTV shall transfer humans to LMO 

and LEO within reasonable time. 

 

Figure 2. Aerobraking vs. Aerocapture 

Although aerocapture has not yet been realized in a mission, several algorithms have been 

developed and used in simulations. The most widely known algorithms include the analytic 

predictor corrector (APC), numeric predictor-corrector (NPC), terminal point controller 
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(TPC) and energy controller (EC) [15]. These algorithms have been developed for the 

proposed Atmospheric Flight Test Experiment (AFTE), which is an Earth orbit aerocapture 

demonstration flight developed in the early 1990’s but never actually performed [16] and the 

planned Mars Sample Return Mission, which is a joint NASA-CNES mission of the Mars 

Exploration Program [17]. 

The analytic and numeric predictor-corrector algorithms are the second phase of a two-phase 

algorithm in which the vehicle is first bought to a glide through the atmosphere until it 

reaches a prescribed velocity and then the APC or NPC is utilized during the “exit phase”. 

These algorithms use either analytic methods (APC) or numerical methods (NPC) to predict 

the vehicle conditions at the atmospheric exit and thus the attained post aerocapture orbit. 

The algorithms then iteratively correct the initial altitude rate to achieve the desired exit 

conditions. These methods can be seen in more detail in references [18] and [19]. The 

terminal point controller tracks a desired trajectory that must be determined beforehand, and 

the energy controller brings the vehicle to a desired energy state that also must be pre-

determined [20]. References [21] and [19] provide details on the TPC and EC algorithms. 

Using aerocapture for insertion into a Low Mars Orbit (LMO) and Low Earth Orbit (LEO) 

would be an important element of Mars exploration architectures that utilize Earth-Mars 

cycling orbits to transfer crew and cargo between the two planets. In this study, aerocapture 

is used for orbit insertion from the cycler trajectory into LEO and LMO. However, the main 

issue with utilizing aerocapture for such missions is the aerothermodynamic loads that result 

from the extremely high kinetic energy of the vehicle as it travels through the planet’s 

atmosphere. For some of the aerocapture cases, the resulting load factor, heating rate and 

dynamic pressure are too high for a crewed mission.  

While the NPC, APC and other closed loop guidance algorithms are able to track exit 

conditions that successfully achieve the desired post aerocapture orbit apoapsis, they do not 

address the peak aerothermodynamic loads experienced by the vehicle and the post 

aerocapture propellant consumption for orbit circularization. These issues were first 

addressed by Ping Lu [22], who also showed that a minimum-propellant-consumption 
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optimal aerocapture control has a bang-bang structure, meaning that the spacecraft flies with 

either full lift up or full lift down. The solution to the unconstrained optimal aerocapture 

problem using indirect methods such as Pontryagin’s maximum principle demonstrates this 

characteristic as shown in reference [22]. Lu’s algorithm consists of a constant bank angle 

phase, followed by an atmospheric exit phase using bank angle modulation, the switching 

time is found by a numerical predictor corrector. The bang-bang control nature of the 

problem would imply that the spacecraft has to instantly bank from 0o to 180o degrees, which 

is not realistic, therefore, for this study, an additional constraint is placed on the bank angle 

rate of the spacecraft. 

1.3 Thesis Outline  

The thesis presents the parametric design study of the CTV and the design of an optimized 

control law for aerocapture in two chapters. The first chapter presents an overview of the 

CTV concepts of operation, system requirements and the parametric model used for mass 

estimates of the vehicle; furthermore, it presents details on the impulsive maneuvers to be 

performed by the vehicle, along with their corresponding 𝛥𝑣  and propellant mass 

estimations. 

The second chapter focuses on aerocapture, providing an overview of the maneuver and 

details on how to construct the capture and flyable entry corridor for given vehicle 

parameters (which are set by the parametric model) and a wide range of approach conditions. 

Next, details on the trajectory optimization algorithm for the aerocapture using the Hermite-

Simpson direct collocation method and the sliding mode controller used to track that optimal 

trajectory are presented. Finally, simulation results are shown for aerocapture at both Mars 

and Earth, the vehicle parameters used are the ones obtained from applying the model to the 

S1L1 trajectory. 
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Chapter 2 

The Crew Transfer Vehicle 

The primary purpose of the Crew Transfer Vehicle is to transport crew from a Low Earth 

Orbit (LEO) to the Cycler spacecraft travelling on an Earth-Mars cycling orbit, and from the 

Cycler to a Low Mars Orbit (LMO). On the return leg from Mars, the CTV is responsible 

for getting the crew from LMO to the Cycler, and then from the Cycler to LEO. The Cycler 

spacecraft and the design of the descent/ascent stage between LMO and the surface of Mars 

are beyond the scope of this study.  

This chapter presents an overview of the CTV concepts of operation in Section 2, system 

requirements in Section 2.2, the parametric model used for mass estimates of the vehicle in 

Section 2.3 and crewed capsule mass estimation in Section 2.4. Details on the impulsive 

maneuvers to be performed by the vehicle, along with their corresponding 𝛥𝑣 and propellant 

and booster mass estimations are presented in Sections 2.5 and 2.6. Finally, the results 

obtained by applying the parametric model to the S1L1 cycler trajectory are shown in Section 

2.7. 

2.1 Concept of Operations  

The concept of operations (ConOps) shows an overview of all functions and operations to 

be performed by the system. For more detailed description, the ConOps is broken down into 

the Earth to Mars transfer and the Mars to Earth transfer.  

2.1.1  Earth to Mars Transfer  

The ConOps envisions the CTV to be initially launched into a LEO to rendezvous and dock 

with an orbiting station, where the crew and vehicle will be prepared for the transfer 

maneuver. The crew may be launched with the CTV or launched separately and transferred 

to the CTV while it is docked to the orbiting station. The crewed CTV will then perform an 
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impulsive maneuver to escape Earth orbit and subsequently rendezvous and dock with the 

Cycler on a hyperbolic escape trajectory.  

During the Earth-Mars leg of the cycling orbit, the crew will live and work onboard the 

Cycler habitat, the CTV will be dormant. When the Cycler closes on the flyby of Mars, the 

CTV will undock, approach Mars on a hyperbolic trajectory and perform an aerocapture 

maneuver into LMO. Once in LMO, the vehicle will rendezvous and dock with a Mars 

orbiting station, where the crew will be transferred to a reusable lander to be transported to 

the surface. While docked to the Mars orbiting station, the CTV will be resupplied and 

refueled before the crew arrives for departure back to the Cycler. The Earth-Mars transfer 

described is illustrated in Figure 3.  

 

Figure 3. Earth to Mars Transfer [23] 
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2.1.2 Mars to Earth Transfer  

After the mission on the surface of Mars, a reusable lander will bring the crew back to the 

Mars orbiting station and the resupplied CTV. When the Earth-bound Cycler performs a 

flyby leading into the Mars-Earth leg of the cycling orbit, the CTV will perform another 

hyperbolic rendezvous with the Cycler. The crew will again live and work onboard the 

Cycler habitat during the transfer and when the Cycler nears Earth, the CTV will undock and 

approach Earth’s atmospheric interface in a hyperbolic trajectory and aerocapture will again 

be used to transfer the spacecraft into LEO. Once in LEO, the CTV will rendezvous and 

dock with an orbiting station, where the crew will undergo medical evaluation to break the 

planetary contamination chain and prepare for entry, descend and landing (EDL). The Mars 

to Earth mission phase is illustrated in Figure 4. 

 

Figure 4. Mars to Earth Transfer [23] 
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2.2 CTV Functional System Requirements 

Based on the ConOps presented in the previous section, the primary functional design 

requirements for the CTV are listed below.   

1. The CTV shall support a crew of up to 6 people for a maximum duration of 14 days.  

2. The CTV shall be able to perform hyperbolic rendezvous and aerocapture maneuvers at 

both the Mars-bound and Earth-bound legs of the Earth-Mars cycling orbit.  

3. The CTV thermal protection system shall be capable of direct reentry into Earth or Mars 

atmosphere after rendezvous abort.  

4. The CTV heat shield shall be able to support Mars aerocapture during the Mars-bound 

trip and be refurbished in LMO for aerocapture at Earth prior to the Earth-bound trip if 

necessary. 

2.3 CTV Parametric Design Model 

A parametric design model was developed in MATLAB and Simulink to obtain mass 

estimates for the main components of the CTV. The key design parameters are the hyperbolic 

excess speed 𝑣∞  and the altitude of closest approach ℎ𝑝  of the Cycler spacecraft at the 

encounters with Mars and Earth, crew size 𝑛𝑐𝑟𝑒𝑤 , mission time 𝑡𝑚𝑖𝑠𝑠𝑖𝑜𝑛 and the feasibility 

of performing aerocapture maneuvers at both planets. As seen in by Figure 5, the model is 

composed of four main sections: (1) capsule, crew and consumables, (2) impulsive 

maneuvers and 𝛥𝑣 calculations, (3) propellant and booster stage and (4) aerocapture. Each 

of these sections is discussed in more detail in the upcoming subchapters. 
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Figure 5. CTV Parametric Model 
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2.4 Crew Module, Crew and Consumables 

The mass of the crew and consumables is based on the crew size and mission time. Each 

crew member is assumed to weigh 70 kg, which is the average mass of the nominal human 

according to NASA’s “Life Support Baseline Values and Assumptions Document” [24]. The 

spacesuit mass is based on the Advanced Crew Escape Suit, which was worn by Space 

Shuttle astronauts (STS-64 to STS-135) and has an average of 42 kg (13 kg suit weight plus 

29 kg survival systems weight) [25]. Therefore, the total crew mass, 𝑚𝑐𝑟𝑒𝑤 is calculated 

from Equation (1): 

𝑚𝑐𝑟𝑒𝑤 = 𝑛𝑐𝑟𝑒𝑤(42 𝑘𝑔 + 70 𝑘𝑔). (1) 

The consumables include water, food, oxygen and personal items. According to the NASA 

Human Integration Design Handbook [26], each crew member requires a base stock of 2.9 

kg of water per day (2 kg for hydration, 0.5 kg for food rehydration and 0.4 kg for personal 

hygiene). The CTV will have an onboard recycling system like the International Space 

Station’s Water Recovery System (WRS), which recycles about 70% of the water consumed 

daily [26].  

According to reference [24], the average mass of food consumed per crew member daily 

onboard the ISS is 1.83 kg, including packaging and the average mass of oxygen consumed 

per crew member daily is 0.82 kg. The personal items, which include clothing, towels, wash 

cloths and hygiene products add up to 1.22 kg per crew member daily [24]. The total 

consumables mass for the entire crew for the duration of the mission is then calculated using 

Equation (2).  

𝑚𝑐𝑜𝑛𝑠𝑢𝑚𝑎𝑏𝑙𝑒𝑠 = 𝑛𝑐𝑟𝑒𝑤  𝑡𝑚𝑖𝑠𝑠𝑖𝑜𝑛 (2.9
𝑘𝑔

𝑑𝑎𝑦
(1 −

70%

100
 ) + 1.83

𝑘𝑔

𝑑𝑎𝑦
+ 0.82

𝑘𝑔

𝑑𝑎𝑦

+ 1.22
𝑘𝑔

𝑑𝑎𝑦
), 

(2) 

where 𝑡𝑚𝑖𝑠𝑠𝑖𝑜𝑛 is the mission time in days.  
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The estimate for the dry mass of the crew module is based on the Soyuz entry module due 

to its low density. The habitable volume is 3.5 m3 for three members, or 1.17 m3 per crew 

member and the habitat density is 843 kg/m3 (see Reference [27]), including the heat shield 

and thermal protection material for atmospheric reentry descend and landing at Earth from 

LEO. Therefore, the crew module mass is calculated using Equation (3).  

𝑚𝑚𝑜𝑑𝑢𝑙𝑒 = 843
𝑘𝑔

𝑚2 (1.17
𝑚2

𝑐𝑟𝑒𝑤
 𝑛𝑐𝑟𝑒𝑤) (3) 

Additional thermal protection system (TPS) material will need to be included in the crew 

module mass for the aerocapture at Mars and Earth. The mass model for the additional TPS 

is described in Equation (4) [28]. 

𝑚ℎ𝑒𝑎𝑡𝑠ℎ𝑖𝑒𝑙𝑑 = (0.00091 𝑄0.51575)𝑚0, (4) 

where 𝑄 is the integrated heat load in J/cm2 and 𝑚0 is the entry mass and is given by Equation 

(6). 

𝑚0 = 𝑚𝑚𝑜𝑑𝑢𝑙𝑒 +𝑚𝑐𝑟𝑒𝑤 +𝑚𝑐𝑜𝑛𝑠𝑢𝑚𝑎𝑏𝑙𝑒𝑠 +𝑚𝑏𝑜𝑜𝑠𝑡𝑒𝑟 +𝑚𝑐𝑖𝑟𝑐 , (5) 

where 𝑚𝑐𝑖𝑟𝑐 is the mass of the propellant needed for post aerocapture orbit circularization 

and the mass of the booster 𝑚𝑏𝑜𝑜𝑠𝑡𝑒𝑟 estimation is described in Section 2.6. According to 

the aerocapture simulations, the heat load value 𝑄 does not exceed 350 MJ/m2.  

2.5 Impulsive Maneuvers and Δv Calculations 

The total 𝛥𝑣 for the Mars-bound trip and the Earth-bound trip is the sum of the 𝛥𝑣 values 

for the following maneuvers:  

Mars-Bound:  

1. LEO to Cycler rendezvous  

2. Cycler to hyperbolic Mars approach setting up aerocapture. 

3. Post aerocapture orbit circularization into LMO  



 

15 
 

Earth-Bound:  

1. LMO to Cycler rendezvous  

2. Cycler to hyperbolic Earth approach setting up aerocapture. 

3. Post aerocapture orbit circularization into LEO  

Details about the rendezvous with the Cycler from either LEO or LMO are described next. 

2.5.1 Departure Maneuver and Cycler Rendezvous 

For the hyperbolic rendezvous with the Cycler from both LEO and LMO, three options are 

considered. In the first, the CTV rendezvous with the Cycler through a hyperbolic transfer 

orbit; in the second, the CTV performs a Hohmann transfer into the hyperbolic cycling orbit; 

the third considers a highly elliptic transfer orbit.  

2.5.1.1    Hyperbolic Transfer Orbit 

The hyperbolic transfer is illustrated in Figure 6.  

 

Figure 6. Cycler Rendezvous – Hyperbolic Transfer Orbit 
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As seen in Figure 6, the Cycler approaches the planet through a hyperbolic trajectory. The 

CTV performs a tangential impulsive maneuver from the circular parking orbit into a 

hyperbolic transfer orbit, which will have a periapsis equal to the parking orbit radius and 

the same excess speed as the cycling orbit. Its apse line must be rotated by 𝛥𝜔 degrees such 

that it intersects the cycler trajectory. The parking, hyperbolic transfer and cycler orbits are 

assumed to be coplanar. The CTV is inserted into a hyperbolic trajectory that crosses the 

Cycler orbit on its outbound direction, as it requires significantly less 𝛥𝑣 than enforcing the 

intersection to occur during the inbound leg of the cycling trajectory. 

The 𝛥𝑣 for the transfer from the parking orbit into the hyperbolic transfer orbit is calculated 

using Equation (6).  

∆𝑣𝑅𝐷𝑉,1 = √𝑣∞
2 +

2 𝜇

𝑟𝑝𝑎𝑟𝑘
−√

𝜇

𝑟𝑝𝑎𝑟𝑘
, (6) 

where, 𝜇  is the planet’s standard gravitational parameter, and 𝑟𝑝𝑎𝑟𝑘  is the radius of the 

circular LEO or LMO. The first term on the right-hand side of Equation (6) corresponds to 

the CTV speed at the periapsis of the hyperbolic transfer orbit and the second term 

corresponds to the CTV speed at the parking orbit. This maneuver does not consider abort 

options in case the rendezvous with the Cycler fails. 

A second impulsive maneuver is performed once the CTV intersects the Cycler. The 𝛥𝑣 and 

transfer time for such maneuver depends on the rotation of the apse line, 𝛥𝜔. To calculate 

the 𝛥𝑣 for this maneuver, the intersection point between the two orbits must be computed 

first. To find that intersection position, the orbital parameters for both the cycler orbit and 

transfer hyperbolic orbit are first calculated.  

The semi-major axis of both the cycler and the transfer hyperbola are calculated using 

Equation (7). 

𝑎 = −
𝜇
𝑣∞
2⁄  (7) 
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The eccentricity is then given by Equation (8). 

𝑒 = 1 −
𝑟𝑝

𝑎⁄  , (8) 

where 𝑟𝑝 is equal to the radius of the parking orbit for the hyperbolic transfer orbit and equal 

to the radius of closest approach for the cycling orbit.  

At their point of intersection, the orbital radii of the cycler orbit and transfer orbit are 

equivalent, as expressed in Equation (9). 

𝑟 =
𝑝𝑐

1 + 𝑒𝑐cos (𝜃𝑐)
=

𝑝𝑡
1 + 𝑒𝑡cos (𝜃𝑡)

 , (9) 

where 𝑒𝑐 and 𝑒𝑡 are the eccentricities of the cycler orbit and transfer orbit respectively, 𝜃𝑐 

and 𝜃𝑡 are the true anomalies of the orbits at the point of intersection; 𝑝𝑐 and 𝑝𝑡 are the semi-

latus rectum of the cycler orbit and transfer orbit respectively and are calculated from the 

angular momentum ℎ and standard gravitational parameter of the planet, 𝜇: 

𝑝 = ℎ2
𝜇⁄ = 𝑎(1 − 𝑒2) (10) 

As seen in Figure 6, the true anomaly of the transfer orbit can be expressed in terms of the 

Cycler orbit true anomaly 𝜃𝑐 and the rotation of the apse line 𝛥𝜔 according to Equation (11). 

𝜃𝑡 = 𝜃𝑐 + |𝛥𝜔| (11) 

Therefore, for a given apse line rotation 𝛥𝜔 , finding the point of intersection is then 

accomplished by finding the Cycler true anomaly 𝜃𝑐 that satisfies Equation (12). 

𝑝𝑐
𝑝𝑡

−
1 + 𝑒𝑐cos (𝜃𝑐)

1 + 𝑒𝑡cos (𝜃𝑐 + |𝛥𝜔|)
 = 0 (12) 

The 𝛥𝑣  for the second maneuver is then calculated by finding the radial and tangential 

components of the orbital velocity on the cycler orbit and the transfer orbit at their point of 

intersection according to Equations (13) and (14).  
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𝑣𝑟 =
𝜇

ℎ
𝑒 sin𝜃 (13) 

𝑣⊥ =
𝜇

ℎ
(1 + 𝑒 cos 𝜃) (14) 

where 𝜃 is the true anomaly at the intersection between the orbits (𝜃𝑐 and 𝜃𝑡). The velocity 

components are then used to calculate the 𝛥𝑣 for the transfer from the hyperbolic to the 

cycling orbit: 

Δ𝑣𝑅𝐷𝑉,2 = √(𝑣⊥,𝑡 − 𝑣⊥,𝑐)
2
+ (𝑣𝑟,𝑡 − 𝑣𝑟,𝑐)

2
 (15) 

The total 𝛥𝑣 for the maneuver is then obtained by summing Equations (6) and (15). 

Δ𝑣𝑅𝐷𝑉 = Δ𝑣𝑅𝐷𝑉,1 + Δ𝑣𝑅𝐷𝑉,2 (16) 

The transfer time 𝑡𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 from the first impulsive maneuver until the CTV reaches the 

Cycler can be found from the intersection true anomaly of the transfer orbit 𝜃𝑡, by solving 

the Kepler problem. The first step is finding the hyperbolic eccentric anomaly 𝐹: 

𝐹 = 2 tanh−1 [√
𝑒𝑡 − 1

𝑒𝑡 + 1
tan (

𝜃𝑐 + |Δ𝜔|

2
)] (17) 

Then, the mean hyperbolic anomaly 𝑀ℎ is calculated as shown in Equation (18) and finally 

the transfer time in seconds is calculated using Equation (19). 

𝑀ℎ = 𝑒𝑡 sinh(𝐹) − 𝐹 (18) 

𝑡𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 =
𝑀ℎ  ℎ𝑡

3

𝜇2(𝑒𝑡
2 − 1)3/2

 (19) 

A test case from the S1L1 cycler, with a Mars encounter 𝑣∞ of 6.34 km/s and altitude of 

closest approach ℎ𝑝 of 9,300 km [12] is used to illustrate the relationship between apse line 

rotation, 𝛥𝑣 and transfer time, as seen in Figure 7 and Figure 8. 
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Figure 7. Relationship between Δv and Δω and transfer time for hyperbolic transfer orbit 

 

Figure 8. Cycler rendezvous with hyperbolic transfer orbit for several apoapsis rotation angles 

Δ𝜔   

Δ𝜔   
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Figure 8 shows that there is a linear relationship between the apse line rotation and the total 

𝛥𝑣 for the maneuver. The transfer time, on the other hand, increases as the 𝛥𝑣 decreases, 

therefore, there is a tradeoff between 𝛥𝑣 cost and transfer time. The parametric model takes 

the mission time inputted by the user and finds the apse line rotation angle Δ𝜔 that yields 

the lowest possible 𝛥𝑣 given the transfer time constraint set by the user. 

2.5.1.2    Hohmann Transfer 

The Hohmann transfer is performed with two impulsive maneuvers, the first takes the CTV 

from its initial parking orbit to a transfer elliptical orbit and the second maneuver is 

performed at the apoapsis of the transfer ellipse to transfer the CTV to the periapsis of the 

cycling orbit. The maneuver is illustrated in Figure 9.  

 

Figure 9. Cycler Hohmann Transfer 

The 𝛥𝑣𝑅𝐷𝑉 for this maneuver is calculated by summing Equations (20) and (21). 
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Δ𝑣𝑅𝐷𝑉,1 = √𝜇 (
2

𝑟𝑝,𝑡
−

1

𝑎𝑡
)− √

𝜇

𝑟 𝑝𝑎𝑟𝑘
 (20) 

Δ𝑣𝑅𝐷𝑉,2 = √𝜇 (
2

𝑟𝑝,𝑐
−

1

𝑎𝑐
) − √𝜇 (

2

𝑟𝑎,𝑡
−

1

𝑎𝑡
), (21) 

where 𝑟𝑝,𝑡 is the periapsis of the transfer orbit and is equal to the radius of the circular parking 

orbit 𝑟𝑝𝑎𝑟𝑘;  𝑟𝑝,𝑐 is the periapsis of the cycling orbit; 𝑎𝑐 is the semi-major axis of the cycling 

orbit and is calculated using Equation (7); 𝑟𝑎,𝑡 is the apoapsis of the transfer orbit and is 

equal to 𝑟𝑝,𝑐 ; and 𝑎𝑡  is the semi-major axis of the transfer orbit and is calculated using 

Equation (22). 

𝑎𝑡 =
𝑟𝑝,𝑡 + 𝑟𝑝,𝑐

2
 (22) 

The time 𝑇𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 for a Hohmann transfer is simply half the orbital period of the transfer 

ellipse, or: 

𝑇𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 = 𝜋√
𝑎𝑡
3

𝜇
 (23) 

2.5.1.3    Highly Elliptic Transfer 

The Cycler rendezvous through a highly elliptic transfer orbit is illustrated in Figure 10. 
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Figure 10. Cycler Rendezvous – Elliptic Transfer Orbit 

As seen in the figure, the CTV performs a tangential burn from the circular parking orbit 

into a highly elliptic transfer orbit with periapsis equal to the radius of the parking orbit. The 

apse line of the transfer orbit is rotated in the clockwise (positive) direction by 𝛥𝜔 degrees 

such that the orbit intercepts the Cycler during the inbound direction of both orbits. Again, 

the parking, elliptic transfer and cycling orbits are assumed to be coplanar.  
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For this maneuver, two parameters need to be selected, the eccentricity of the transfer orbit 

and the rotation of the apse line Δ𝜔. MATLAB’s optimization toolbox is used to find the 

combination of eccentricity and Δ𝜔 that minimizes the total Δ𝑣 for the maneuver while the 

transfer time does not exceed the maximum mission time inputted by the user. The method 

for calculating the intersection point and total Δ𝑣  for a given eccentricity and Δ𝜔 

combination is described next.  

The semi-major axis of the elliptic transfer orbit is given by: 

𝑎𝑡 =
𝑟𝑝,𝑡

1 − 𝑒𝑡
, (24) 

where 𝑟𝑝,𝑡 is the periapsis radius of the transfer orbit and is equal to the parking orbit radius. 

The ∆𝑣𝑅𝐷𝑉,1 required to transfer the CTV from the parking orbit into the elliptic transfer 

orbit is calculated using Equation (25): 

∆𝑣𝑅𝐷𝑉,1 = √𝜇 (
2

𝑟𝑝𝑎𝑟𝑘
−

1

𝑎𝑡
) −√

𝜇

𝑟𝑝𝑎𝑟𝑘
 (25) 

The intersection point can then be calculated using Equation (12). The true anomaly of both 

orbits at the intersection position is shown in the counterclockwise direction and is therefore 

negative. The relation between both angles is then expressed by Equation (26). 

𝜃𝑡 = 𝜃𝑐 − Δ𝜔 (26) 

For a positive apse line rotation of 𝛥𝜔 degrees, the true anomaly of the cycler orbit at the 

point of intersection can be found by solving Equation (27). 

𝑝𝑐
𝑝𝑡

−
1 + 𝑒𝑐 cos(𝜃𝑐)

1 + 𝑒𝑡 cos(𝜃𝑐 − Δ𝜔)
 = 0, (27) 

where the semi-latus rectum of the cycler and elliptic transfer orbit, 𝑝𝑐 and 𝑝𝑡 respectively, 

are calculated using Equation (10). Equations (13) and (14) are then used to calculate the 
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components of the orbital velocities at the intersection point. Next, Equation (15) is used to 

calculate the required velocity change for the second maneuver Δ𝑣𝑅𝐷𝑉,2 and Equation (16) 

is used to calculate the total required Δ𝑣 for the rendezvous with the cycler, Δ𝑣𝑅𝐷𝑉. 

The total transfer time for the rendezvous with the cycler through an elliptic transfer orbit is 

calculated in the same manner as for the rendezvous through a hyperbolic transfer, however, 

instead of using the hyperbolic eccentric anomaly, the elliptic eccentric anomaly is calculated 

using Equation (28). 

𝐸𝑡 = 2 tan−1 [√
1 − 𝑒𝑡
1 + 𝑒𝑡

tan (
2𝜋 − |𝜃𝑡|

2
)] (28) 

The mean anomaly 𝑀𝑒 and transfer time are then found through Equations (29) and (30) 

respectively. 

𝑀𝑒 = 𝐸 − 𝑒𝑡 sin(𝐸) (29) 

𝑡𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟 =
𝑀𝑒 ℎ𝑡

3

𝜇2(1 − 𝑒𝑡
2)3/2

 (30) 

The same S1L1 cycling orbit test case that was used for the hyperbolic transfer (Mars 

encounter 𝑣∞  of 6.34 km/s and ℎ𝑝  of 9,300 km [12]) is used here to demonstrate the 

relationship between the 𝛥𝑣 and the eccentricity and apse line rotation combination as seen 

in Figure 11 and between the apse line rotation, 𝛥𝑣 and transfer time as seen in Figure 12 

and Figure 13. 
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Figure 11. Δv vs. apse line rotation and eccentricity for highly elliptic transfer 

The results shown in Figure 11 encompass all combinations of elliptic orbit eccentricity and 

apse line rotation angle in which both orbits intercept in their inbound direction, that is, when 

they are approaching the planet. The lowest eccentricity corresponds to a Hohmann transfer 

orbit, while the highest is just below 1.0 (when the orbit becomes parabolic). The apse line 

rotation ranges from about 73o to 180o, which is the case of the Hohmann transfer. For any 

combination of these two parameters that is outside of the contour plot, either the orbits do 

not intersect, or they intersect when either one or both orbits are in their outbound direction.  

As seen in the plot, the higher the eccentricity, the wider the range of 𝛥𝜔 in which the orbits 

intersect. Also, for eccentricities below about 0.625, the lower 𝛥𝑣 cost corresponds to the 

𝛥𝜔 at the lower bound, while for eccentricities above 0.625, the 𝛥𝑣 initially decreases as 𝛥𝜔 

increases, reaches a minimum, and then increases as 𝛥𝜔 is further increased (this trend can 
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also be observed in Figure 12). For this test case, the lowest  𝛥𝑣 was found to be 6.11 km/s 

at an eccentricity of 0.99 and apse line rotation of 79o.  

Even though higher eccentricities yield lower 𝛥𝑣, they also translate to orbits with higher 

periods and therefore, higher transfer times. Figure 12 and Figure 13 demonstrate the 

relationship between apse line rotation, 𝛥𝑣 and transfer time for a given eccentricity (chosen 

to be 0.9 for this demonstration). 

 

Figure 12. Relationship between Δv, Δω and transfer time for elliptic transfer orbit 
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Figure 13. Cycler rendezvous with elliptic transfer orbit for several apoapsis rotation angles 

As seen in Figure 12, the lower bound for the apse line rotation is 80o, for any 𝛥𝜔 below this 

value, the orbits do not intercept. As 𝛥𝜔  increases, the 𝛥𝑣  decreases until it reaches a 

minimum of 6.18 km/s at an apse line rotation of 87o; as the apse line is rotated further, the 

𝛥𝑣 cost increases again. This same trend was observed in Figure 11.  

Just like with the hyperbolic transfer, there is a tradeoff between the transfer time and total 

𝛥𝑣 for this maneuver until the minimum 𝛥𝑣 is achieved, after that point, however, 𝛥𝑣 rises 

exponentially as the transfer time rises. 

2.5.1.4    Rendezvous Approaches Comparison  

The Earth and Mars encounter conditions from the S1L1 Cycler itinerary are used to compare 

the three planet departure and rendezvous approaches. Table 1 shows the Δ𝑣 and transfer 

time for each maneuver (hyperbolic transfer, Hohmann transfer and highly elliptic transfer) 

Δ𝜔   

Δ𝜔   
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for the S1L1 Earth encounters (Mars-bound trips). Table 2 shows the same results for the 

S1L1 Mars encounters. 

Table 1. Comparison between rendezvous maneuvers from LEO 

Mars-Bound (Cycler RDV from LEO) 

𝒗∞ 𝒉𝒑  

𝚫𝒗 Transfer Time, hours 

Hohmann 

Transfer 

Elliptic 

Transfer 

Hyperbolic 

Transfer 

Hohmann 

Transfer 

Elliptic 

Transfer 

Hyperbolic 

Transfer 

5.19 21,400 7.18 6.47 5.40 3.13 44.29 5.38 

6.87 31,100 8.82 8.49 5.87 4.53 40.81 12.28 

7.02 37,400 9.11 8.76 5.85 5.54 39.91 17.39 

6.43 41,500 8.70 8.61 5.57 6.23 36.15 18.40 

5.31 35,200 7.67 7.23 5.27 5.18 39.90 11.07 

4.00 19,900 6.36 5.59 5.09 2.92 44.90 4.26 

3.99 4,300 5.00 4.76 4.86 1.12 47.03 1.02 

4.61 14,800 6.47 5.77 5.34 2.27 45.70 3.06 

6.09 27,400 8.07 7.51 5.64 3.98 42.69 8.49 

7.09 35,200 9.12 8.81 5.97 5.18 39.96 14.34 

6.73 41,500 8.95 8.60 5.73 6.23 39.08 18.10 

5.78 39,200 8.12 7.66 5.36 5.84 39.88 14.57 

4.43 26,900 6.85 6.12 5.09 3.90 43.08 6.78 

3.75 10,000 5.65 5.14 5.07 1.71 46.39 1.93 
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Table 2. Comparison between rendezvous maneuvers from LMO 

Earth-Bound (Cycler RDV from LMO) 

𝒗∞ 𝒉𝒑  

𝚫𝒗 Transfer Time, hours 

Hohmann 

Transfer 

Elliptic 

Transfer 

Hyperbolic 

Transfer 

Hohmann 

Transfer 

Elliptic 

Transfer 

Hyperbolic 

Transfer 

5.83 300 4.16 4.99 - 0.95 2.47 - 

4.78 6,800 4.81 4.71 3.66 2.44 2.40 6.21 

3.26 11,900 3.90 3.70 2.73 3.90 2.29 8.37 

2.75 9,900 3.41 3.14 2.55 3.30 2.35 5.61 

4.59 7,000 4.67 4.61 3.54 2.49 2.38 6.22 

7.19 10,500 7.34 7.54 5.33 3.48 2.24 33.36 

7.72 12,500 7.99 7.90 5.98 4.09 2.31 11.84 

6.64 3,800 5.98 6.24 5.01 1.70 2.43 4.53 

5.58 2,100 4.65 5.06 4.15 1.31 2.45 1.90 

3.80 11,900 4.35 4.24 3.06 3.90 2.27 9.60 

2.76 9,700 3.41 3.15 2.56 3.24 2.35 5.71 

3.96 2,000 3.38 3.51 3.09 1.29 2.46 1.44 

6.34 9,300 6.45 6.40 4.72 3.13 2.35 14.87 

7.81 12,100 8.05 7.99 5.95 3.96 2.31 18.44 

 

The parametric model selects which of these options results in the lowest Δ𝑣 cost that is 

within the maximum mission time. For both the Mars-bound and Earth-bound trips, the 

hyperbolic transfer is the planet departure and rendezvous approach that yields the lowest 

Δ𝑣 for most of the cases, however, those also correspond to the highest transfer times (up to 

18.4 hours at Earth and 33.4 hours at Mars).  

2.5.2 Planetary Approach 

The hyperbolic planetary approach that sets up the aerocapture maneuver is accomplished 

by propulsively dropping the periapsis of the CTV after undocking from the Cycler, such 

that the CTV enters the atmosphere with a flight path angle that is within the entry corridor 

described in Chapter 3. The maneuver is illustrated in Figure 14. 
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Figure 14. Cycler to hyperbolic Mars/Earth approach setting up aerocapture 

The resulting hyperbolic approach trajectory of the CTV is set to have the same 𝑣∞ as the 

cycler trajectory. The semi major axis of the hyperbolic approach orbit 𝑎𝑎𝑝 is then calculated 

using Equation (7). To find the periapsis of the approach hyperbola, the desired flight path 

angle at the atmospheric interface is first used to find the desired angular momentum of the 

trajectory according to Equation (31). 

ℎ𝑎𝑝 = 𝑟0𝑣0 cos(𝛾0) , (31) 

where 𝑟0 is the orbital radius at the atmospheric interface and 𝑣0 is the orbital velocity at the 

interface and is given by Equation (32). 
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𝑣0 = √𝜇 (
2

𝑟0
−

1

𝑎𝑎𝑝
) (32) 

The semi-latus rectum 𝑝𝑎𝑝 of the approach orbit is found using the first term of Equation 

(10) and the eccentricity is then found using Equation (33). 

𝑒𝑎𝑝 = √1 −
𝑝𝑎𝑝
𝑎𝑎𝑝

 (33) 

As seen in Figure 14, for a given apse line rotation Δ𝜔, the true anomaly of the hyperbolic 

approach orbit at the intersection point with the cycler trajectory can be calculated  using 

Equation (34). 

𝜃𝑎𝑝 = 𝜃𝑐 − Δ𝜔 (34) 

Note that the intersection true anomalies, 𝜃𝑎𝑝 and 𝜃𝑐 are negative and the apse line rotation 

angle Δ𝜔 is positive. The intersection point is then found using Equation (27), with the 

hyperbolic approach trajectory as the transfer orbit. 

Finally, Equations (13) and (14) are used to find the radial and tangential velocities of both 

orbits at the intersection point and Equation (15) is used to calculate the total velocity change 

Δ𝑣𝑎𝑝 for the maneuver from the Cycler orbit onto the hyperbolic approach trajectory. 

The transfer time from the intersection point to the atmospheric interface of the planet can 

be calculated by solving the Kepler Problem. The eccentric anomaly 𝐸, mean anomaly 𝑀𝑒 

and transfer time 𝑡𝑡𝑟𝑎𝑛𝑠𝑓𝑒𝑟  from the intersection point to the periapsis of the hyperbolic 

approach orbit are calculated using Equations (17), (18) and (19) respectively. The time to 

the atmospheric interface can then be calculated by subtracting the flight time from the 

atmospheric interface to the periapsis (assuming there is no atmosphere). 

Similar to the hyperbolic rendezvous maneuver, the total 𝛥𝑣 for the approach maneuver is 

proportional to the apse line rotation angle Δ𝜔, and inversely proportional to the transfer 
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time. To illustrate these relationships, the results of an aerocapture at Mars with approaching 

𝑣∞ of 6.61 km/s and altitude of closest approach of 16,600 km [12] are shown in Figure 15 

and Figure 16. The atmospheric entry flight path angle was chosen to be -12o, which is within 

the bounds of the entry corridor for an approach 𝑣∞ of 6.61 km/s as shown in the next 

chapter. 

 

Figure 15. Relationship between Δv, Δω and transfer time for hyperbolic approach orbit 
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Figure 16. Hyperbolic approach setting up for aerocapture  

The relation between apse line rotation and Δ𝑣 and between Δ𝑣 and transfer time are similar 

to those of the hyperbolic rendezvous. Figure 15 shows that the Δ𝑣 required for the minimum 

apse line rotation angle Δ𝜔𝑚𝑖𝑛 is the lowest and increases as the apse line rotation angle 

increases. Figure 16 shows that the lower the apse line rotation angle Δ𝜔, the longer the 

trajectory and therefore the higher the transfer time. The trajectory corresponding to Δ𝜔𝑚𝑎𝑥 

on the other hand, is the shortest, however it requires much higher Δ𝑣. Like the hyperbolic 

approach maneuver, the model finds the apse line rotation Δ𝜔 that yields the lowest Δ𝑣 

while not exceeding the transfer time limit. 
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2.5.3 Post Aerocapture Orbit Circularization 

The post aerocapture orbit circularization maneuver consists of performing a periapsis raise 

maneuver at the apoapsis of the post aerocapture orbit as illustrated in Figure 17. The ∆𝑣𝑐𝑖𝑟𝑐 

needed for this maneuver is calculated from the targeted orbit radius 𝑟𝑡𝑔𝑡, the apoapsis radius 

𝑟𝑎𝑝𝑜 and the semi-major axis of the post aerocapture orbit 𝑎𝑝𝑜𝑠𝑡 in Equation (35). 

 

Figure 17. Post Aerocapture Orbit Circularization (not to scale) 

∆𝑣𝑐𝑖𝑟𝑐 = √
𝜇

𝑟𝑡𝑔𝑡
−√𝜇 (

2

𝑟𝑎𝑝𝑜
−

1

𝑎𝑝𝑜𝑠𝑡
) (35) 

The first term in Equation (35) represents the velocity of the circular target parking orbit and 

the second term corresponds to the velocity at the apoapsis of the post aerocapture orbit. 

Δ𝑣𝑐𝑖𝑟𝑐
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Details on how to calculate the apoapsis and semi-major axis of the post aerocapture orbit, 

𝑟𝑎𝑝𝑜 and 𝑎𝑝𝑜𝑠𝑡 are presented in Chapter 3. 

2.5.4 Total CTV Maneuver Demand 

After obtaining the Δ𝑣 for each maneuver, the total Δ𝑣 the CTV must be able to accomplish 

for each leg of the mission can be calculated using Equation (36). The equation is valid for 

both the Mars-bound and Earth-bound parts of the mission. 

𝛥𝑣𝑡𝑜𝑡𝑎𝑙 = ∆𝑣 𝑟𝑒𝑛𝑑𝑒𝑧𝑣𝑜𝑢𝑠 +  Δ𝑣𝑎𝑝𝑝𝑟𝑜𝑎𝑐ℎ + ∆𝑣𝑐𝑖𝑟𝑐 (36) 

2.6 Propellant Mass and Boost Stage  

The boost stage is sized to hold the highest amount of propellant required. The propellant 

mass is based on the choice of propellant, the dry mass of the vehicle and the highest total 

∆𝑣 for the Mars-bound trip or for the Earth-bound trip. 

The propellant mass for the trip is calculated from the total required velocity change Δ𝑣, the 

vehicle dry mass 𝑚𝑑𝑟𝑦, the specific impulse 𝐼𝑠𝑝 of the propulsion system, and the standard 

gravity acceleration 𝑔0 = 9.81 m/s2 using the rocket equation:  

𝑚𝑝𝑟𝑜𝑝 = 𝑚𝑑𝑟𝑦 (𝑒
𝛥𝑣

𝐼𝑠𝑝𝑔0 − 1), (37) 

where 𝑚𝑑𝑟𝑦 is given by Equation (38).   

𝑚𝑑𝑟𝑦 = 𝑚𝑐𝑎𝑝𝑠𝑢𝑙𝑒 +𝑚𝑐𝑟𝑒𝑤 +𝑚𝑐𝑜𝑛𝑠𝑢𝑚𝑎𝑏𝑙𝑒𝑠 +𝑚𝑏𝑜𝑜𝑠𝑡𝑒𝑟 (38) 

To account for design uncertainties, unusable propellant, propellant for bank angle control 

during aerocapture and attitude control system propellant, a margin of 10% is added to the 

total propellant mass.  
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The mass of the boost stage and propellant depend on each other. Therefore, a first estimate 

for the boost stage mass is used to calculate the propellant mass, which is then used to 

calculate a new estimate for the booster, which is used to compute a new propellant mass. 

This process is iterated until both propellant and boost stage mass converge.  

The boost stage consists of the propellant tanks (oxidizer and fuel tanks), pressurant tank, 

main engine, twelve attitude control thrusters, valves, lines, fittings and the supporting 

structure with thermal protection. The first step towards obtaining the mass of the propellant 

tanks is to calculate the mass of the fuel and oxidizer based on their mixture ratio and the 

total propellant mass. The mass and densities of fuel and oxidizer are then used to find their 

volume which is equivalent to their respective tanks’ internal volume. The tank is assumed 

to be shaped as shown in Figure 18.  

 

Figure 18. Tank shape 

The tank mass can be obtained from the thickness, internal volume and density of the chosen 

material. The thickness of the cylindrical section of the tank is described by Equation (39) 

and the thickness of the spherical section is described by Equation (40) [29].  

𝑡 =
𝑃𝑟

𝑆
 (39) 

𝑡 =
𝑃𝑟

2 𝑆
 (40) 

In the above equations, 𝑃 is the tank operating pressure and 𝑆 is the maximum stress it can 

withstand, which depends on the choice of material; 𝑟 is the tank radius and is calculated 

from the internal volume and tank shape.   

Therefore, the mass of the tank is calculated with Equation (41) [29]: 
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𝑚𝑡𝑎𝑛𝑘 = 𝑏𝑟 𝜋𝜌𝑚𝑎𝑡𝑒𝑟𝑖𝑎𝑙(𝑅
2 − 𝑟2) +

4

3
𝜋𝜌𝑚𝑎𝑡𝑒𝑟𝑖𝑎𝑙(𝑅

3 − 𝑟3), (41) 

where 𝜌𝑚𝑎𝑡𝑒𝑟𝑖𝑎𝑙 is the density of the tank material and 𝑅 is outer radius of the tank, which is 

the sum of the tank internal radius 𝑟 and thickness 𝑡. The first term of Equation (41) 

corresponds to the mass of the cylindrical section and the second term corresponds to the 

mass of the upper and lower domes.  

The mass of the pressurant is calculated from Equation (42) [30].  

𝑚𝑝𝑟𝑒𝑠𝑠 =
𝑉𝑝𝑟𝑜𝑝 𝑃

(𝑅𝑔𝑎𝑠𝑇 − 𝑃
𝜌𝑔𝑎𝑠⁄ )

, (42) 

where 𝑉𝑝𝑟𝑜𝑝 is the volume of the propellant, 𝑃 and 𝑇 are the end of life (EOL) tank pressure 

and temperature respectively, 𝑅𝑔𝑎𝑠 is the specific gas constant and 𝜌𝑔𝑎𝑠 is the density of the 

pressurant gas. The pressurant tank mass can also be determined using Equations (39) though 

(41).  

The engine mass is calculated based on the regression of upper stage engines mass against 

their produced thrust. The upper stages and the values used for the regression are summarized 

in Table 3.  

Table 3. Upper Stages Engine Mass and Thrust Information [30] 

Upper Stage Engine Thrust, kN Mass, kg 

Centaur, Exploration Upper Stage (EUS) RL 10 110 168 

Falcon 9 Upper Stage Merlin 1D 480 630 

Ariane 5 2nd Stage (G+, GS, ES) - EPS L10 Aestus 27 111 

Ariane 5 2nd Stage (ECA) - ESC-A HM7B 62.2 165 

The data and linear fit are shown in Figure 19. 
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Figure 19. Engine mass regression 

The equation for the linear fit used to calculate the mass of the engine is then:  

𝑚𝑒𝑛𝑔𝑖𝑛𝑒 = 1.1464 𝑇 + 75.078, (43) 

where 𝑇 is the thrust value in Newtons.  

The booster attitude control is accomplished by 12 thrusters; their masses are calculated in 

the same manner as the main engine, but the regression is based on the smaller thrust engines 

presented in Table 4. The thruster data were obtained from reference [30].  

Table 4. Thrusters Mass and Thrust Information [30] 

Engine Thrust (N) Mass (kg) 

10 N Bipropellant Thruster 10 0.5 

5lb Cb 22 0.865 

R-1E 111 2 

S400-12 420 3.6 

HiPAT 445 5.3 

TR-308 472 4.76 

TR-312-100MN 503 6.03 
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The data and quadratic fit are shown in Figure 20. 

 

Figure 20. Thrusters mass regression 

The best fit for the data is then represented by the quadratic Equation (44), which is 

multiplied by the number of thrusters.  

𝑚𝑡ℎ𝑟𝑢𝑠𝑡𝑒𝑟𝑠 = 12 (8 ∙ 10−6 𝑇2 + 0.0054 𝑇 + 0.7572) (44) 

The mass for the valves, lines, fittings and the supporting structure and thermal protection 

mass accounts for about 27% of the total booster stage mass [29], therefore it is calculated 

using Equation (45). 

𝑚𝑣𝑎𝑙𝑣𝑒𝑠,𝑙𝑖𝑛𝑒𝑠,𝑠𝑡𝑟𝑢𝑐𝑡𝑢𝑟𝑒 = (27 73⁄ ) (𝑚𝑒𝑛𝑔𝑖𝑛𝑒 +𝑚𝑡𝑎𝑛𝑘𝑠 +𝑚𝑡ℎ𝑟𝑢𝑠𝑡𝑒𝑟𝑠) (45) 

The main parameters for boost stage mass calculations are based on the propellant, 

pressurant and tank materials. For the CTV, the model includes cryogenic liquid hydrogen 

(LH2) or liquid methane (LCH4) as fuel, with liquid oxygen (LO2) as oxidizer. Titanium is 

used for the tanks and helium is the choice for pressurant. The related parameters are 

summarized in Table 5. 
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Table 5. Boost Stage Mass Calculations Parameters [30] 

Parameter Value 

Specific impulse – LO2/LH2 (s) 460 

Specific impulse – LO2/ LCH4 (s) 375  

Main engine thrust (kN) - based on Centaur Upper Stage 110 

Attitude control thrusters thrust (N) 464 

Mixture ratio – LO2/LH2 5 

Mixture ratio – LO2/LCH4 3.8 

Titanium density, kg/m3 4,512 

Titanium Maximum Stress, MPa 758 

2.7 CTV Mass Estimation for the S1L1 Earth-Mars 

Cycler  

To demonstrate the capabilities of the parametric model described in the previous sections, 

the results of its application to the S1L1 Earth-Mars Cycler trajectory itinerary [12] are 

presented. Table 7 shows the resulting mass of the capsule, crew and consumables for a 6-

member crew and maximum mission duration of 14 days for each trip, the results are based 

on the parameters described in section 2.4 and summarized in Table 6. The mission time of 

14 days accommodates possible abort options, which are beyond the scope of this study.  

Table 6. Parameters for capsule, crew and consumables mass estimations 

Parameter Value 

Space suit 42 kg 

Crew Member 70 kg 

Water 2.9 kg* 

Food 1.83 kg* 

Oxygen 0.82 kg* 

Personal Items 1.22 kg* 

Habitable Volume 1.17 m3 

Habitat Density 843 kg/m3 

* daily, per crew member  
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Table 7. Capsule, crew and consumables mass for 14-day mission with 6-member crew 

Component Mass, kg 

Crew 672 

Consumables 398 

Capsule 5,918 

Crewed capsule 6,988 

The mass of the crewed capsule can then be used as input to the booster stage and propellant 

mass calculations. The cryogenic liquid hydrogen/liquid oxygen propulsion system option is 

chosen due to its good balance of thrust and specific impulse.   

A total of 14 missions can be designed based on the S1L1 cycler itinerary as seen in Table 

8, where for each mission, the results for the rendezvous (RDV) and aerocapture (AC) 

maneuver are shown in the rows shaded in blue for the Mars-bound trips and in the unshaded 

rows for the Earth-bound trips. The inputs to the model, which include the hyperbolic excess 

speeds 𝑣∞ at Earth and Mars and their altitude of closest approach ℎ𝑝, are presented together 

with the corresponding Δ𝑣 and transfer time for each maneuver, total Δ𝑣 and propellant 

mass for each leg and the dry mass of the crewed CTV (crewed capsule and booster), which 

is the highest value between the Mars-bound and Earth-bound trip. 

Note that the Δ𝑣 for Mars aerocapture and Earth aerocapture include the propulsive post 

aerocapture orbit circularization, which does not exceed Δ𝑣 = 0.31 km/s for Mars and Δ𝑣 = 

0.24 km/s for Earth aerocapture. 
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Table 8a. Δv and CTV Mass Estimates for S1L1 Cycler (missions 1-7) 

 

Maneuver 
𝑣∞, 

km/s 

ℎ𝑝, 

km 

Δ𝑣, 

km/s 

Time, 

hours 
Δ𝑣𝑡𝑜𝑡𝑎𝑙, 

km/s 

Propellant 

mass, kg 

Crewed 

CTV mass, 

kg 

Mission 

1 

RDV  5.19 21,400 5.40 5.4 
5.74 43,896 

14,929  
AC 2.98 11,200 0.03 117.6 

RDV 5.83 300 4.16* 0.948 
4.42 24,832 

AC 6.98 36,600 0.03 420 

Mission 

2 

RDV 6.87 31,100 5.87 12.3 
6.25 58,509 

17,049  
AC 4.31 17,600 0.07 68.0 

RDV 4.78 6,800 3.66 6.2 
3.99 20,744 

AC 7.06 29,800 0.10 84.4 

Mission 

3 

RDV 7.02 37,400 5.85 17.4 
6.22 57,439 

16,893 
AC 5.89 9,800 0.06 45.6 

RDV 3.26 11,900 2.73 8.4 
3.07 13,779 

AC 5.80 23,700 0.09 75.7 

Mission 

4 

RDV 6.43 41,500 5.57 18.4 
5.95 49,430 

15,733 
AC 7.14 12,200 0.08 44.3 

RDV 2.75 9,900 2.55 5.6 
3.34 15,488 

AC 4.25 13,600 0.55 6.8 

Mission 

5 

RDV 5.31 35,200 5.27 11.1 
5.61 40,982 

14,487 
AC 7.86 9,700 0.03 84.1 

RDV 4.59 7,000 3.54 6.2 
4.43 24,912 

AC 3.78 8,400 0.65 3.5 

Mission 

6 

RDV 4.00 19,900 5.09 4.3 
5.13 37,432 

14,439 
AC 6.47 11,600 0.05 70.3 

RDV 7.19 10,500 5.33 33.4 
5.61 42,425 

AC 4.68 31,200 0.04 272.8 

Mission 

7 

RDV 3.99 4,300 4.76** 1.0 
5.12 32,110 

17,108 
AC 4.36 5,100 0.06 0.8 

RDV 7.72 12,500 5.98 11.8 
6.27 61,765 

AC 6.06 43,300 0.05 46.7 

* Cases in which the Hohmann transfer yielded the lowest Δv  

** Cases in which the highly elliptic transfer yielded the lowest Δv  
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Table 8b. Δv and CTV Mass Estimates for S1L1 Cycler (missions 8-14) 

 

Maneuver 
𝑣∞, 

km/s 

ℎ𝑝,  

km 

Δ𝑣, 

km/s 

Time, 

hours 
Δ𝑣𝑡𝑜𝑡𝑎𝑙, 

km/s 

Propellant 

mass, kg 

Crewed 

CTV mass, 

kg 

Mission 

8 

RDV 4.61 14,800 5.34 1.0 
5.71 43,239 

14,812 
AC 2.77 7,600 0.06 26.0 

RDV 6.64 3,800 5.01 11.8 
5.11 37,040 

AC 6.74 40,800 0.10 250.0 

Mission 

9 

 

RDV 6.09 27,400 5.64 8.5 
5.98 50,214 

15,852 
AC 3.71 16,100 0.03 19.7 

RDV 5.58 2,100 4.15 1.9 
4.47 25,432 

AC 7.16 31,300 0.09 99.7 

Mission 

10 

RDV 7.09 35,200 5.97 14.3 
6.34 61,764 

17,520 
AC 5.27 13,700 0.06 60.2 

RDV 3.80 11,900 3.06 9.6 
3.39 15,901 

AC 6.74 27,000 0.10 80.9 

Mission 

11 

RDV 6.73 41,500 5.73 18.1 
6.14 54,970 

16,534 
AC 6.61 16,600 0.10 46.2 

RDV 2.76 9,700 2.56 5.7 
3.15 14,275 

AC 4.67 17,300 0.35 14.4 

Mission 

12 

RDV 5.78 39,200 5.36 14.6 
5.78 44,918 

15,084 
AC 7.69 10,700 0.11 27.9 

RDV 3.96 2,000 3.09 1.4 
3.99 20,683 

AC 3.86 6,800 0.66 2.7 

Mission 

13 

RDV 4.43 26,900 5.09 6.8 
5.12 37,312 

13,358 
AC 7.34 10,700 0.03 94.6 

RDV 6.34 9,300 4.72 14.9 
5.21 38,906 

AC 3.99 19,800 0.48 11.7 

Mission 

14 

RDV 3.75 10,000 5.07 1.9 
5.44 37,473 

17,028 
AC 4.65 16,200 0.06 70.6 

RDV 7.81 12,100 5.95 18.4 
6.25 61,202 

AC 5.52 39,800 0.07 175.7 

* Cases in which the Hohmann transfer yielded the lowest Δv  

** Cases in which the highly elliptic transfer yielded the lowest Δv  
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As seen in Table 8, the vehicle mass ranged from 13,358 kg (Mission 13) to 17,520 kg 

(Mission 10), the corresponding 𝛥𝑣 values are 5.21 km/s and 6.34 km/s respectively. 

Figure 21 illustrates how the 𝛥𝑣 required for the rendezvous maneuver at both Earth and 

Mars changes with each encounter 𝑣∞ and Figure 22 shows how the crewed CTV mass 

varies with the total 𝛥𝑣. 

 

Figure 21. Relationship between v∞ and Δv for impulsive maneuvers 

 

Figure 22. Relationship between Δv and CTV dry mass (crewed) 
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The plots in Figure 21 show that in general, higher encounter 𝑣∞ result in higher 𝛥𝑣 values, 

however, there are some irregularities in the trend because the 𝛥𝑣 depends not only on the 

encounter 𝑣∞  but also on the perigee radius of the Cycler, which is different for each 

encounter. In general, for similar encounter 𝑣∞ values, the closer the perigee the higher the 

𝛥𝑣. 

The 𝛥𝑣 values marked with an * indicate that the maneuver yielding the lowest 𝛥𝑣 was a 

Hohmann transfer, and 𝛥𝑣 values marked with ** indicate that the lowest 𝛥𝑣 was achieved 

by utilizing a highly elliptic transfer orbit. In all other cases (unmarked), a hyperbolic transfer 

orbit rendezvous resulted in the lowest 𝛥𝑣 value. There were only two cases in which an 

elliptic transfer orbit was utilized, however, hyperbolic rendezvous maneuvers would likely 

yield the costliest abort strategies. Abort maneuvers are not analyzed in this study; however, 

the two elliptic transfer options are incorporated in the model to facilitate the addition of any 

abort procedure that require an elliptic transfer orbit.  



 

46 
 

Chapter 3 

Aerocapture Maneuver 

The aerocapture maneuver used to insert the crew from the cycler trajectory into LMO or 

LEO is divided into four parts: hyperbolic approach, aerocapture, impulsive periapsis raise 

and, if necessary, a target apoapsis correction maneuver. The full maneuver is illustrated in 

Figure 23. 

 

Figure 23. Aerocapture Maneuver [23] 

The CTV first undocks from the Cycler on the Earth-Mars cycling orbit and approaches the 

planet on a high energy hyperbolic trajectory that has a periapsis below the atmospheric 

interface altitude (assumed to be 121 km at Earth and 128.5 km at Mars [31]), such that the 

spacecraft enters the planet’s atmosphere as described in section 2.5.2 (step 1 in Figure 23). 

Once inside the atmosphere, the aerodynamic forces act on the vehicle, decelerating it as 

seen in step 2 in Figure 23. If enough kinetic energy is shed due to aerodynamic braking, the 

CTV gets captured in a closed, elliptic orbit around the planet once it exits the atmosphere 

(orange portion of the trajectory in Figure 23). The goal is for the apoapsis of the post 

aerocapture orbit to have an altitude equal, or very close to, the target circular orbit radius. 
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Since the periapsis of the post aerocapture orbit is still inside Mars’ atmosphere, an impulsive 

periapsis raise maneuver is performed when the spacecraft reaches the apoapsis of the post 

aerocapture orbit (step 3 in Figure 23). An additional impulsive maneuver can be performed 

as seen in step 4 of Figure 23 to correct any errors in the apoapsis altitude of the post 

aerocapture orbit. The velocity change necessary for the periapsis raise maneuver is 

minimized by the optimal guidance algorithm. 

3.1 Vehicle Dynamics  

The dynamics of a vehicle during its pass through the atmosphere of a spherical and rotating 

planet are described by Equations (49) through (53) [22], which represent the rate of change 

of radius 𝑟, velocity 𝑣,  flight path angle 𝛾,  heading angle 𝜓, latitude 𝜙 and longitude 𝜃. 

These states can be visualized in Figure 24. 

 

Figure 24. Equations of motion variables in spherical coordinate system [20] 

During the pass through the atmosphere, the vehicle experiences the forces of lift 𝐿 and drag 

𝐷, which are calculated from the momentary flight speed 𝑣(𝑟), atmospheric density 𝜌(𝑟), 
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the reference surface area 𝑆𝑟𝑒𝑓 of the spacecraft, and the lift and drag coefficients, 𝐶𝐿 and 

𝐶𝐷: 

𝐿 = 0.5 𝜌𝑣2𝐶𝐿𝑆𝑟𝑒𝑓  (46) 

𝐷 = 0.5 𝜌𝑣2𝐶𝐷𝑆𝑟𝑒𝑓  (47) 

The rate of change of the radius is computed from the momentary speed and the flight path 

angle: 

�̇� = 𝑣 𝑠𝑖𝑛(𝛾)        (48) 

The drag acceleration, gravity acceleration, and centrifugal acceleration determine the 

overall vehicle deceleration �̇�, depending on the momentary radius 𝑟, flight path angle 𝛾, 

heading angle 𝜓, and latitude 𝜙 [22]: 

�̇� = −
𝐷

𝑚
−

𝜇

𝑟2
𝑠𝑖𝑛 𝛾 + 𝜔2𝑟 𝑐𝑜𝑠 𝜙(𝑠𝑖𝑛 𝛾 𝑐𝑜𝑠 𝜙 − 𝑠𝑖𝑛𝜙 𝑐𝑜𝑠 𝛾 𝑐𝑜𝑠𝜓),  (49) 

where 𝜇 is the standard gravitational parameter of the planet and 𝜔 is the rotation rate. The 

flight path angle is defined as negative below the horizon and its rate of change is driven by 

the lift and the centrifugal force, depending on heading, latitude, and the vehicle’s bank angle 

𝜎: 

�̇� =
𝐿

𝑚𝑣
𝑐𝑜𝑠 𝜎 + (

𝑣

𝑟
−

𝜇

𝑟2𝑣
) 𝑐𝑜𝑠 𝛾 + 2𝜔 𝑠𝑖𝑛𝜓 𝑐𝑜𝑠 𝜙                

+
𝜔2𝑟 𝑐𝑜𝑠 𝜙

𝑣
(𝑐𝑜𝑠 𝜓 𝑠𝑖𝑛 𝛾 𝑠𝑖𝑛 𝜙 + 𝑐𝑜𝑠 𝛾 𝑐𝑜𝑠 𝜙) 

      (50) 

The heading is defined as positive in the clockwise direction from the north in the local 

horizonal pane and it also changes driven by the lift and the centrifugal force: 
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�̇� =
𝑣

𝑟
𝑡𝑎𝑛 𝜙 𝑠𝑖𝑛𝜓 𝑐𝑜𝑠 𝛾 + 2𝜔(𝑠𝑖𝑛𝜙 − 𝑐𝑜𝑠 𝜓 𝑐𝑜𝑠 𝜙 𝑡𝑎𝑛 𝛾)      

+
𝑟𝜔2

𝑣 𝑐𝑜𝑠 𝛾
𝑠𝑖𝑛𝜓 𝑐𝑜𝑠 𝜙 𝑠𝑖𝑛𝜙 +

𝐿 𝑠𝑖𝑛 𝜎

𝑚𝑣 𝑐𝑜𝑠 𝛾
 

      (51) 

The latitude and longitude change according to Equations (52) and (53). 

�̇� =
𝑣 𝑐𝑜𝑠 𝛾 𝑠𝑖𝑛𝜓

𝑟
       (52) 

�̇� =
𝑣 𝑐𝑜𝑠 𝛾 𝑠𝑖𝑛𝜓

𝑟 𝑐𝑜𝑠 𝜙
       (53) 

As seen in Equations (50) and (51), the rate of change of the flight path angle and the heading 

angle depend on the bank angle 𝜎.  As the spacecraft stays trimmed to a constant angle of 

attack, and thus constant lift and drag coefficients, the only control variable is the bank angle, 

which is defined as the rotation angle of the spacecraft about the relative velocity direction 

as seen in Figure 25. Therefore, during the aerocapture maneuver, the bank angle of the 

spacecraft can be used to control its trajectory inside the atmosphere in a process referred to 

as bank angle modulation. Changing the bank angle changes the direction of the lift force 

vector allowing the spacecraft to be controlled and guided to a desired flight path rate and 

altitude rate. 
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Figure 25. Bank angle modulation 

3.2 Entry Corridor 

The entry corridor of the spacecraft is obtained by determining the undershoot and overshoot 

entrance flight path angles for each entry velocity as seen in Figure 26. 

 

Figure 26. Aerocapture entry corridor 
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The lower, undershoot, boundary is defined by flying the spacecraft with a constant bank 

angle of 0o, which corresponds to full lift up. Flight path angles below the undershoot 

boundary are too steep and result in the spacecraft burning up or crashing into the surface of 

the planet. The upper, overshoot, boundary is defined by flying the spacecraft with a constant 

bank angle of 180o, which corresponds to full lift down. Flight path angles above this 

boundary will result in a trajectory that does not shed enough orbital energy for the spacecraft 

to be captured into a closed orbit around the planet.  

If the vehicle enters the atmosphere with a flight path angle in between the undershoot and 

overshoot boundaries, it can reach the target apoapsis of the post aerocapture orbit. The 

capture entry corridor bounded by the undershoot and overshoot boundaries thus 

encompasses every possible bank angle modulation and consequently the full range of 

possible aerocapture trajectories, as discussed by Braun et. al. [31, 32]. However, the entry 

corridor includes trajectories in which the load factor, heating rate and/or dynamic pressure 

limits imposed for crew and vehicle safety are exceeded. Therefore, the corridor must be 

reduced into a flyable corridor that encompasses only the trajectories that do not exceed these 

constraints. The new boundaries are obtained through the optimization method described in 

the next section. 

3.3 Trajectory Optimization  

The optimal trajectory is found by minimizing a cost function. For the aerocapture problem, 

the cost function 𝐽 is chosen to be the magnitude of the Δ𝑣 needed to circularize the post 

aerocapture orbit. The Δ𝑣  depends on the velocity 𝑣𝑓  and flight path angle 𝛾𝑓 of the 

spacecraft when it exits the atmosphere of the planet at a radius of 𝑟𝑓: 

𝐽 = Δ𝑣𝑐𝑖𝑟𝑐(𝑟𝑓 , 𝑣𝑓,𝐼 , 𝛾𝑓) , (54) 

where Δ𝑣𝑐𝑖𝑟𝑐(𝑟𝑓 , 𝑣𝑓,𝐼 , 𝛾𝑓) is given by Equation (35). The velocity 𝑣𝑓,𝐼  is described in the 

inertial frame and can be calculated from the final velocity relative to the rotating planet 

according to Equation (55). 
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𝑣𝑓,𝐼⃗⃗ ⃗⃗ ⃗⃗ = 𝑣𝑓⃗⃗⃗⃗ + �⃗⃗� × 𝑟 , (55) 

which, according to [20], has magnitude equal to: 

𝑣𝑓,𝐼 = √(𝑣𝑓 sin 𝛾)
2
+ (𝑣 cos 𝛾 sin𝜓 + 𝜔𝑟 cos𝜙)2 + (𝑣𝑓 cos 𝛾 sin𝜓)

2
, (56) 

The optimization constraints include the vehicle dynamics represented by Equation (57): 

𝒇(𝒙, 𝒖) = �̇� (57) 

where �̇�  = [�̇�  �̇�  �̇�  �̇�  �̇�  �̇�]  describes the dynamics of the vehicle, as calculated using 

Equations (48) through (53).  

For the vehicle to achieve the desired apoapsis of the post aerocapture orbit, the difference 

between the targeted radius of the circular parking orbit, 𝑟𝑎,𝑑𝑒𝑠, and the actually attained 

apoapsis of the post-aerocapture orbit, 𝑟𝑎𝑝𝑜(𝑟𝑓 , 𝑣𝑓 , 𝛾𝑓), is added as an equality constraint to 

the optimal control problem: 

 𝑟𝑎𝑝𝑜(𝑟𝑓 , 𝑣𝑓 , 𝛾𝑓) − 𝑟𝑎,𝑑𝑒𝑠 = 0,  (58) 

where 𝑟𝑎𝑝𝑜(𝑟𝑓 , 𝑣𝑓,𝐼 , 𝛾𝑓) is given by Equation (59). 

 𝑟𝑎𝑝𝑜 = 𝑎𝑝𝑜𝑠𝑡(1 + 𝑒𝑝𝑜𝑠𝑡),  (59) 

where 𝑎𝑝𝑜𝑠𝑡 is the semi major axis of the post aerocapture orbit, as calculated using Equation 

(60), and 𝑒𝑝𝑜𝑠𝑡 is the eccentricity of the post aerocapture orbit, as given by Equation (61). 

𝑎𝑝𝑜𝑠𝑡 = −
𝜇

2(
𝑣𝑓,𝐼
2

2
−

𝜇

𝑟
)

 
(60) 
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𝑒𝑝𝑜𝑠𝑡 = √1 −
(𝑟𝑓𝑣𝑓,𝐼 cos 𝛾𝑓)

2

𝜇 𝑎𝑝𝑜𝑠𝑡
 (61) 

The inequality constraints guarantee that the load factor 𝑛, dynamic pressure 𝑞 and heating 

rate �̇� do not exceed maximum values established for crew and vehicle safety. The load 

factor is described by: 

𝑛 =
√𝐿2 + 𝐷2

𝑚 𝑔0
≤ 𝑛𝑚𝑎𝑥, (62) 

where 𝑔0  is the standard acceleration due to gravity at Earth’s surface. The maximum 

deceleration load  𝑛𝑚𝑎𝑥 was chosen to be five times the acceleration at Earth, or 5𝑔0, which, 

according to Lyne et.al., is the maximum load tolerable by the crew after months of 

weightlessness [33]. 

The dynamic pressure constraint is: 

𝑞 =
1

2
𝜌𝑣2 ≤ 𝑞𝑚𝑎𝑥 (63) 

The maximum dynamic pressure was chosen to be 70,000 Pa, based on the results shown in 

reference [34] for vehicles with a ballistic coefficient range similar to that of the CTV. The 

heating rate constraint is calculated using Equation (64). 

�̇� = �̇�𝑐𝑜𝑛𝑣 + �̇�𝑟𝑎𝑑 ≤ �̇�𝑚𝑎𝑥, (64) 

where �̇�𝑐𝑜𝑛𝑣  and �̇�𝑟𝑎𝑑  are the convective and stagnation-point radiative heating rates, 

respectively. The convective heating rate �̇�𝑐𝑜𝑛𝑣 is calculated using Sutton-Graves method  

and is given by Equation (65) [35]. 
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�̇�𝑐𝑜𝑛𝑣 = 𝐾 √
𝜌

𝑅𝑛𝑜𝑠𝑒
𝑣3 (65) 

According to Reference [35], the factor K is a unitless, planet dependent, convective 

aerodynamic heating coefficient and is equal to 1.898 ∙ 10−4 at Mars, 𝑅𝑛𝑜𝑠𝑒 is the radius of 

the heat shield nose in meters, the density 𝜌 is given in 𝑘𝑔/𝑚3 and the velocity is given in 

𝑚/𝑠. The resulting convective heating rate is in 𝑊/𝑚2. 

The stagnation-point radiative heating rate �̇�𝑟𝑎𝑑 is calculated based on the Tauber-Sutton 

method [36], [37] according to Equation (66). 

�̇�𝑟𝑎𝑑 = 𝐶 𝑅𝑛𝑜𝑠𝑒
𝑎  𝜌𝑏 𝑓(𝑣) (66) 

As discussed by Tauber and Sutton in [36], the unitless constants 𝐶, 𝑎 and 𝑏 depend on the 

atmospheric composition of the planet and are equal to 23,500, 0.526 and 1.19 respectively 

at Mars and 𝑓(𝑣) are tabulated unitless values presented in [36], which are a function of the 

vehicle velocity. The radius nose 𝑅𝑛𝑜𝑠𝑒  is given in meters and the density 𝜌 is given in 

𝑘𝑔/𝑚3. The resulting radiative heating rate is in 𝑊/𝑐𝑚2. 

The heating rate constraint is based on the maximum heating rate that can be endured by the 

thermal protection system, for this study it is assumed to be 350 W/cm2 based on the results 

shown in reference [34].  

An additional inequality constraint is placed on the bank angle rate according to Equation 

(67). 

|�̇�| ≤ �̇�𝒎𝒂𝒙, (67) 

Finally, boundaries are placed on the vehicle states and the control variable as seen in 

Equations (68) and (69). 
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𝒙𝑙𝑜𝑤 ≤ 𝒙 ≤ 𝒙𝑢𝑝𝑝, (68) 

𝒖𝑙𝑜𝑤 ≤ 𝒖 ≤ 𝒖𝑢𝑝𝑝, (69) 

where 𝒙 = [𝑣  𝑟  𝛾  𝜓  𝜙  𝜃] and 𝒖 = 𝜎.  

The values for these boundaries are shown in Table 9. 

Table 9. States and control bounds 

 Lower Bound Upper Bound 

Velocity, 𝑣 0 km/s ∞ 

Radius, 𝑟 0 km ∞ 

Flight Path Angle, 𝛾 -180° 180° 

Heading Angle, 𝜓 -180° 180° 

Latitude, 𝜙 -90° 90° 

Longitude, 𝜃 -180° 180° 

Bank angle, 𝜎 0° 180° 

3.3.1 Hermite-Simpson Direct Collocation Method 

To solve the optimal control problem described, the Hermite-Simpson Direct Collocation 

Method was used. This method works by discretizing a continuous-time optimal control 

problem into a nonlinear programming problem [38]. The first step is to divide the 

spacecraft’s trajectory into N segments, then the state variables are approximated by a cubic 

polynomial at each interval as illustrated in Figure 27. 
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Figure 27. Direct collocation method 

The state value at the beginning of the interval is 𝑥𝑘 and 𝑥𝑘+1 is the value of the state at the 

end of the interval. The middle point between 𝑡𝑘 and 𝑡𝑘+1 is called the collocation point, the 

time at this point is 𝑡𝑐 = 𝑡𝑘+1 2⁄
 .  

Between 𝑡𝑘  and 𝑡𝑘+1 , each state variable 𝑥  (where 𝑥  is 𝑣 , 𝑟 , 𝛾 , 𝜓 , 𝜙  or 𝜃 )  can be 

approximated as a cubic polynomial of the form [39]: 

𝑥 = 𝑎0 + 𝑎1𝑡 + 𝑎2𝑡
2 + 𝑎3𝑡

3 (70) 

The state derivative is then approximated according to: 

�̇� = 𝑎1 + 2𝑎2𝑡 + 3𝑎3𝑡
2  (71) 

Assuming, without loss of generality, that the interval [𝑡𝑘 , 𝑡𝑘+1] starts at 𝑡𝑘 = 0 and ends at 

𝑡𝑘+1 = Δ𝑡, the polynomials and their derivatives can be written as [39]: 



 

57 
 

[

𝑥(0)
�̇�(0)
𝑥(ℎ)
�̇�(ℎ)

] = [

1 0 0 0
0 1 0 0
1 Δ𝑡 Δ𝑡2 Δ𝑡3

0 1 2Δ𝑡 3Δ𝑡2

] [

𝑎0
𝑎1
𝑎2
𝑎3

] (72) 

Therefore, the coefficients 𝑎𝑖 are found using Equation (73): 

[

𝑎0
𝑎1
𝑎2
𝑎3

] =

[
 
 
 
 

1 0 0 0
0 1 0 0

−3
Δ𝑡2⁄ −2

Δ𝑡⁄ 3
Δ𝑡2⁄ −1

Δ𝑡⁄

2
Δ𝑡3⁄ 2

Δ𝑡2⁄ −2
Δ𝑡3⁄ 1

Δ𝑡2⁄ ]
 
 
 
 

[

𝑥(0)
�̇�(0)
𝑥(Δ𝑡)
�̇�(Δ𝑡)

] (73)  

To find the state value at the center of the time interval, the coefficients from Equation (73) 

can then be plugged into Equations (70) and (71) with 𝑡 =
Δ𝑡

2
, which yields Equations (74) 

and (75). 

𝑥(Δ𝑡 2⁄ ) =
1

2
[𝑥(0) + 𝑥(Δ𝑡)] +

ℎ

8
[�̇�(0) − �̇�(Δ𝑡)] (74) 

�̇�(Δ𝑡 2⁄ ) = −
3

2ℎ
[𝑥(0) − 𝑥(Δ𝑡)] −

1

4
[�̇�(0) + �̇�(Δ𝑡)] (75) 

Substituting 0 with 𝑡𝑘, Δ𝑡 2⁄  with 𝑡𝑐 and Δ𝑡 with 𝑡𝑘+1, the state at each collocation point is 

given by Equations (76) and (77). 

𝑥𝑐 =
1

2
(𝑥𝑘 + 𝑥𝑘+1) +

∆𝑡

8
[𝑓(𝑥𝑘 , 𝑢𝑘) − 𝑓(𝑥𝑘+1, 𝑢𝑘+1)] 

(76) 

�̇�𝑐 = −
3

2∆𝑡
(𝑥𝑘 − 𝑥𝑘+1) −

1

4
[𝑓(𝑥𝑘 , 𝑢𝑘) + 𝑓(𝑥𝑘+1, 𝑢𝑘+1)], (77) 

where ∆𝑡 = 𝑡𝑘+1 − 𝑡𝑘 , 𝑥 is the approximate value of 𝑣, 𝑟, 𝛾, 𝜓, 𝜙 or 𝜃 and 𝑓 satisfies the 

vehicle equations of motion given by Equations (48) through (53) evaluated at 𝑡𝑘 and 𝑡𝑘+1. 
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The difference Δ𝑘  between the actual system dynamics at the collocation point and the 

approximation described by Equation (77) is given by: 

∆𝑘
′ = �̇�𝑐 − 𝑓(𝑥𝑐 , 𝑢𝑐)

= −
3

2∆𝑡
(𝑥𝑘 − 𝑥𝑘+1) −

1

4
[𝑓(𝑥𝑘 , 𝑢𝑘) + 𝑓(𝑥𝑘+1, 𝑢𝑘+1)] − 𝑓(𝑥𝑐 , 𝑢𝑐), 

(78) 

Which can be re-written as: 

∆𝑘= 𝑥𝑘 − 𝑥𝑘+1 +
1

6
∆𝑡[𝑓(𝑥𝑘 , 𝑢𝑘) + 4𝑓(𝑥𝑐 , 𝑢𝑐) + 𝑓(𝑥𝑘+1, 𝑢𝑘+1)], (79) 

where ∆𝑘= (−2Δ𝑡 3⁄ ) ∆𝑘
′ . The value described by Equation (79) is called the Hermite-

Simpson Defect. It is the collocation constraint of the nonlinear programming problem, 

which has the goal of minimizing the expression:  

 𝐽 = |Δ𝑣|,  (80) 

subject to interpolation constraints: 

𝒙
𝑘+

1

2

=
1

2
(𝒙𝑘 + 𝒙𝑘+1) +

∆𝑡

8
[𝒇𝑘 − 𝒇𝑘+1],       𝑘 = 0, 1, … . , 𝑁 − 1; (81) 

collocation constraints: 

𝒙𝑘+1 = 𝒙𝑘 +
1

6
∆𝑡(�̇�𝑘 + 4�̇�

𝑘+
1

2

+ �̇�𝑘+1); (82) 

boundary constraint: 

|𝑟𝑎(𝑟𝑁 , 𝑣𝑁 , 𝛾𝑁) − 𝑟𝑎,𝑑𝑒𝑠| = 0; (83) 

path constraints: 
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𝐾 √
𝜌(𝑟𝑘)

𝑅𝑛𝑜𝑠𝑒
𝑣𝑘
3 − �̇�𝑚𝑎𝑥 ≤ 0, (84) 

√𝐿𝑘
2+𝐷𝑘

2

𝑚 𝑔0
− 𝑛𝑚𝑎𝑥 ≤ 0, (85) 

1

2
𝜌(𝑟𝑘)𝑣𝑘

2 − 𝑞𝑚𝑎𝑥 ≤ 0; (86) 

|𝜎�̇�| − �̇�𝒎𝒂𝒙 ≤ 0; (87) 

states and control constraints: 

𝒙𝑙𝑜𝑤 ≤ 𝒙𝒌 ≤ 𝒙𝑢𝑝𝑝, (88) 

𝒖𝑙𝑜𝑤 ≤ 𝒖𝒌 ≤ 𝒖𝑢𝑝𝑝; (89) 

initial condition constraints: 

𝒙𝟎 = [𝑣0, 𝑟0, 𝛾0, 𝜓0, 𝜙0, 𝜃0]; (90) 

and terminal constraints: 
 

𝒙𝒇 = [𝑟𝑓]. (91) 

For the aerocapture maneuver, the only terminal constraint is the flight path radius of the 

vehicle, as the simulation will be run until the vehicle exits the atmosphere. The final values 

for the other states are part of the decision variables, as the solver will try to find the best 

exit conditions to minimize the cost function while not violating the constraints. The 

nonlinear programming problem can be solved using the Sparse Nonlinear Optimizer 

software (SNOPT), which is described in detail in reference  [40].  
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A sample optimized trajectory is shown in Figure 28 for aerocapture at Mars with approach 

𝑣∞  of 4.5 km/s. The results are shown from atmospheric entry to atmospheric exit and 

include the height above the surface of the planet, flight path angle (FPA), velocity and bank 

angle profile. 

 

Figure 28. Optimal states for Mars aerocapture with approach v∞ = 4.5 km/s 

As seen in the figure, the vehicle enters the atmosphere of the planet with a bank angle of 0o 

(lift up), a velocity of about 6.7 km/s and a negative flight path angle of about -12o; it quickly 

reaches a minimum altitude of 33 km and then slowly heads towards exit. The velocity starts 

off constant and quickly drops as the vehicle passes through the lower and denser parts of 

the atmosphere. The flight path angle is negative as the vehicle dips into the atmosphere and 

quickly becomes positive after the minimum altitude is reached. Both the velocity and FPA 

change at much lower rates as the vehicle is guided towards atmospheric exit. 

The bank angle does approximately follow the bang-bang control structure described by Lu 

[22] and introduced in Chapter 1. As seen in Figure 28, the bank angle switches from 0o to 

180o close to when the vehicle reaches the minimum altitude, and then back to 0o as it 

approaches atmospheric exit; however, it does not switch instantaneously due to the bank 
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angle rate constraint that was introduced in the problem formulation. Figure 29 shows all the 

path constraints for the optimal trajectory.   

 

Figure 29. Path constraints histories for Mars aerocapture with approach v∞ = 4.5 km/s 

As seen in Figure 29, the load factor, heating rate and dynamic pressure reach their peak 

values as the vehicle passes through the lower atmosphere. The load factor does reach 5g as 

expected, since the vehicle if flown with full lift up until the maximum load factor is attained. 

The heating rate and dynamic pressure reach peak values of 64.0 W/cm2 and 10,733 Pa 

respectively, which are way below the maximum values of 350 W/cm2and 70,000 Pa. 

The bank angle rate is initially zero as the vehicle flies with constant lift up, it the increases 

to right above 5 deg/s as the vehicle banks from 0o to 180o and then decreases to right below 

-5 deg/s as the vehicle banks from 180o to 0o. There is however, an anomaly to the expected 

trend at about 1,250s, when the bank angle suddenly drops a few degrees for a few seconds. 
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3.4 Sliding Mode Controller Design 

A sliding mode controller was developed to ensure the CTV follows the optimal trajectory 

for the given initial conditions. The controller was designed to track the desired altitude and 

altitude rate, those are both obtained from the optimized trajectory.  

The first step towards designing the controller is expressing the radius acceleration in the 

form of Equation (92) by taking the time derivative of the radius rate. 

 �̈� = 𝑓(𝑥) + 𝑔(𝑥) 𝑢 (92) 

Therefore, 

�̈� = �̇� sin 𝛾 + 𝑣 𝛾 ̇ cos 𝛾 (93) 

Substituting Equations (49) and (50) into Equation (93) and simplifying yields: 

�̈� = −
𝐷

𝑚
sin(𝛾) −

𝜇

𝑟2
+
𝑣2 cos(𝛾)2

𝑟
+ 𝜔2𝑟 cos2𝜙 +𝜔2𝑟 cos𝜙 cos 𝛾

+ 2𝜔 𝑣 cos  𝛾 sin𝜓 cos𝜙 +
𝐿

𝑚
cos  𝛾 cos 𝜎 

(94) 

Therefore,  

𝑓(𝑟) =  −
𝐷

𝑚
sin(𝛾) −

𝜇

𝑟2
+
𝑣2 cos(𝛾)2

𝑟
+ 𝜔2𝑟 cos2𝜙 + 𝜔2𝑟 cos𝜙 cos 𝛾

+ 2𝜔 𝑣 cos  𝛾 sin𝜓 cos𝜙 

(95) 

𝑢 =
𝐿

𝑚
cos  𝛾 cos  𝜎 (96) 

The function 𝑓(𝑟) is unknown, since the values of 𝐷, 𝛾, 𝑣, 𝜓 and 𝜙 are not precisely known 

at each iteration step. However, the function can be estimated based on the known bounds 
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of 𝐷, 𝛾, 𝑣, 𝜓 and 𝜙, which can be obtained from the optimized trajectory. The function 𝑓(𝑟) 

is then bounded by a function F according to Equation (97). 

|𝑓 − 𝑓| ≤ 𝐹 (97) 

The estimate 𝑓 can be obtained from the estimates of �̂�, 𝛾, 𝑣, �̂� and �̂�, which are taken to 

be the mean value between the bounds of these variables; for example, the estimate of 

velocity is given by: 

𝑣 =
𝑣𝑚𝑎𝑥 + 𝑣𝑚𝑖𝑛

2
, (98) 

where the maximum and minimum values are obtained from the optimized trajectory. The 

estimate function 𝑓 is then:  

𝑓 = −
�̂�

𝑚
sin𝛾(𝛾) −

𝜇

𝑟2
+
𝑣2 cos2 𝛾

𝑟
+ 𝜔2𝑟 cos2 �̂� + 𝜔2𝑟 cos �̂� cos 𝛾

+ 2𝜔 𝑣 cos 𝛾 sin �̂� cos �̂� 

(99) 

Therefore, the bound 𝐹 is given by Equation (100). 

𝐹 =
𝐷′

𝑚
sin𝛾′ −

𝜇

𝑟2
+
𝑣′

2
cos(𝛾)2

𝑟
+ 𝜔2𝑟 cos2𝜙′ +𝜔2𝑟 cos𝜙′ cos 𝛾′

+ 2𝜔 𝑣′ cos 𝛾′ sin𝜓′ cos𝜙′, 

(100) 

where 𝐷′, 𝛾′, 𝑣′, 𝜙′ and 𝜓′ are calculated by subtracting the mean values from the upper 

bound, for example, 𝑣′ is given by: 

𝑣′ = 𝑣𝑚𝑎𝑥 −
𝑣𝑚𝑎𝑥 + 𝑣𝑚𝑖𝑛

2
=
𝑣𝑚𝑎𝑥 − 𝑣𝑚𝑖𝑛

2
, (101) 
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The tracking error �̃� between the desired and actual altitude is defined by Equation (102). 

�̃� = 𝑟 − 𝑟𝑑𝑒𝑠 (102) 

Now define the time-varying sliding surface 𝑠(𝑡) shown in Equation (103). 

𝑠(𝑡) = �̇̃� + 𝜆�̃�, (103) 

where 𝜆 is a design parameter and should be a strictly positive constant. The control law is 

designed to make the system reach the sliding surface in finite time and stay confined to it 

as seen in Figure 30. In other words, the approximation of the control law is designed to 

achieve �̇� = 0 as seen in Equations (104) and (105). 

 

Figure 30. Sliding surface 

�̇�(𝑡) = �̈̃� + 𝜆�̇̃� = 𝑓 + 𝑢 − �̈�𝑑𝑒𝑠 + 𝜆�̇̃� 
(104) 

Therefore, to have �̇� = 0, 

Sliding 
phase

              

�̇�(𝑡)

𝑟(𝑡)
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�̂� = −𝑓 + �̈�𝑑𝑒𝑠 − 𝜆�̇̃� (105) 

The control law must also satisfy the reaching condition defined in Equation (106) [41].  

1

2

𝑑

𝑑𝑡
𝑠2 = �̇�𝑠 ≤ −𝜂|𝑠|, (106) 

where 𝜂 is a design parameter and is a strictly positive constant. This condition guarantees 

that the distance to the surface decreases, such that the trajectory will point towards the 

surface. If satisfied, the reaching condition also makes the surface an invariant set, such that 

once the trajectory reaches the surface, it stays there [41]. The approximated control law 

must then be modified to guarantee the reaching condition is met. Such a controller is defined 

by Equation (107). 

𝑢 = �̂� − 𝑘 𝑠𝑖𝑔𝑛(𝑠), (107) 

where: 

𝑘 = 𝐹 + 𝜂 (108) 

And sign(𝑠) = +1  if 𝑠 > 0  and sign(𝑠) = −1  if 𝑠 < 0 . Plugging Equations (103) and 

(104) into the reaching condition shown in Equation (106), proves that the condition is met. 

To eliminate the chattering caused by the discontinuous switching function, sign(𝑠), the 

discontinuity is eliminated by implementing a boundary layer around the switching surface. 

The boundary layer is defined by Equation (109). 

𝐵(𝑡) = {𝑟, |𝑠(𝑟, 𝑡)| ≤ 𝜙},     𝜙 > 0 (109) 

The control law is then modified according to Equation (110). 
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𝑢 = �̂� − (𝑘 − �̇�)sat (
𝑠

𝜙
) (110) 

The saturation function sat (𝑠 𝜙⁄ ) is illustrated in Figure 31 and described in Equation (111).   

 

Figure 31. Saturation function [42] 

sat (
𝑠

𝜙
) = {

   
𝑠

𝜙
                    𝑖𝑓 |𝑠| ≤ 𝜙   

𝑠𝑔𝑛 (
𝑠

𝜙
)          𝑖𝑓 |𝑠| > 𝜙

 (111) 

The boundary layer thickness is defined by Equation (112). 

�̇� + 𝜆𝜙 = 𝑘(ℎ𝑑𝑒𝑠) (112) 

This control law leads to tracking of the desired states by making the boundary layer an 

invariant set, such that when the trajectory reaches the region within the layer, it will stay 

there. This guarantees tracking, but instead of being “perfect”, tracking will be accomplished 

within a precision 𝜖, which is defined by Equation (113). 
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𝜖 =
𝜙

𝜆
 (113) 

3.5 Aerocapture Set-Up and Results  

The aerocapture simulation accepts the following inputs either from the user or the CTV 

parametric model calculations: 

• Target apoapsis 

• Initial estimate for entrance flight path angle, 𝛾0 

• Incoming 𝑣∞ range 

• Vehicle’s lift to drag ratio, 𝐿/𝐷  and Ballistic coefficient 𝐵  (defined as 

𝑚 𝐶𝑑  𝑆𝑟𝑒𝑓⁄ ) 

• Vehicle aerocapture mass, 𝑚𝑎𝑒𝑟𝑜 

The simulation set of output includes: 

• Capture and flyable entry corridor at Earth and Mars for 𝑣∞ ranging from 2 km/s to 

8.5 km/s 

• Optimal trajectory for select approach 𝑣∞ at Earth and Mars 

• Controller performance for trajectory tracking at Earth and Mars 

The vehicle parameters used to demonstrate the results are summarized in Table 10. 

Table 10. Crew Transfer Vehicle Parameters 

Parameter Value 

Ballistic Coefficient, 𝐵 250 kg/m2 

CTV mass, 𝑚𝑎𝑒𝑟𝑜 18,200 kg 

Lift coefficient, 𝐶𝐿 0.55 

Drag coefficient, 𝐶𝐷 1.3 

Nose Radius, Rnose 2.5 m 

As the ballistic coefficient 𝐵 is defined as 𝑚 (𝐶𝐷 𝑆𝑟𝑒𝑓⁄ ), the reference area for the lift and 

drag forces calculations is 𝑆𝑟𝑒𝑓  = 56 m2. The lift to drag ratio corresponds to a typical 
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ellipsled shaped, mid lift-to-drag-ration vehicle [43]. The simulation was run for incoming 

hyperbolic excess speeds (𝑣∞) ranging from 2 km/s to 8.5 km/s at both Mars and Earth. The 

apoapsis altitude of the target post aero capture orbit is set to 300 km, which is the altitude 

of the circular parking orbit chosen for this study. 

3.5.1 Entry Corridor Results 

To create the entry corridor for the specific vehicle parameters, the simulation is first run for 

full lift up, which can be accomplished by flying the spacecraft with a constant bank angle 

of 0°, then the simulation is run for full lift down, which can be accomplished by flying the 

spacecraft with a constant bank angle of 180°. This allows the creation of the capture entry 

corridor that encompasses every possible bank angle modulated, thus setting the boundaries 

for the full range of possible aerocapture trajectories. 

When aiming for a post aerocapture apoapsis with altitude of 300 km, the resulting capture 

entry corridors at Earth and Mars are shown in Figure 32. 
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Figure 32. Capture entry corridor for CTV aerocapture at Earth and Mars 

The corresponding maximum load factor, heating rates and dynamic pressure are listed 

in Table 11 for Earth aerocapture and Table 12 for Mars aerocapture. 
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Table 11. Results for aerocapture at Earth with constant bank angle 

𝒗∞, km/s 
Maximum load factor, g0 Max. Heat Rate, W/cm2 Max. Dynamic Pressure, Pa 

Lift Up Lift Down Lift Up Lift Down Lift Up Lift Down 

2.0 18.8 1.4 967 153 40,454 3,021 

2.5 20.0 1.5 1,096 163 42,967 3,131 

3.0 21.5 1.5 1,276 176 46,182 3,267 

3.5 23.3 1.6 1,504 193 50,028 3,428 

4.0 25.5 1.7 1,808 213 54,873 3,613 

4.5 28.2 1.8 2,206 237 60,658 3,824 

5.0 31.4 1.9 2,730 269 67,399 4,058 

5.5 35.0 2.0 3,385 307 75,198 4,319 

6.0 39.2 2.1 4,183 350 84,148 4,606 

6.5 43.8 2.3 5,330 402 94,163 4,917 

7.0 49.2 2.4 6,775 459 105,718 5,254 

7.5 55.2 2.6 8,556 530 118,631 5,617 

8.0 62.1 2.8 10,730 609 133,419 6,003 

8.5 69.9 3.0 13,528 703 150,210 6,414 

 

Table 12. Results for aerocapture at Mars with constant bank angle 

𝒗∞, km/s 
Maximum load factor, g0 Max. Heat Rate, W/cm2 Max. Dynamic Pressure, Pa 

Lift Up Lift Down Lift Up Lift Down Lift Up Lift Down 

2.0 4.2 0.6 36 15 8,924 1,272 

2.5 5.1 0.7 42 18 11,041 1,462 

3.0 6.4 0.8 50 20 13,838 1,695 

3.5 8.1 0.9 61 24 17,409 1,971 

4.0 10.1 1.1 79 29 21,780 2,290 

4.5 12.5 1.2 106 36 26,784 2,654 

5.0 15.1 1.4 147 44 32,550 3,062 

5.5 18.2 1.6 208 54 39,080 3,512 

6.0 21.8 1.9 293 67 46,925 4,007 

6.5 26.3 2.1 405 81 56,580 4,545 

7.0 31.7 2.4 543 97 68,177 5,126 

7.5 37.4 2.7 707 114 80,325 5,751 

8.0 43.6 3.0 897 134 93,687 6,419 

8.5 50.1 3.3 1135 158 107,674 7,130 
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As seen in the tables above, the maximum load factor of 5 g0, maximum heating rate of 

350 W/cm2 and maximum dynamic pressure of 70,000 Pa were not exceeded by any of 

the cases in which the aerocapture was simulated with full lift down, neither at Earth, 

nor at Mars. For lift up at Earth, the maximum load factor and maximum heat rate were 

exceeded for the full range of approach 𝑣∞ , the dynamic pressure exceeded 70,000 

Pascals for 𝑣∞ above 5.5 km/s. 

For the aerocapture with full lift up at Mars, the load factor exceeded 5 g0 for 𝑣∞ values 

above 2.5 km/s. The peak heat rate exceeded 350 W/cm2 for 𝑣∞ values above 6.5 km/s 

and the dynamic pressure exceeded 70,00 for 𝑣∞ values above 7.5 km/s. 

For aerocapture at both Earth and Mars, a new lower bound for the entry corridor needs 

to be established such that the load factor, heating rate and dynamic pressure constraints 

are not exceeded but the target apoapsis is still reached. As discussed in [32], this is 

accomplished by flying the spacecraft with full lift up (bank angle of 0o) until it reaches 

a load of 5 g0, then using bank angle modulation to reach the exit conditions necessary 

to achieve the targeted apoapsis of the post aerocapture orbit. 

To find the new lower bound for the corridor, the spacecraft trajectory is simulated with 

full lift up for each 𝑣∞ across the range of entry flight path angles within the entry 

corridor. Starting from the upper bound, the flight path angle is varied in increments of 

0.2° until the maximum acceleration of 5 g0 is reached. The remainder of the trajectory 

until atmospheric exit is then computed using the Hermite-Simpson optimization method 

described in the previous section. The resulting flyable entry corridors at Erath and Mars 

are presented in Figure 33. 
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Figure 33. Flyable entry corridor at Earth and Mars 

The bounds of the flyable entry corridor along with its width at each approach velocity 

are presented in Table 13 for aerocapture at Earth and Table 14 for aerocapture at Mars. 
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Table 13. Earth Flyable Entry Corridor Results 

𝒗∞ (km/s) 
Entry Flight Path Angle, deg Corridor 

Width, deg Lift Up Lift Down 

2.0 -6.29 -4.74 1.54 

2.5 -6.30 -4.79 1.51 

3.0 -6.32 -4.84 1.48 

3.5 -6.34 -4.90 1.44 

4.0 -6.37 -4.96 1.40 

4.5 -6.39 -5.03 1.36 

5.0 -6.41 -5.10 1.31 

5.5 -6.43 -5.17 1.26 

6.0 -6.46 -5.24 1.21 

6.5 -6.48 -5.31 1.16 

7.0 -6.50 -5.39 1.11 

7.5 -6.52 -5.45 1.06 

8.0 -6.54 -5.52 1.01 

8.5 -6.55 -5.59 0.96 

 

Table 14. Mars Flyable Entry Corridor Results 

𝒗∞ (km/s) 
Entry Flight Path Angle, deg Corridor 

Width, deg Lift Up Lift Down 

2.0 -12.61 -8.79 3.82 

2.5 -13.23 -9.05 4.18 

3.0 -13.14 -9.32 3.82 

3.5 -13.04 -9.58 3.45 

4.0 -12.93 -9.82 3.10 

4.5 -12.82 -10.05 2.77 

5.0 -12.73 -10.24 2.48 

5.5 -12.65 -10.42 2.23 

6.0 -12.58 -10.58 2.00 

6.5 -12.52 -10.72 1.80 

7.0 -12.47 -10.84 1.63 

7.5 -12.42 -10.95 1.47 

8.0 -12.37 -11.04 1.33 

8.5 -12.33 -11.13 1.20 
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3.5.2 Optimal Trajectory and Controller Results 

Results of the optimal trajectory are demonstrated at both Earth and Mars for entry 𝑣∞ of 

2.5 km/s, 4.5 km/s, 6.5 km/s and 8.5 km/s. The entry flight path angle will be the one at the 

lower bound of the flyable entry corridor. The flight is simulated with a constant bank angle 

of 0o until 5g0 load is achieved, from that point, the Hermite-Simpson collocation method is 

used to find the optimal trajectory and corresponding bank angle profile; the continuous-

time problem was divided into 200 segments for Mars aerocapture and 150 segments for 

Earth aerocapture. The optimal states and constraints histories for aerocapture at Mars are 

shown in Figure 34 through Figure 41.  

• Optimal trajectory for Mars aerocapture with approach 𝐯∞ = 𝟐. 𝟓 𝐤𝐦/𝐬 

 

 

Figure 34. Optimal states for Mars aerocapture with approach v∞ = 2.5 km/s 
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Figure 35. Path constraints histories for Mars aerocapture with approach v∞ = 2.5 km/s 

Despite a few differences, the characteristics of this optimal trajectory are similar to the ones 

discussed in section 3.3 for the case of an approach 𝑣∞ of 4.5 km/s (which is visualized again 

in Figure 36 and Figure 37). In this case, however, the vehicle flies with full lift up for a 

much longer time and only switches to full lift down almost halfway through the trajectory, 

this reflects in the bank angle rate shown in the top left corner of Figure 35. Besides, there 

are a few anomalies when the vehicle is switching from lift down to lift up (starting at around 

300 seconds); the constantly changing bank angle rate during this transition indicates that 

this anomaly is most likely caused by the fact that the spacecraft is trying to transition 

between the two modes while keeping the bank angle rate within ±5 deg/s. 
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• Optimal trajectory for Mars aerocapture with approach 𝐯∞ = 𝟒. 𝟓 𝐤𝐦/𝐬 

 

Figure 36. Optimal states for Mars aerocapture with approach v∞ = 4.5 km/s 

 

Figure 37. Path constraints histories for Mars aerocapture with approach v∞ = 4.5 km/s 
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• Optimal trajectory for Mars aerocapture with approach 𝐯∞ = 𝟔. 𝟓 𝐤𝐦/𝐬 

 

Figure 38. Optimal states for Mars aerocapture with approach v∞ = 6.5 km/s 

 

Figure 39. Path constraints histories for Mars aerocapture with approach v∞ = 6.5 km/s 
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The optimal trajectory for the approach 𝑣∞ of 6.5 km/s is a little different from the two 

previous cases. The vehicle first reaches a low altitude at around the same time it reaches 

maximum load factor and dynamic pressure, then it starts heading towards the atmospheric 

exit as expected. However, at about 150 seconds, it starts dipping again, reaching its lowest 

altitude at about 250 seconds. The bank angle however follows similar pattern to the case of 

approach  𝑣∞ of 4.5 km/s. 

• Optimal trajectory for Mars aerocapture with approach 𝐯∞ = 𝟖. 𝟓 𝐤𝐦/𝐬 

 

Figure 40. Optimal states for Mars aerocapture with approach v∞ = 8.5 km/s 
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Figure 41. Path constraints histories for Mars aerocapture with approach v∞ = 8.5 km/s 

The optimal trajectory for the approach 𝑣∞ of 8.5 km/s is similar to the one for a 𝑣∞ of 6.5 

km/s. In this case however, after the first dip, the vehicle comes to an “almost-glide” for a 

short period of time before it drops again and subsequently is guided towards the atmospheric 

exit. For both cases (𝑣∞= 6.5 km/s and 𝑣∞= 8.5 km/s), the double dip causes a double peak 

in the load factor, heating rate and dynamic pressure profiles.  

Table 15 shows the minimized 𝛥𝑣, peak values for the constrains, minimum altitude reached 

by the vehicle and flight time from entry into the atmosphere until exit for each 𝑣∞. 

Table 15. Mars aerocapture optimal trajectory results for select v∞ values 

Objective Function Value and Path Constraints 

𝒗∞ 2.5 km/s 4.5 km/s 6.5 km/s 8.5 km/s 

Δ𝑣 271.5 m/s 65.1 m/s 206.3 m/s 174.5 m/s 

Peak load factor 4.998 g0 4.995 g0 4.992 g0 4.996 g0 

Peak heating rate 41.8 W/cm2 64.0 W/cm2 99.6 W/cm2 99.6 W/cm2 

Peak dynamic pressure 10,741 Pa 10,733 Pa 10,727 Pa 10,736.0 Pa 

Peak bank angle rate 5.0o/s 5.0o/s 5.0o/s 5.0o/s 

Minimum altitude 28.6 km 33.3 km 34.4 km 36.9 km 

Flight time 351 s 1,402 s 544.6 s 690.8 s 
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As seen in Table 15, the approach excess speed of 4.5 km/s yielded the longest trajectory 

and the lowest post aerocapture orbit circularization Δ𝑣, apart from that, the flight time 

increases and the minimum circularization Δ𝑣 decreases as the 𝑣∞ increases. The peak load 

factor was just below 5g0 for all cases, as expected, since these optimal trajectories 

correspond to an entry flight path angle at the lower bound of the flyable corridor. The peak 

heating rate tends to increase as the 𝑣∞ increases due to the higher energy of the vehicle 

when it passes through the lower and denser parts of the atmosphere. The peak bank angle 

rate reached the maximum allowable value of 5 deg/s and the dynamic pressure was around 

10,700 for all cases for all cases. The minimum altitude ranged from 28.6 km (for 𝑣∞= 2.5 

km/s) to 36.9 km (for 𝑣∞= 8.5 km/s).   

The optimal states and constraints histories for aerocapture at Earth are shown in Figure 42 

through Figure 49.  

• Optimal trajectory for Earth aerocapture with approach 𝐯∞ = 𝟐. 𝟓 𝐤𝐦/𝐬 

 

Figure 42. Optimal states for Earth aerocapture with approach v∞ = 2.5 km/s 
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Figure 43. Path constraints histories for Earth aerocapture with approach v∞ = 2.5 km/s 

This optimal trajectory follows a similar trend to the optimal trajectory for Mars aerocapture 

with approach 𝑣∞ of 6.5 km/s and 8.5 km/s, however, the second drop in altitude is much 

smaller.  The bank angle starts at 0o, then it starts switching to 180o at around 70 seconds, a 

few second after the vehicle reaches minimum altitude; it then switches back to 0o at around 

360 seconds, right before the vehicle altitude drops again, then it switches a third time as the 

CTV approaches atmospheric exit. Just like with aerocapture at Mars, the maximum load 

factor of 5g0 was reached around the same time as the heating rate and dynamic pressure 

reached their peak values. 
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• Optimal trajectory for Earth aerocapture with approach 𝐯∞ = 𝟒. 𝟓 𝐤𝐦/𝐬 

 

Figure 44. Optimal states for Earth aerocapture with approach v∞ = 4.5 km/s 

 

Figure 45. Path constraints histories for Earth aerocapture with approach v∞ = 4.5 km/s 
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This optimal trajectory is very similar to the previous case, except that the bank angle 

switches between 0o and 180o twice instead of three times. The altitude, velocity and flight 

path angle follow a similar profile.  

Similar to the previous trajectories, the load factor reaches 5g0 around the same time as the 

vehicle reaches its lowest altitude and the peak load factor and dynamic pressure are way 

below the maximum values. The bank angle rate reaches the maximum value of 5 deg/s when 

the bank angle switches from 0o to 180o, and -5 deg/s when the bank angle changes back to 

0o. 

• Optimal trajectory for Earth aerocapture with approach 𝐯∞ = 𝟔. 𝟓 𝐤𝐦/𝐬 

 

Figure 46. Optimal states for Earth aerocapture with approach v∞ = 6.5 km/s 
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Figure 47. Path constraints histories for Earth aerocapture with approach v∞ = 6.5 km/s 

This optimal trajectory is almost identical to the one with approach 𝑣∞ of 4.5 km/s, one of 

the only differences are the lower flight time and peak heating rate and dynamic pressure. 

• Optimal trajectory for Earth aerocapture with approach 𝐯∞ = 𝟖. 𝟓 𝐤𝐦/𝐬 

 

Figure 48. Optimal states for Earth aerocapture with approach v∞ = 8.5 km/s 
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Figure 49. Path constraints histories for Earth aerocapture with approach v∞ = 8.5 km/s 

Again, the trajectory is very similar to the last two cases. In general the flight and bank 

angle profile show more similarities across difference approach conditions than for 

aerocapture at Mars. Table 16 shows the minimized Δv, peak values for the constrains, 

minimum altitude reached by the vehicle and flight time from entry into the atmosphere 

until exit for each v∞. 

Table 16. Earth aerocapture optimal trajectory results for select v∞ values 

Objective Function Value and Path Constraints 

𝒗∞ 2.5 km/s 4.5 km/s 6.5 km/s 8.5 km/s 

Δ𝑣 94.1 m/s 131.2 m/s 171.0 m/s 236.3 m/s 

Peak load factor 4.994 g0 4.994 g0 5.0 g0 5.00 g0 

Peak heating rate 220.5 W/cm2 224.4 W/cm2 262.3 W/cm2 313.9 W/cm2 

Peak dynamic pressure 10,731.3 Pa 10,732 Pa 10,743.9 Pa 10,744.4 Pa 

Peak bank angle rate 5.0o/s 5.0o/s 5.0o/s 5.0o/s 

Minimum altitude 64.0 km 64.7 km 65.7 km 64.8 km 

Flight time 710.0 s 565.0 s 518.8 s 468.9 s 
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Table 16 shows that the orbit circularization Δ𝑣  and peak heating rate increase as the 

approach 𝑣∞ increases, while the flight time decreases from 710 seconds for a 𝑣∞ of 2.5 

km/s to 469 seconds for a 𝑣∞ of 8.5 km/s. The peak load factor and peak bank angle rate did 

not exceed 5 g0 and 5 deg/s respectively, as expected. The peak dynamic pressure was close 

to 10,700 Pa for all cases. The minimum attitude obtained was 64 km (for the approach 𝑣∞ 

of 2.5 km/s). 

Overall, for all optimal trajectories, the bank angle tended to be at either 0o or 180o, 

confirming the bang-bang structure suggested in [22]. However, since a bank angle rate limit 

was imposed, the switch between lift up and down occurred gradually. The tables 

summarizing the main results reveal that all of the path constraints were satisfied. 

The sliding mode controller was tested for tracking the optimal trajectory for aerocapture at 

Mars with approach v∞ of 6.5 km/s. Figure 50 and Figure 51 show the CTV trajectory and 

bank angle attained by the controller compared to the optimal trajectory and bank angle 

profile.  

 

Figure 50. Optimal and true CTV trajectory 
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Figure 51. Optima and true bank angle 

As seen in Figure 50, the controller tracks the optimal trajectory with minimal error until 

about 150 seconds, after which there is a slowly increasing error between the desired and 

attained altitude. The switching between a bank angle of 0o and 180o is not as smooth when 

trying to follow the optimal trajectory with the sliding mode controller, implementing ways 

to mitigate this issue are subject for future work. 

Table 17 compares the results from the trajectory obtained by the controller versus the 

optimal trajectory. 

Table 17. Controlled vs. Optimal Trajectory 

Parameter Optimal Trajectory Controller 

Post aero apoapsis 300 km 300.63 km 

Δ𝑣 206.3 m/s 196.2 m/s 

Peak load factor 4.992 g0 4.990 g0 

Peak heating rate 99.6 W/cm2 99.5 W/cm2 

Peak dynamic pressure 10,727 Pa 10,730 Pa 

Flight time 544.6 s 564.6 s 
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As seen in Table 17, even though the controller follows the optimal trajectory with 

significant error, the post aerocapture orbit apoapsis attained is only within 0.63 km of the 

desired value, while the corresponding Δ𝑣 is actually 10.1 m/s lower than the one found by 

optimizing the trajectory. The peak load factor, heating rate and dynamic pressure are very 

similar for both the optimal and true trajectory. The flight time is 20 seconds longer for the 

true trajectory.  

 

 

 



 

89 
 

Chapter 4 

Conclusion 

Earth-Mars cyclers are currently under consideration for human Mars exploration 

architectures, several cycler trajectories have been developed in the past few decades. This 

research introduced a conceptual design and parametric model for a transfer vehicle to ferry 

humans and cargo to a larger spacecraft placed in a cycler trajectory with the purpose of 

providing a safe habitat for humans during the long transfer to Mars. The model was 

designed with the purpose of analyzing the feasibility of transferring humans between 

Earth/Mars and these cycler trajectories. It estimates the velocity changes, propellant 

requirements and vehicle mass to determine whether the cycler trajectory in question is 

realizable.  

To demonstrate the capabilities of the model, the S1L1 cycler was used. The results proved 

that such transfers are possible within the given constraints. The CTV designed for the S1L1 

Cycler would need to have a total dry mass of about 17,520 kg with crew and consumables 

on board and a maximum wet mass to LEO of 79,284 kg (61,764 kg of propellant). Propellant 

production on Mars will be necessary, as the CTV needs to be refueled in Mars orbit for the 

Earth-bound trip, the maximum amount of propellant to be produced on Mars during one 

mission is 61,765 kg.  

Aerocapture at both Earth and Mars also proved to be possible for all approach excess speeds 

ranging from 2.5 to 8.5 km/s, which encompasses all S1L1 missions. Performing such 

maneuvers propulsively would require much higher propellant mass to be delivered to LEO, 

making the mission impractical, therefore this research also focused on developing a 

guidance and control method for making such maneuver possible. The research allowed for 

the creation of an entry corridor for aerocapture, this corridor is defined by flight path angle 

𝛾 versus the hyperbolic arrival excess speed 𝑣∞. For each arrival speed, the upper and lower 

bounds of the capture corridor were obtained and then reduced to a flyable corridor by 
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establishing a new lower bound. The new lower bound was obtained by simulating the flight 

of the vehicle with constant bank angle of 0o (lift up), until it reached 5 g0 and then using 

bank angle modulation to follow the optimal trajectory obtained from the Hermite-Simpson 

collocation method described. The direct collocation method can be used to find the optimal 

trajectory for any entry condition within the flyable corridor.  

Direct collocation methods have not been previously shown as the primary method for 

finding optimal aerocapture trajectories, previous research implemented predictor corrector 

algorithms, which usually occur as a two phase algorithm such that the transition time and/or 

velocity of the phase change needs to be obtained, which can be troublesome, besides, these 

methods do not easily address the aerothermodynamic constraints imposed on the vehicle. 

Hermite-Simpson direct collocation then provides a straight forward, single-phase algorithm 

that addresses all path constraints imposed on the vehicle and crew as well as a reliable way 

for minimizing the Δ𝑣  and propellant consumption for post aerocapture orbit impulsive 

maneuvers.   

The CTV parametric model and preliminary aerocapture simulation has been previously 

published in the proceedings of the 2018 AAS/AIAA Astrodynamics Specialist Conference 

[23] and the work done for the aerocapture trajectory optimization was published in the 

proceedings of the 2019 AAS/AIAA Spaceflight Mechanics Meeting [44] 

4.1 Future Work 

As part of the future work, Earth and Mars abort solutions which include different 

rendezvous approaches is suggested. It is speculated however, that this will add significantly 

to the fuel requirements, thus increasing the size of the booster stage and launch mass to 

LEO. One solution could be considering adding on orbit refueling capabilities in LEO.  

The next step the author would like to take is obtaining size and shape approximations for 

the vehicle. Those will be essential to obtain high accuracy vehicle model, (including 

aerodynamic coefficients and reference area) to be used in the aerocapture maneuver. 

Besides, detailed analysis and research on the thermal protection system, including ablative 
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material choices is recommended, as well as more details on the propellant estimation for 

attitude control and unusable propellant. For the aerocapture maneuver, future work included 

addition of lateral control logic for plane change through bank angle modulation and 

researching methods for adaptive estimation of the design parameters of the sliding mode 

controller. 
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