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Abstract 

System Study of an On-Orbit Additive Manufacturing CubeSat  

Author: Juliette Isabelle Bido 

Advisor: Frank Bourne, Ph.D. 

The AddCube mission aims to demonstrate additive manufacturing technology in 

microgravity on a CubeSat platform by 3D-printing a 1-meter long rectangular beam on 

orbit. To accomplish this task, Made In Space Inc. (MIS) will provide the Extended Structure 

Additive Manufacturing Machine – CubeSat (ESAMM-C) payload. The high power required 

by the ESAMM-C payload creates a complex thermal problem within the spacecraft due to 

tight volume constraints associated with CubeSats. To cope with this problem, an in depth 

worst-case thermal analysis of the integrated spacecraft is conducted and an appropriate 

thermal management system for the mission is designed. Temperature regulation is achieved 

through the use of passive thermal control methods during the hot case and flexible strip 

heaters during the cold case. A quasi-static loads analysis proves the payload’s structural 

mounting interface should be re-examined and an alternative design approach should be 

taken to ensure the spacecraft will survive the launch and deployment environments. The 

following thesis outlines the preliminary design and analysis of a 6U CubeSat, including all 

subsystems required to complete a successful mission. 
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Chapter 1 

Introduction 

1.1 AddCube 

AddCube is a joint venture between the Harris Corporation, Florida Institute of 

Technology (FIT), Made In Space, Inc. (MIS), and Pumpkin, Inc. The mission aims to 

demonstrate additive manufacturing technology in microgravity on a CubeSat platform. To 

accomplish this, a 6U CubeSat will be launched and inserted into Low Earth Orbit (LEO) as 

a secondary payload by one of the major launch providers in the United States. Once in orbit, 

the Extended Structure Additive Manufacturing Machine – CubeSat (ESAMM-C) payload 

developed by MIS will be used to create a boom extending one meter from the CubeSat. This 

demonstration allows MIS to gather critical information regarding additive manufacturing 

in space and offer a flight-proven alternative to CubeSat deployable structures. 

Due to tight mass and volume constraints often associated with CubeSats, the high 

power required by the ESAMM-C payload and the high temperatures associated with the 

additive manufacturing process create a complex thermal problem within the spacecraft. 

ESAMM-C operates by heating ULTEM filament to 320°C and pushing it through an 

extruder. This high temperature, coupled with the high power required, has the potential to 

heat spacecraft bus components past survivable temperature limits. The challenge is to keep 

the printer hot enough to operate while also ensuring that the bus components remain within 

operating temperature limits. An in-depth thermal analysis of the integrated spacecraft is 

conducted to fully understand the problem and to support the design of an appropriate 

thermal management system for the mission. 

A CubeSat is comprised of two principal elements: the spacecraft bus and the 

payload. The spacecraft bus consists of all subsystems needed to operate the CubeSat, which 

are discussed in detail in Chapters 2 and 3. The payload is an additional component used to 
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complete the mission and perform any science objectives that is not needed to operate the 

CubeSat. For example, the ESAMM-C printer is a payload performing a technology 

demonstration during the AddCube mission but is not needed in order for the CubeSat to 

operate. 

1.2 Background 

Small spacecraft, often referred to as SmallSats, have become increasingly popular 

due to the relatively low mass and mission cost associated with them. Any spacecraft 

weighing less than 180kg is considered a SmallSat; however, this is divided further into five 

sub-classes due to the large variety in size and weight of SmallSats (Table 1). 

Table 1: SmallSat Classification [1] 

Satellite Class Mass Range 

Minisatellite 180 – 100 kg 

Microsatellite 10 – 100 kg 

Nanosatellite 1 – 10 kg 

Picosatellite 0.01 – 1 kg 

Femtosatellite 0.001 – 0.01 kg 

 

CubeSats are a special type of nanosatellite which adhere to a set of standards 

specifying the mass, volume, and form-factor. The CubeSat standards were first developed 

by California Polytechnic State University, San Luis Obispo (Cal Poly) in order to make 

integration easier as CubeSats became more widely used in academia in the early 2000’s [2]. 

CubeSats are constructed of 10cm x 10cm x 10cm cubes called “units” (1U) and can be 

anywhere from 1U in size to 12U. Figure 1 depicts typical CubeSat sizes, from left to right: 

12U, 6U, 3U, 2U, and 1U. 
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Figure 1: Common CubeSat sizes [3] 

Although they can be larger, the most commonly used CubeSats are 1U, 3U, and 6U 

in size. Major advancements are being made in CubeSat-class technology as they become a 

more popular alternative to larger satellite missions; thus, increasing the amount of 

meaningful work that can be done with a CubeSat. 

1.3 Motivation 

Although the ability to miniaturize and adapt more capable payloads to a CubeSat is 

an important step in technological advancement, thermal management challenges develop as 

the power required to operate more complex payloads and address more advanced missions 

increases. Surface area for solar energy collected on CubeSats is limited due to size, volume 

and mass constraints. Power generated by the solar arrays can also vary greatly depending 

on the location within an orbit and the orientation of the CubeSat. Because the availability 

of solar energy is typically not continuous, spacecraft power on a typical CubeSat is drawn 

from on-board batteries, and the time required to recharge them on-orbit is an important 

operational constraint, particularly when hosting payloads with higher power needs. Most 

CubeSats carry low-power components that require between 0 and 10W due to power 

limitations [2].  
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CubeSat developers tend to ignore the internal heat generated by electronic 

components as a major source of heat to simplify thermal analysis and design work because 

the input heat flux from external radiative sources is large in comparison. As power 

requirements for CubeSat payloads increase, this assumption is less appropriate, and internal 

heat generation must be addressed more explicitly. The 3U ESAMM-C payload requires 

more than 50W to operate and maintain a print-head temperature of 350°C. Because heat 

radiated is proportional to temperature by T4, the heat dissipated from the payload is expected 

to be large enough to have an adverse effect on the surrounding bus components. In this case, 

the internal heat generation cannot be ignored and is an integral part of the energy balance 

on the CubeSat throughout mission duration.  

Ideally, thermal management designs should be simple and require little to no power. 

This is a considerable challenge on a CubeSat platform because mass and volume are also 

strictly limited. As the power requirements and internal heat generation increase, more 

creative thermal management designs are needed to comply with the CubeSat standards. 

Modeling both the internal heat generation and the external radiation problem will provide 

a deeper understanding of the thermal problem within a CubeSat and allow a thermal 

management system to be designed for high-power applications. 

1.4 Objectives 

A firm understanding of the physics and major problems associated with printing in 

space will be gained through this demonstration mission and assist in the advancement of 

AM space technology. This understanding will then be adapted to developing technology 

capable of manufacturing gossamer structures supporting large solar arrays or antenna 

reflectors, for example. 

The study discussed in the following thesis aims to develop a method for modeling 

both the internal and external thermal environments for AddCube, as well as design a thermal 
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management system that can ultimately be adapted for a variety of high-power CubeSat 

operations. 

1.5 Approach 

During the technology survey (see Chapter 2), state-of-the-art CubeSat technology 

and advancements needed are researched in detail. The lack of high-powered CubeSat 

components and appropriate thermal management technology for these applications became 

evident during this process. A thermal model of the AddCube mission is developed using 

Computer Aided Design (CAD) and thermal analysis software using worst-case thermal 

conditions. From the model, a preliminary thermal management system is successfully 

designed for the mission. 

Commercial off-the-shelf (COTS) components are selected for the CubeSat 

structure and spacecraft bus to decrease the risk and design work associated with the 

CubeSat. This allows more focus to be placed on the thermal problem. 

1.6 Thesis Overview 

The following thesis outlines the preliminary design and analysis of a 6U CubeSat, 

including all subsystems required to complete a successful mission. As discussed in Chapter 

2, the most important advancements to CubeSat technology for a LEO mission must be made 

in the power management, thermal management, command and data handling (C&DH), and 

communications subsystems. Chapter 3 details the AddCube mission, subsystem component 

selection, and development of mass and volume budgets. A thermal model of the spacecraft 

and preliminary thermal management design are discussed in detail in Chapter 4. A structural 

analysis is then performed to ensure that the CubeSat will withstand the acceleration, shock, 

and vibration loading associated with launch and deployment from the CubeSat dispenser in 

Chapter 5. 
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Chapter 2 

Technology Survey 

Major subsystems that make up a CubeSat are propulsion, communications, 

structures, thermal management, power, command and data handling (C&DH), and 

guidance, navigation, and control (GNC) [2]. Propulsion is perhaps the most challenging 

subsystem to develop on a CubeSat platform. A spacecraft’s propulsion system provides the 

thrust necessary to change orbits and dump momentum [2]. It can be used to generate small 

changes in velocity (Δv) for attitude control operations or larger, single-axis Δv maneuvers. 

More powerful propulsion systems are required for high altitude and interplanetary missions 

and are currently under development [4]. The communications system enables a spacecraft 

to transmit data and telemetry, commands, and information between the spacecraft and 

ground and between components [4]. Any structural components and deployable 

mechanisms that support the CubeSat through launch and provide a stable platform for on-

orbit operations are included in the structures subsystem [2]. The thermal management 

subsystem controls the thermal environment and ensures all components remain within 

operating temperature limits throughout all phases of the mission over its entire life cycle. 

Electrical power generation, energy storage, and power distribution for the spacecraft is 

provided by the power management subsystem [2]. The GNC subsystem includes the attitude 

determination and control system (ADACS) as well as the position determination 

components, such as a GPS receiver and radar tracking systems [4]. Finally, the C&DH 

subsystem receives commands from the ground and distributes them to the appropriate 

component, collects and stores both telemetry and science data, and transmits data to the 

ground through the communications subsystem [2]. 

Managing the high power required to operate a 3D printer, understanding and 

managing the internal thermal environment imposed on the spacecraft by the printer, the 

ability to transfer commands, data, and faults between the payload and bus, and transmit data 

to the ground to keep track of its location and validate mission success are the main areas of 
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concern for an additive manufacturing demonstration mission. Taking these into 

consideration, the most pertinent subsystems for a high-powered additive manufacturing 

mission are determined to be: power, thermal management, C&DH, and communications. 

The current state-of-the-art for these subsystems are discussed in the following chapter. 

2.1 Power Management 

Table 2: Power system technology comparison [4] 

System Technology Manufacturer Pros Cons 

Solar 

Panels 

Deployable 

Solar Panels 

Clyde Space, 

Pumpkin 

Allows for better sun 

exposure, larger areas 

possible - more power 

Adds complexity 

Solar Panel 

(on body) 

DHV, SpectroLab, 

SolAero 

Simple from a design 

and integration 

standpoint 

Limited surface 

area - limited 

power 

Gimbaled 

Solar Panels 

MMA (HAWK, 

eHAWK) 

Allows for better sun 

exposure 

Adds complexity, 

uses some power 

to gimbal 

Batteries 

Primary Type 

(Silver-zinc, 

lithium 

based) 

Clyde Space 

Easy to handle, used for 

short mission durations 

(< 1 week) 

Not rechargeable 

Secondary 

Type (Li-ion, 

Li-po, NiCd, 

NiH2) 

Eagle Picher, 

SAFT, GomSpace, 

Clyde Space, 

Pumpkin 

Rechargeable, low mass, 

high energy 

More volatile to 

handle 

PMAD 

EPS  

Pumpkin, Clyde 

Space, 

GOMSPACE, 

ISIS, Blue Canyon 

Regulates voltage to 

components, protects 

components from current 

and voltage spikes 

Does not have 

integrated energy 

storage 

Full PMAD 

systems 

Clyde Space, 

GomSpace, Surrey 

Includes energy storage, 

inputs/outputs to all 

components, easy to 

integrate 

Adds complexity 

 Power consumption, power distribution, eclipse duration, bus voltage, and payload 

duty cycle drive the power subsystem design [2]. It’s typically comprised of solar arrays to 

generate power, batteries or other power storage mechanisms, and a system controlling the 
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management and distribution of power throughout the spacecraft. The latter often results in 

an electrical power system (EPS) or full power management and distribution (PMAD) 

system. The key difference between an EPS and full PMAD system is that a PMAD system 

is equipped with its own energy storage mechanism, while the EPS must be integrated with 

an external method of energy storage. Table 2 compares the benefits and downfalls of 

different technologies used for each of these systems. Possessing a high-powered payload 

requires the spacecraft to generate and store an abundance of power quickly and efficiently, 

particularly considering the limited amount of surface area available for solar cells on a 

CubeSat. Some high efficiency COTS solar cells are tabulated below in Table 3 as well as 

some high energy density batteries in Table 4. Most battery cells can be found in several 

different Manufacturer’s battery packs. 

Table 3: Available COTS solar cell state-of-the-art [4] 

Product Manufacturer Efficiency 
Peak BOL Power 

(Watt) 

HAWK MMA 28.3% 36 

eHAWK MMA 28.3% 72 

NanoPower GomSpace 30.0% 2.3 

3U Deployable Solar 

Panel (LE - 3faces) 
Clyde Space 28.3% 21 

Table 4: Available COTS battery cell state-of-the-art [4] 

Product Manufacturer Cells used 
Energy Density      

[W-hr/kg] 

18650 Li-ion ABSL 
Sony, MoliCell, LG, 

Sanyo, Samsung 
243 

Li-Polymer, 8.2V 

and 32V 
Clyde Space 

Clyde Space Li-

Polymer 
150 

NanoPower BPX GomSpace 
GomSpace 

NanoPower Li-ion 
157, 171 
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 High-powered payloads often require high voltages or current draws as well. A 

PMAD system must be utilized to regulate this voltage as well as manage the flow of power 

throughout the spacecraft to ensure electronics receive the proper amount of power and do 

not experience any over- or under-voltage or current conditions. Table 5 lists several 

commercially available PMAD systems. 

Table 5: Available COTS PMAD state-of-the-art [4] [5] 

Product Manufacturer System Type 

Nanosatellite EPS Clyde Space EPS 

P1U Vasik Clyde Space EPS 

EPS 1 Pumpkin EPS 

BCT CubeSat EPS Blue Canyon Tech EPS 

Small Satellite PCDU Clyde Space PMAD 

LEO PCDU Surrey PMAD 

2.2 Thermal Management 

 The thermal subsystem maintains component temperatures within acceptable 

temperature ranges through all operational and non-operational phases occurring over the 

entire mission life cycle. Major design drivers for this system are: thermal environment, 

power dissipation, operational and survival temperature limits, structural configuration, and 

structural stability. Balancing the thermal system performance, temperatures, radiating areas, 

and power consumption can be complex for spacecraft with high-powered payloads and 

thermal management schemes must be modulated to accommodate the mass and volume 

constraints associated with the CubeSat platform [2]. Thermal management methods are 

separated into passive control and active control. 

2.2.1 Passive 

 Passive thermal control is considered lower cost, risk, mass, and volume than active 

thermal control because it’s relatively simple and requires no power input to regulate 
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spacecraft temperatures [4]. This can be achieved through use of geometry and component 

placement, thermal paints and coatings, insulation blankets, thermal straps, sun shields, 

radiators, or heat pipes [6]. Thermal coatings are wavelength-dependent and can act as a 

thermal radiation barrier from solar flux as well as prevent or encourage excess heat 

dissipation. Coating optical properties are optimized to reduce the amount of absorbed 

energy and maximize infrared (IR) emission. Typical thermal coatings are black and white 

paints, Kapton and Teflon tapes, and solar reflectors. Multilayer insulation (MLI) blankets 

prevent both excessive heat loss from internal components and excessive orbital heating 

from external sources. Thermal straps may be used to influence conductive paths in order to 

remove heat from components. They can be either rigid or flexible and are made of high 

conductivity materials such as copper. 

Table 6: Passive thermal control technology comparison [4] [7] 

Technology Manufacturer Pros Cons 

MLI Blanket 
Dunmore, Aerospace, 

MLI Concepts 

Low cost, common, 

simple 

Decreased 

performance with size 

and compression 

Reflective Tape - 
Low cost, ease of use, 

heat rejection 
Careful handling 

Paint 
AZ Technology, 

MAP, Dunmore 

Low cost, low volume 

or mass constraints, 

contains or rejects 

heat with color 

Often not sufficient 

thermal management 

on its own, degrades 

over time 

Sun Shield Sierra Lobo Effective cooling 
Must be deployed - 

adds complexity 

Thermal Straps 
Thermal Management 

Tech, Thermacore 

Requires no power 

source, distributes 

heat to/from 

components 

Rigid straps may 

increase stiffness 

between components 

Deployable Radiator 

Thermacore, 

Advanced Cooling 

Tech 

Ehances thermal 

performance 
Volume constraints 

Heat Pipe 

Thermacore, 

Advanced Cooling 

Tech 

Distributes heat 

to/from components 

efficiently 

Expensive, difficult to 

model performance in 

microgravity 
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Radiator plates and fins are used as thermal sinks to optimize heat flux away from 

the spacecraft [7]. It is possible for a spacecraft to have insufficient radiator surface area for 

the amount of heat the spacecraft needs to dissipate. In this case, deployable radiators can be 

used and mounted to the spacecraft in a location that will maximize IR emission. If 

deployable radiators do not suffice, fins can be used to dissipate large amounts of heat or 

small amounts of heat at low temperatures by producing the high surface area required to do 

so [6]. Heat pipes transport large amount of heat energy between two locations through the 

use of a closed two-phase liquid flow cycle [7]. Table 6 compares several major passive 

thermal control technologies. 

2.2.2 Active 

Active thermal control methods require power to operate; thus, they can be 

challenging to integrate in the power-starved environment of a high-powered CubeSat 

mission. Peak power must be carefully monitored when active methods are needed. This 

being said, active thermal control methods can provide more precise temperature control and 

are often more effective than passive methods [6]. Because these methods add a level of 

complexity to the system, active thermal control should be utilized only when passive 

methods will not suffice. Active thermal control can be accomplished through use of heaters, 

coolers, cryogenic materials, and even active thermal straps. The most common form of 

active thermal control, flexible strip heaters are frequently used on CubeSats due to their 

small size and weight. The benefits and downfalls of some of these methods are listed below 

in Table 7. 
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Table 7: Active thermal control technology comparison [4] [7] 

Technology Manufacturer Pros Cons 

Thermal Straps LoadPath 
Reduced hotspots, small 

size 

Power constraints, not 

flown on CubeSats 

Heaters 
Minco Products, All 

Flex Flexible Circuits 

Regulates thermal 

environment in s/c 

Power and mass 

constraints 

Cryocooler 

Ricor-USA, 

Sunpower, Northrup 

Gruman, Lockheeed 

High thermal efficiency, 

low mass and cooling 

temps 

Adds complexity, 

power constraints 

2.3 Command and Data Handling 

The C&DH subsystem is comprised of a flight computer controlling all on-board 

processing, memory storage, and electrical I/O interfaces. It is the primary point of contact 

between the spacecraft bus and payload. Component data interfaces, processing 

requirements, data storage volume, and timing accuracy drive C&DH system design. 

Operating system, processing speed, C&DH-payload interaction (handshaking), and 

utilization rates are important to consider when developing the C&DH system [2]. Table 8 

compares several different types of C&DH technologies. 
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Table 8: C&DH technology comparison [4] 

System Technology Manufacturer Pros Cons 

On-Board 

Computing 

Integrated 

Microcontrollers & 

FPGAs 

Tyvak, 

GOMSPACE, 

ISIS, Pumpkin, 

Xiphos 

Supports a variety of 

processor cores, 

memory, improved 

power performance 

Can be 

complex 

Smartphone based 
Google Nexus 

One 

Includes camera, 

accelerometer, radio, 

small in size 

Not available 

commercially, 

not space 

rated 

Open source 

Arduino, 

BeagleBone, 

Raspberry Pi, 

Intel 

Easy to modify for 

specific use, linux 

systems 

More involved 

software 

development 

process 

Memory 

SRAM, DRAM, 

Flash, MRAM, 

FERAM, 

CRAM/PCM 

Usually 

equipped with 

on-board 

computer 

Fast access time, 

unlimited write/erase 

cycles, high radiation 

testing 

Volatile, high 

power usage, 

small data 

package 

Purchasing a commercially available C&DH system is ideal for university CubeSat 

programs with limited time and funding available. Some of the more advanced COTS C&DH 

solutions are tabulated in Table 9. 

Table 9: Available COTS C&DH system state-of-the-art [4] 

Product Manufacturer Processor 
Operating 

System 

Clock 

Speed 

Intrepid Tyvak ATMEL Linux - 

Nanomind A712D GomSpace ARM 7 Linux 8 to 40 MHz 

Pluggable Socketed 

Processor Module 
Pumpkin C8051F120 Linux 24.5 MHz 

Q7 Xiphos 

Xilinx Zynq-

7020, ARM dual-

core Cortex™-

A9 MPCore 

Linux - 

Proton X Box Space Micro P200K Linux 8000 MIPS 
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2.4 Communications 

Table 10: Available COTS communication system state-of-the-art [4] 

Product Manufacturer 
Frequency 

Range 
Data Rate  

Antenna 

Type 

Gain 

(dB-) 

NanoCom AX100 

Transceiver 
GomSpace UHF/VHF 

0.1 to 115.2 

kbps 
- - 

NanoCom 

ANT430 
GomSpace UHF/VHF - 

Turnstile 

Deployable 

1.5 to -1 

dBi 

Full Duplex 

Transceiver 
ISIS UHF/VHF 

1.2, 2.4, 4.8, 

or 9.6 kbps 
- - 

EyeStar-D2 
NearSpace 

Launch 
L Band 9.6 kbps Patch 

29 to 34 

dBm 

STX Clyde Space S Band 2 Mbps  21 to 30 

NanoCom S100 

Transceiver 
GomSpace S Band 

1.5 kbps to 

25 Mbps 
Patch - 

Evolved X-Band 

Wire 

Antenna 

Development 

Corp. 

X Band - Evolved Wire 2 dBi 

Quadrifilar Helix 

Antenna 

Antenna 

Development 

Corp. 

X Band - Helix 2 dBi 

SWIFT-KTX 
Tethers 

Unlimited 
K Band > 300 Mbps - - 

The communications system is an integral part of the spacecraft that is responsible 

for the data link between the spacecraft and the ground [2]. This is composed of an antenna, 

a receiver, and a transmitter. A transceiver can also be used as a receiver-transmitter 

combination. Communication frequency bands between 30 MHz and 40 GHz are typically 

used for spacecraft; however, higher frequencies are often desirable because higher data rates 

can be achieved with the increase in bandwidth. CubeSats typically operate within the UHF, 

L, S, and even X bands shown in Figure 2. Currently, work is being done to develop CubeSat 

radios capable of operating in the Ku and K bands to increase data transfer rates [4]. Main 

areas of focus when developing the communications system are data rate, antenna type, gain, 

and frequency range [4]. Available COTS communications systems are listed in Table 10. 
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Figure 2: Radio spectrum used for spacecraft communication [4] 

CubeSats can communicate with existing satellite networks such as Globalstar and 

Iridium as an alternative to using ground stations. By using this approach, the CubeSat can 

transfer large amounts of data to the existing constellation that may not be possible using a 

mission-specific ground station. The constellation sends the data to the mission team via 

email or other network-based methods [4]. This saves cost, reduces the scope of design work, 

and improves the quality of data transfer for the mission.  
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Chapter 3 

AddCube 

3.1 Mission Operations 

AddCube will launch as a secondary payload, secured in a Planetary Systems 

Corporation Canisterized Satellite Dispenser (CSD) that will deploy the CubeSat once 

inserted into LEO. Once on orbit, the solar arrays will deploy, charging the battery module 

and enabling nominal spacecraft operations to begin. The system first runs health and safety 

checks to ensure that each subsystem is functioning properly, and no damage occurred during 

launch and deployment. The CubeSat then utilizes the on-board attitude determination and 

control system (ADACS) to orient itself, allowing the solar arrays to track the sun for optimal 

power generation. 

 

Figure 3: AddCube operations [8] 
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The spacecraft undergoes five operational phases throughout mission duration: 

ground handling and test, launch and deployment, preoperational, routine spacecraft 

operations, payload operations, and decommissioning and end of life. Ground handling and 

test phase includes all integration and testing activities, ground transport, and integration 

with the launch vehicle. During launch operations, the CubeSat is powered off and secured 

safely in the CSD until deployment. The preoperational mode includes all system health and 

safety checks and routine spacecraft operations includes all operations required to operate 

the spacecraft successfully. Some of these include communications between the spacecraft 

and ground station, command and data transfer between components, and attitude correction 

maneuvers. 

Payload operations begin with a printer warm-up cycle to obtain the 320°C extruder 

temperature required to melt ULTEM filament and print successfully. The 1-meter long 

beam is extruded during nominal print operations once this temperature is reached; however, 

the printer can only print for a certain amount of time due to power limitations caused by 

battery capacity. When the battery module reaches 30% capacity, ESAMM-C initiates a 

cool-down cycle to move the extruder away from the print path and decrease the temperature 

to prevent filament oozing. The battery then recharges, and printer warm-up operations begin 

again. This warm-up, print, cool-down, and charge cycle continues until the entire beam has 

been printed and the mission is successfully completed. 

3.2 Technical Budgets 

At the beginning of the design process, technical budgets are created for finite 

mission and cost driving resources to ensure that the spacecraft will meet all requirements 

and can be successfully integrated. For a CubeSat, some of the key resources are mass, 

volume, and power. The outer dimensions and weight of a CubeSat are pre-defined according 

to the CubeSat standard, thus limiting the scope of the design space. Power is also limited 

because most body mounted and deployable solar arrays are restricted to the surface area of 
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the CubeSat structure [2]. Once identified, a portion of these resources are allocated to each 

subsystem with some margin. Both the system and subsystem designs must then stay within 

their allocated budgets in order for the mission to succeed. Figure 4 outlines the subsystems 

identified for the AddCube mission. 



 

 

19 
 

 

 

Figure 4: AddCube subsystem flow down 
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3.2.1 Mass Budget 

Controlling mass is critical when developing space systems due to the high cost 

associated with launch. This is even more critical when developing CubeSats due to their 

relatively small size. Maximum allowable mass for the system is 12kg according to the 6U 

CubeSat standard; although, larger masses may be evaluated on a mission specific basis [9]. 

Initially, the mass budget for this mission is divided into subsystems and each subsystem is 

allocated a fraction of the 12-kg total mass based on estimates with an appropriate margin 

included. These estimates were modified and became increasingly accurate as the design 

matured and specific components were identified. Table 11 classifies the percent mass 

margin to be included for the type of component and level of design maturity following the 

ANSI/AIAA S-120A-2015 mass properties control standard. 

Table 11: Percent mass margin by design maturity [10] 
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As discussed in the next section, AddCube utilizes a COTS Pumpkin Inc. 6U 

SUPERNOVA CubeSat Kit for the majority of the design, which increases the maximum 

allowable mass for the mission from 12kg to 14kg through a waiver processed by Pumpkin. 

Figure 5 depicts the mass budgeted to each subsystem relative to the maximum allowable 

system mass. As seen below, the chassis and spacecraft bus components included in the 

SUPERNOVA package weigh the most, followed by the payload and thermal management. 

The remaining subsystems are small in comparison, bringing the total mass for the current 

design 2.6kg under budget. This allows for increased design flexibility in the more 

complicated subsystems and introduces the possibility of including a secondary payload or 

second battery if desired. The complete mass budget can be found in Appendix A. 

 

Figure 5: Subsystem mass 
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3.2.2 Power Budget 

Power is another critical resource for space systems, especially for CubeSat missions 

when power is limited to battery capacity and power generated by solar arrays restricted to 

the structure’s surface area. Each operating mode of the mission utilizes a different 

combination of components, leading to different power requirements for each mode. Table 

12 lists the five operating modes for the AddCube mission, along with one mission pre-

cursor mode for integration and test. The table also highlights the active components and 

power source for each mode. During launch and decommissioning, all systems are off and 

batteries are inert as required by the CubeSat standard. Nominal spacecraft operation mode 

encompasses power to all bus components, communications, and data transfer needed to 

operate the spacecraft throughout an orbit. Structural validation of the beam will also occur 

during this mode of operation. 

Table 12: AddCube operational modes 

Operating Mode Spacecraft Equipment Active Power Source 

Launch None N/A 

Flight: Preoperational 
All spacecraft systems and payload electronics 

(suitable for preoperational health check) 
Internal 

Flight: Routine Spacecraft 

Operations 
All spacecraft systems Internal 

Flight: Payload (ESAMM-C) 

Operations 
All spacecraft systems and ESAMM-C Internal 

Flight: Decommissioning 

and End of Life 
None N/A 

Integration and Test All Spacecraft systems and ESAMM-C External 

During ESAMM-C operation, all bus components are active and the payload is 

running through the print cycle discussed at the beginning of this chapter. The printer turns 

on, warms up, prints as long as possible, cools down, and then the system enters into 
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recharging operations. When the system is idle or recharging, only the bus components are 

active. Radio transmissions for the communications subsystem are also included, although 

will not be active for the entirety of the mode. Maximum power consumed during each 

operational mode is depicted in Figure 6. Power consumption during integration will look 

very similar to the modes shown below; however, power is supplied by an external power 

source and is not limited by battery capacity. The full power budget can be found in 

Appendix B. 

 

Figure 6: Power consumption 

3.2.3 Volume Budget 

Due to size restrictions, a CubeSat’s volume must be budgeted similar to its mass 

and power. All subsytems and deployables must be contained within the SUPERNOVA 

chassis for successful integration and deployment from the CSD. The volume limitations and 

part placement within the SUPERNOVA chassis are determined by completing volumetric 

and center of gravity (CG) analysis using an integrated CAD model. Table 13 lists the 

volume required for each major component and subsystem. It can be seen that a residual ¾ 
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U out of a total 6U is available for remaining systems, such as thermal management and 

structural validation, after summing the volume requirements for each of the known 

subsystems. 

Table 13: AddCube volume requirements 

Component Volume Required 

Bus Stack 1 U 

ADACS ½ U 

BM 2 ½ U 

ESAMM-C 3 U 

Communications ¼ U 

TOTAL 5 ¼ U 

According to the CubeSat Standard, the CG must be located within 4.5 cm from the 

geometric center in the x-direction, 2 cm in the y-direction, and 7 cm in the z-direction [9]. 

Figure 7 shows the CG for AddCube’s current design successfully bounded by a rectangular 

box representing the required volume margin. Additionally, a 3D printed model of the 

spacecraft is created as a design aid to assist engineers in developing a physical 

understanding of part placement and available space for wire routing. 
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Figure 7: AddCube CG 

3.3 Component Selection 

More companies are creating CubeSat specific components to account for their mass 

and size limitations as CubeSats become increasingly popular in industry use, as well as in 

academia. Using COTS parts when possible reduces mission risk and unnecessary design 

complexity, decreasing the timeline for system development. This approach is extremely 

useful for academic CubeSat projects when resources and technical expertise are relatively 

limited compared to industry. Several companies provide integrated spacecraft platforms for 

the CubeSat market, including: Pumpkin, Inc., Spaceflight Industries, Blue Canyon 

Technologies, Tyvak Nano-Satellite Systems, Nano Avionics, Clyde Space Ltd., and ISIS. 

A CubeSat Kit from Pumpkin was chosen for the AddCube mission after comparing 

capability, volume, ease of assembly and integration, and cost. 

3.3.1 Pumpkin Inc. 6U SUPERNOVA CubeSat Kit 

Pumpkin, Inc. supplies a fully integrated 6U-size CubeSat bus that conforms to the 

CSD specification. 3U out of the total 6U are occupied by the spacecraft bus and 
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communications, while the remaining 3U will be allocated to an additive manufacturing 

payload. The 6U SUPERNOVA employs a 2U stack of bus electronics, an attitude 

determination and control module, and power system which includes a battery module, EPS, 

and payload interface module. An additional unit cube of volume will include the 

communications system and any additional payload needed to complete the mission. A 

deployable solar array that harvests solar energy to power the system is mounted to the 

SUPERNOVA chassis as well. SUPERNOVA also provides a Ground Support Equipment 

(GSE) port with a Remove-Before-Flight (RBF) pin, external battery charging, manual 

release of the solar panel deployment system, and Ethernet and USB connections to the 

C&DH processor [8]. 

 

Figure 8: Example 6U SUPERNOVA CubeSat exploded view [2] 
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An exploded view of an example integrated SUPERNOVA supplied by Pumpkin is 

shown in Figure 8. The solar array assembly is mounted onto the +Z end of the structure and 

deploys two 6U panels and two 3U panels. The 2U bus stack occupies two unit cells inside 

the structure. The communications system is purchased and mounted separately in the 

chassis because the antenna must be separated from the GPS antenna in order to reduce any 

interference. 

3.3.1.1 Chassis 

The SUPERNOVA chassis (Figure 9) is composed of five precision-machined 

Aluminum 6061-T6 plates and one Aluminum 7075 base plate that provides a predictable 

load path within the launcher. The chassis has been optimized to provide a maximum 7000cc 

payload volume and 10kg additional payload mass, as well as RF shielding accomplished 

with thin plate covers. The structure has been thoroughly tested to NASA GEVS 

qualification levels for vibration and t-vac compatibility with Planetary Systems CSD [11]. 

Figure 10 depicts an example of the SUPERNOVA with solar arrays in the stowed position 

being ejected from the CSD. 

 

Figure 9: SUPERNOVA Block IV chassis 

exploded view [12] 

 

Figure 10: SUPERNOVA deploying from 

Planetary Systems CSD [12] 
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3.3.1.2 Bus Stack 

The SUPERNOVA bus stack, detailed in Figure 11, is a collection of modular 

CubeSat components that can be replaced or removed for mission specific reasons. To begin 

with, a 1U stack of printed circuit boards (PCBs) are connected using a stack mount interface 

with standoffs in between boards to increase structural integrity and improve the conductive 

path between components. An L-band patch antenna and GPS receiver module (GPSRM) 

uses a NovAtel OEM615-series receiver to add GPS functionality to the CubeSat [13]. 

Command and data handling throughout the spacecraft is controlled with the motherboard 

module (MBM 2) powered by a Beagle Bone Black (BBB) [14]. 

 

Figure 11: Typical SUPERNOVA Block V bus stack [6] 
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Pumpkin has developed a more capable Electrical Power System (EPS) module to 

replace the Clyde Space EPS previously used in the bus stack and depicted above. The four-

port Payload Interface Module (PIM) distributes power to payloads. The PIM, Bus Interface 

Module (BIM), MBM 2 with BBB, EPS, Solar Interface Module (SIM), and ADACS 

Interface Module (AIM) are interconnected via the 104-pin CubeSat Kit bus connector, while 

the Battery Module (BM 2) is connected to the bus via a harness. 

3.3.1.3 Attitude Determination and Control 

The Maryland Aerospace MAI-400 attitude determination and control system 

(ADACS) module provides guidance and navigation capabilities to the CubeSat. The system 

integrates three reaction wheels, two IR Earth horizon (IR EHS) sensors, three torque coils, 

and an onboard ADACS computer, and utilizes an external magnetometer and external 

Coarse Sun Sensors (CSS). This is integrated into the 2U bus stack through the AIM and 

mounted between the electronics stack and battery module. 

3.3.1.4 Battery Module 

AddCube is powered by Pumpkin’s 4S2P 86Wh BM 2 containing eight 18650 high-

current Lithium-Ion cells, supporting 12 to 16.4-volt operation. The BM 2 has polyamide 

strip heaters and temperature sensors on all eight batteries and is mounted to the chassis with 

black-anodized aluminum adapters. These adapters promote a conductive path from the 

battery to the chassis, as well as increase thermal mass and heat dissipation. 
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Figure 12: Pumpkin BM2 [15] 

The BM 2 is equipped with several forms of monitor and protection circuitry control. 

Cell over- and under-voltage (OV/UV) protection inhibits charging and discharging during 

(OV/UV) states. Overcurrent (OC) charging and discharging is inhibited according to 

predefined limits. Charging and discharging is also inhibited when any of the cells exceed 

temperature limits. Fault tolerance is also implemented as a secondary form of protection 

[15]. The BM 2 also has a Coulomb counter to provide accurate State-of-Charge 

(SoC) reporting as the battery ages. 
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3.3.1.5 Solar Array 

 

Figure 13: SUPERNOVA deployable solar array [12] 

Pumpkin’s Modular Solar Deployable Solar Array (PMDSAS) is currently 

optimized for use with Spectrolab’s UTJ and XTJ cell, interconnect and coverglass (CIC) in 

the 26.62cm form factor. The PMDSAS selected for the AddCube mission are 28.5% 

efficient by using Spectrolab UTJ CICs generating a maximum estimated orbit-averaged 

power of 64W [16]. 

3.3.2 Made In Space, Inc. ESAMM-C Payload 

MIS is developing ESAMM-C (Figure 14) with the goal to 3D print a beam 

extending 1 meter from a CubeSat while on-orbit. The printer heats ULTEM filament to 

320°C and uses a gripper system to slowly push the beam out of the spacecraft during print 
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operations. ESAMM-C is designed specifically to fit the CubeSat form factor, allowing for 

easy integration with the spacecraft. The printer uses 52W peak power to monitor critical 

internal temperatures throughout the mission duration and maintains steady-state operational 

and non-operational survival temperatures. 

  

Figure 14: MIS ESAMM-C 

3.3.3 Communications 

A full-duplex GlobalStar service will allow for straightforward integration between 

spacecraft and payload elements as well as communications between the space and ground 

segments through IP-based communications [8]. AddCube plans to communicate to and 

from the ground utilizing the GlobalStar constellation using the NearSpace Launch (NSL) 

EyeStar-D2 satellite duplex radio; however, the team is exploring alternatives due to volume 

restrictions. Currently, the EyeStar-D2 communications module (Figure 15) is sized as 6.1 x 

11.9 x 11.9 cm – approximately 2 cm larger than the maximum 1U cross sectional area 

required for integration with AddCube [17]. 
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Figure 15: NSL EyeStar-D2 duplex GlobalStar communications system [18] 
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Chapter 4 

Thermal Management 

4.1 Problem Statement 

The AddCube spacecraft will be subjected to extreme thermal environments 

throughout the duration of the mission. Effects from the space environment and heat 

generated by the internal electronics during operation must be analyzed in detail in order to 

understand the spacecraft’s thermal characteristics and design a thermal management system 

capable of regulating the temperature. To prevent device failures and ensure mission success, 

each component must maintain a nominal temperature within the manufacturer’s specified 

range. The ESAMM-C printer payload is given very careful consideration throughout this 

process due to the high operational power required. A complete understanding of the thermal 

characteristics and interactions between subsystems can be gained by conducting a thermal 

analysis for each operational mode of the fully integrated system. This will require power, 

temperature, and heat dissipation for each component, as well as material properties.  

4.2 Thermal Environment 

Spacecraft performance and mission lifetime are strongly influenced by the space 

environment – the region beyond the Earth’s atmosphere where non-terrestrial sources of 

energy begin to dominate [2]. For CubeSats operating in LEO, the space thermal 

environment is dictated by the near-Earth space environment. Earth’s upper atmosphere, 

ionosphere, magnetosphere, and radiation belts are all included in this environment. In this 

region, a spacecraft’s operational and orbital lifetimes are affected by degradation of material 

properties and loss of orbital energy due to interactions with the atmosphere and drag [2]. 

Three major sources of environmental heating for a spacecraft operating in the near-Earth 

environment are heat radiated from the sun (solar radiation), heat from solar radiation 

reflected off of Earth (albedo), and planetary heating due to infrared (IR) energy being 
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emitted from Earth [7]. Figure 16 depicts the near-Earth external thermal environment for a 

CubeSat in LEO. 

 

Figure 16: External radiation environment in LEO 

Free molecular heating (FMH) caused by friction in the upper atmosphere is another 

significant form of environmental heating for low altitude orbits (<180km). FMH occurs 

when free molecules collide with the vehicle causing friction along the surface. This energy 

is then converted to heat, which causes a temperature rise across the affected region. 

Although it is a significant source of heating, most spacecraft only experience this effect 

during launch ascent after separating from the payload fairing because it is protected by the 

launch vehicle up until the point of separation. The severity of FMH is based on variable 

atmospheric density at altitude, spacecraft velocity, and surface area of the spacecraft’s 

leading edge; therefore, spacecraft attitude can be used to reduce these effects [7]. For a 

CubeSat in LEO (> 180km), FMH effects are negligible. 
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The last source of environmental heating is caused by charged-particles colliding 

with the spacecraft in the Van Allen belts; although, this effect is relatively weak compared 

to the radiation and FMH effects discussed above [7]. The Van Allen belts are bounded 

approximately between 6,500 and 52,000km and consist of high energy electrons and ions 

(>30keV) non-uniformly distributed within the Earth’s magnetosphere [2].  

 

Figure 17: Van Allen belts [19] 

Figure 17 shows the Van Allen belts populating a pair of toroidal regions centered 

around the Earth’s magnetic shells as well as the level of intensity of the particles’ energy 

distributed throughout the belts. The International Space Station (ISS) and GPS satellites are 

included on the figure as a sizing comparison. Because of the relatively low heating effects, 

charged-particle heating is typically not considered in the thermal design for non-cryogenic 

spacecraft [7]. Charged-particle heating is not considered in the thermal design for AddCube 

because effects from the Van Allen belts are negligible in LEO. 

Internally, heat is generated by electronics during operation. This must be taken into 

consideration during the thermal design process to ensure thermal energy is properly 
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balanced between heat absorbed by the spacecraft from the external radiation environment 

and heat emitted by the spacecraft. Many CubeSats are equipped with low-powered 

electronics, causing the internal heat generation to be negligible compared to heat absorbed 

from the space environment. This is not the case for AddCube due to the high power required 

to operate the payload. 

All thermal problems can be modeled as a combination of three modes of heat 

transfer: convection, conduction, and radiation. Atmospheric convection is absent in space; 

thus, only radiation and conduction play a role in spacecraft thermal design [2]. Radiation 

occurs both internally from electronic heat dissipation and externally from the space 

environment. Conduction mainly occurs internally through conductive paths created 

between components and the spacecraft structure, although conduction is also present during 

FMH. The following section discusses these modes of heat transfer in detail for both internal 

and external spacecraft environments. 

4.2.1 Conduction 

Conduction is the process through which heat energy is transferred between solids, 

liquids, and gases from a high energy body to a relatively lower energy body. This method 

of heat transfer can occur within a single body, as well as between two contacting surfaces, 

and is the primary mechanism for heat transfer inside of a spacecraft. Conductive heat 

transfer is governed by Fourier’s law in Equation 1: 

Equation 1: Fourier's law of heat conduction [6] 

𝑄 =  −𝑘𝐴 (
𝑑𝑇

𝑑𝑥
) 

Where Q is the heat flow (W), A is the heat flow area (m2), k is the thermal conductivity of 

the material (W/m-K), T is the temperature of the material (K), and x is the linear distance 

over the conductive path (m).  Equation 2 shows Fourier’s law written more conveniently in 

terms of heat flux: 
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Equation 2: Heat flux - Fourier's law of heat conduction [6] 

𝑞 =
𝑄

𝐴
=  −𝑘 (

𝑑𝑇

𝑑𝑥
) 

Electronics that generate heat may be at risk of overheating without an adequate 

conductive path throughout the spacecraft to a heat rejection surface. This is of significant 

concern between joints, where the conductive path may be weak or broken. Thermal 

resistance is a measure of heat flow between contacting surfaces or through a thermal 

interface material and is discussed in further detail in Section 4.3.3. 

4.2.2 Radiation 

Radiation is the transport of energy through electromagnetic waves emitted by all 

bodies at a temperature greater than 0 K and is the only means of heat transfer between a 

spacecraft and the surrounding environment. Surface temperature, material optical properties 

and surface finishes, relative geometry, and the intervening medium or environment all 

influence the amount of heat a surface can radiate. Radiative heat transfer is governed by 

Stefan-Boltzmann law: 

Equation 3: Stefan-Boltzmann law [6] 

𝑄 =  𝜀𝜎𝐴𝑇4 

Where T is the surface temperature (K), A is the surface area (m2), ε is the emissivity, and σ 

is the Stefan-Boltzmann constant (5.67 x 10-8 W/m2 - K4).  

From Equation 3, heat emitted from a body is proportional to T4; thus, a body with 

relatively high surface temperatures will require a smaller surface area to radiate heat from. 

This notion becomes extremely important during the thermal design process due to the 



 

 

39 
 

 

relatively high payload temperatures. Heat transferred between two bodies with surface 

temperatures T1 and T2 through radiation can be calculated using Equation 4. 

Equation 4: Radiative heat transfer between two surfaces [6] 

𝑄12 =  𝜎𝐴1𝐹12(𝑇1
4 − 𝑇2

4) =  𝜎𝐴2𝐹21(𝑇1
4 − 𝑇2

4) 

Where F12 is the view factor of the second surface by the first surface, defined as the fraction 

of radiant energy leaving A1 that is intercepted by A2 [6]. Heat flow in this case is typically 

small unless the temperature difference between two bodies is high.  

Many CubeSat designers neglect radiation while conducting an internal thermal 

analysis on the system because heat dissipated by electronics is typically less than 1 W and 

temperature differences are low [20]. This is not the case for AddCube, and must be given 

careful consideration throughout the thermal design process. As previously mentioned, there 

are three major sources of external radiation: solar, planetary, and albedo. The following 

sections discuss these in more detail. 

4.2.2.1 Solar 

Solar radiation is the primary source of environmental heating on any Earth orbiting 

spacecraft. Energy emitted from the sun remains constant at all times (within 1%), although 

intensity varies with altitude, orbital location, and time of year [7]. Solar flux varies from 

1,322 W/m2 at summer solstice and 1,414 W/m2 at winter solstice due to the change in 

distance between the sun and Earth from the ellipticity of Earth’s orbit [6]. The solar intensity 

for a point in space can be calculated using Equation 5. 

Equation 5: Solar intensity [21] 

𝐽𝑠 =
𝑃

4𝜋𝑑2
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Where P is the power output of the sun (3.856 x 1026 W), d is the distance from the sun in 

meters, and Js is the total solar intensity [22]. 

4.2.2.2 Albedo 

Albedo (𝑎) is the fraction of incident sunlight reflected back to space by the surface 

of a planet or moon. Reflectivity changes drastically over different regions on Earth, leading 

to large variations in albedo throughout a spacecraft’s orbit; however, these changes occur 

rapidly in relation to the thermal inertia of most spacecraft allowing an average value to be 

used [21] [22]. Orbital average albedo intensity can be expressed in terms of visibility factor 

(F) and solar intensity (Equation 6). Visibility factor is found using Figure 18 for a specified 

altitude and beta angle. 

Equation 6: Albedo intensity [22] 

𝐽𝑎 = 𝐽𝑠𝑎𝐹 

 

Figure 18: Albedo irradiation by spacecraft altitude [22] 
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4.2.2.3 Planetary 

  Earth’s planetary radiation, IR energy emitted from a planetary body, varies 

depending on the surface temperature and amount of cloud cover over a particular area. 

Because of this, the highest planetary radiation occur in tropical and desert regions and 

decreases with latitude [7]. This intensity can be calculated by taking the radius of Earth and 

the spacecraft’s orbital radius into account (Equation 7). 

Equation 7: Planetary radiation intensity [22] 

𝐽𝑝 = 237 (
𝑅𝑟𝑎𝑑

𝑅𝑜𝑟𝑏𝑖𝑡
)

2

 

Planetary radiation cannot be reflected away from a spacecraft using coatings 

without preventing the radiation of waste heat from the spacecraft because both occur at 

approximately the same wavelength. This introduces the need for spacecraft in low altitudes 

to balance heat emitted from a radiator plate and heat absorbed into the radiator plate from 

Earth [7]. 

4.3 Analysis 

A thermal model is needed to support the thermal management design process for 

the spacecraft to ensure it maintains operational temperatures within a ±10°C margin as 

specified in GSFC-STD-7000A, although NASA and commercial spacecraft developers 

have used a narrower tolerance band of ±5°C corresponding to MIL-STD-1540B [6]. The 

results must then be verified through thermal test data. Worst case thermal environments for 

the AddCube mission are analyzed using Thermal Desktop (TD). Two basic modeling 

approaches to numerical modeling are Finite Difference Method (FDM) and Finite Element 

Method (FEM). While both are valid approaches yielding similar numerical results, FDM 

produces a less complex, more compact model in TD, which is desirable during the design 

process when several thermal management schemes will be evaluated. 
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In a FD model, each component is split into an appropriate number of nodes 

depending on interest level. Heat transfer is then calculated across each node using a 

discretized method. Once the nodes have been created, thermal contact must be determined 

for each surface by calculating the thermal conductivity between two connected surfaces 

based on the contact force and surface area. Finally, heat loads are specified by calculating 

the heat dissipation of each component from peak required power and thermal efficiency. 

4.3.1 Orbital Considerations 

A spacecraft’s orbit drives the external thermal environment and determines the 

amount of heat flux into the spacecraft from the sun, Earth, and albedo. Worst case hot and 

cold conditions must be determined to accurately envelope the thermal environment. As seen 

in Figure 19, an orbit’s beta angle (β) is the angle between the solar vector and orbit plane. 

This is one of the most important orbital parameters for thermal design because it governs 

the amount of time the spacecraft will spend in the sun and in eclipse. It makes sense then, 

that the hottest case a spacecraft would encounter in LEO is at β = 90° when the orbital plane 

is perpendicular to the sun vector. The coldest case that a spacecraft would encounter in LEO 

is at β = 0° when the spacecraft experiences maximum eclipse time.  

 

Figure 19: Orbit beta angle [7] 

Spacecraft attitude also plays an important role in worst case thermal environments. 

For example, a spacecraft with deployable solar arrays pointing NADIR will reach a higher 
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temperature than the same spacecraft with sun-pointing solar arrays because there is no 

shading from the sun. After analyzing seven different orbit-attitude combinations, two 

orbital analysis cases are chosen to be the worst case and most likely to occur. The worst hot 

and cold cases that will be executed are listed in Table 14. All cases are assuming a 500km 

Earth orbit. 

Table 14: Analysis cases 

Case β [°] 
Primary Attitude 

Constraint 

Secondary Attitude 

Constraint 
Powered 

Operational Hot 90 
Sun pointing solar 

arrays 

3U PL side Earth 

pointing 
Bus, PL 

Operational Cold 0 
Sun pointing solar 

arrays 

3U bus side along 

velocity vector 

Bus, 

Thermal 

Non-Operational Cold 0 
Sun pointing solar 

arrays 

3U bus side along 

velocity vector 
Thermal 

 

The hot case is determined to be at a beta angle of 90° with the solar arrays sun-

pointing for the duration of the orbit. This is both the most likely and most meaningful 

spacecraft attitude because the solar arrays are able to charge the battery module at any point 

during the mission. Solar arrays are also sun-pointing during the cold case orbit at a beta 

angle of 0°. This configurations allows the spacecraft to charge while in the sun and produces 

the coldest environment in eclipse as the spacecraft is pointed into deep space with solar 

arrays Earth-pointed. The 3U bus side follows the velocity vector to produce the minimum 

heat flux into the spacecraft from the Earth and sun through the small-side surface area. 

The hot and cold case orbits generated by TD are depicted in Figure 20 below. On 

the left, AddCube is seen as viewed from the sun if the solar vector were perpendicular into 
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the page. The figure on the right shows AddCube in the cold case orbit. The hemisphere 

surrounded by the purple grid represents the orbit’s shadow cone – time spent in eclipse. 

  

Figure 20: Hot case view from sun (left), cold case (right) 

4.3.2 Geometry 

The first step in the modeling process is to de-feature and simplify existing CAD 

geometry by removing any unnecessary details that do not contribute to the numerical model. 

This includes removing holes, small features, rounds, filets, or any other detailed geometry 

that may require more time to compute than is needed to capture the design space. Most 

thermal models are composed of only the simplest FD surfaces or solids representing the 

outer envelope of a component. As the model progresses, more detail can be added to the 

geometry to fully capture the thermal effects as needed. 

All PCBs in the 2U stack are modeled as surfaces with a thickness applied to them, 

standoffs as solid cylinders, the ADACS module as a rectangular brick, and the battery 

module as a combination of rectangular bricks and solid cylinders. The SUPERNOVA 

chassis and solar arrays are modeled as surfaces with an appropriate thickness applied. 
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Thermal mass is accurately modeled by introducing a density multiplier for each component. 

Appendix C tabulates the material properties, mass, and density multiplier used for the 

modeled spacecraft components. 

  

Figure 21: ESAMM-C CAD geometry (left), ESAMM-C TD geometry (right) 

ESAMM-C was initially modeled as one solid rectangular brick and as the design 

progressed, it became evident that this did not accurately capture the thermal environment 

inside the CubeSat. To model the payload more accurately, it was split into two solid bricks: 

a hot end and cold end (Figure 21). Physically, each of these components are made of 

different materials with limited conductive paths between them; therefore, this method is 

expected to over predict conduction through the hot end and create higher temperatures in 

the model than seen during operation. While this configuration is acceptable for a worst-case 
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system analysis, a more detailed version of the printer geometry is needed to accurately 

model heat transfer at a component level throughout the payload. 

4.3.3 Thermal Contact 

After modeling the geometry, it is important to specify thermal contact between 

components and calculate the contact conductance based on contact force and surface area. 

Contact resistance and conductance are driven by many different factors. Contact pressure 

determines the extent of contact, which is critical in vacuum applications such as spacecraft 

design. Material type, surface flatness and roughness, compressive yield stress, and surface 

treatments are also major factors that influence contact resistance and conductance [7].  

Contact conductance is calculated in Equation 11 using the effective area method 

for bolted interfaces. This method uses a simplified approach for determining the effective 

contact area under the bolt head based on its major diameter (D). This is calculated in 

Equation 8. 

Equation 8: Effective area 

𝐴𝐸 = 2𝜋𝐷2 

Equation 9: Contact force 

𝐹𝐵 =
5𝜏

𝐷
 

Equation 10: Contact pressure 

𝑃𝑐 =
𝐹𝐵

𝐴𝐸
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Equation 9 calculates contact force based on major bolt diameter and torque (τ). 

Effective area and force are then used to calculate the contact pressure of the bolted interface 

(Equation 10). Finally, contact conductance for a series of bolts across a surface (W/m2-K) 

is calculated below.  

Equation 11: Contact conductance 

ℎ𝑐 = 𝑛𝑐𝑃𝑏 

Where c and b are coefficients from a contact conductance reference table developed using 

GE test data for surfaces in a hard vacuum and n is the number of bolts used [7]. Absolute 

contact conductance in W/K for a series of bolts across a single surface is calculated using 

Equation 12. 

Equation 12: Absolute contact conductance 

ℎ𝑐𝑎𝑏𝑠
= 𝑛𝐴𝐸ℎ𝑐 
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Table 15: Contact Conductance 

Bolt Size Contactor # of bolts hc [W/m2 K] Absolute hc [W/K] 

M3 Chassis 3U 4.000 3990.333 0.902 

M3 Chassis 2U 3.000 2992.750 0.507 

M3 Chassis 1U 2.000 1995.166 0.226 

M3 Standoff 1.000 997.583 - 

M3 Stack Adapter-Chassis 2.000 1995.166 0.226 

M3 BM2-Chassis 3.000 2992.750 0.507 

M3 AIM-Chassis 2.000 1995.166 - 

M3 AIM-BM2 4.000 3990.333 0.902 

M3 AIM-Adapter 4.000 3990.333 0.902 

M2.5 ESAM-Chassis 11.000 10165.374 4.389 

M2.5 ESAM Standoff 1.000 924.125 - 

M2.5 ESAM-2U Chassis 4.000 3696.500 0.580 

The contact conductance for each bolt size and interface onboard the spacecraft is 

tabulated below in Table 15. Thermal contact is not modeled for cases where contact pressure 

cannot be guaranteed, leaving heat transfer to be modeled strictly through radiation. 

4.3.4 Heat Loads 

Heat loads are applied to each electrical component dissipating heat while operating 

(Table 16). Estimated thermal efficiency and peak power required are used to calculate 

worst case heat dissipation for each component. Some components have very low heat 

dissipation relative to the rest of the system and are not included in the model to save 

computation time; however, they are kept under consideration during the thermal design 

process. All efficiency values are taken from component data sheets and estimated based on 

similar components. 

ESAMM-C is designed to pull current until a certain temperature has been reached 

for several sensor locations. Because an accurate profile was not available at the time of 



 

 

49 
 

 

thermal design, the heat load produced by ESAMM-C is modeled by creating a series of 

boundary nodes set to specific temperatures. The boundary node representing the extruder is 

set to 320°C for the operational case. 

Table 16: Component heat dissipation 

Component Power [W] Efficiency [%] Heat Dissipation [W] 

Flight Computer 2.5 80% 0.5 

GPSRM 1.5 80% 0.3 

ADACS 7.25 90% 0.73 

GlobalStar Rx/Tx 5.0 80% 1.0 

EPS 3.0 96% 0.12 

PIM 1.8 75% 0.45 

BIM 2.8 80% 0.56 

AIM 0.1 80% 0.02 

SIM 0.1 80% 0.02 

Extruder 15.0 80% 3.0 

Grippers 20.0 80% 4.0 

BM2 7.0 85% 1.05 

CAM-1U 0.24 75% 0.06 

4.4 Results 

The system baseline model is defined by the operational hot case with all systems 

powered and operational and no thermal management design in place. This provides a 

realistic temperature environment for the spacecraft during nominal operations and 

determines the need for thermal management. The system model is split into five major 

submodels to assist with organization and simplify post-processing. The chassis submodel 

includes six chassis walls. The bus stack submodel includes all PCBs in the electronics stack. 

The ADACS submodel contains only the ADACS module, while the BM2 submodel 
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contains all components that make up the battery module. The ESAMM-C submodel 

includes ESAMM-C. Table 17 shows the minimum and maximum temperatures seen by 

each submodel throughout the duration of a 500 km hot case orbit. 

Table 17: AddCube baseline hot case component temperature ranges 

Submodel Min Temperature [°C] Max Temperature [°C] 

Chassis 289.199 313.969 

Bus Stack 295.412 317.200 

ADACS 301.576 301.605 

BM2 292.385 301.239 

ESAMM-C 318.484 320.000 

From observation, the temperatures obtained from the baseline hot case analysis 

exceed operational temperature limits listed in Table 18, concluding that a thermal 

management system is needed to complete a successful mission. 

Table 18: AddCube component temperature limits 

  Operating Temperature 
Non-Operating 

Temperature 

Component Submodel Min [˚C] Max [˚C] Min [˚C] Max [˚C] 

MBM 2 + BBB Stack -40 85 -40 85 

GPSRM Stack -40 85 -40 85 

GPS Antenna Stack -40 85 -40 85 

EPS Stack -40 85 -40 85 

PIM Stack -40 85 -40 85 

BIM Stack -40 85 -40 85 

AIM Stack -40 85 -40 85 

SIM Stack -40 85 -40 85 

BM 2 BM2 -40 75 - - 

ADACS ADACS -40 80 -40 85 
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4.5 Thermal Management System Design 

4.5.1 Hot Case 

An iterative approach is taken during the thermal design process to ensure that the 

simplest thermal management system is put in place. Controlling the temperature through 

passive methods is ideal for the mass, power, and volume restrictions associated with 

CubeSats. To begin, a variety of internal and external surface coatings are analyzed to 

balance the heat absorbed from the external environment and the heat rejected from the 

internal environment. By painting the internal chassis walls and plate covers black, the 

structure is able to emit and absorb the same amount of heat energy to and from the internal 

components. This allows radiated heat from the electronics and payload to be absorbed into 

the chassis, where it is then rejected to the external environment through radiation. The 

external chassis walls and plate covers are painted white to reduce the amount of solar 

radiation absorbed and maximize the amount of heat that can be emitted by the spacecraft. 

Paints and surface coatings introduce a unique logistics problem. While thermal 

performance may be ideal, paint can be scratched and rubbed off during integration and 

handling. MLI is often a better alternative because of this; however, using MLI to reduce 

absorbed solar radiation also reduces the spacecraft’s ability to reject heat. AddCube must 

maximize heat rejection due to ESAMM-C’s high power and operating temperatures, so 

external MLI is not a viable option in this case.  

Print operations are a key driver in the thermal design process. System heat rejection 

must be balanced with the payload’s need to operate at temperature. Rejecting too much heat 

from the system could reduce the printer temperature below the operating limit; therefore, 

the goal is to bring the bus temperature down significantly while maintaining operational 

print temperatures. The payload must be isolated from the bus to accomplish this. 5-mil gold 

polyamide layered MLI surrounds the payload to impede radiation from the high temperature 

printer to the low temperature bus electronics. By wrapping MLI around all but the spacecraft 
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mounting side of the payload, excess heat is encouraged into the mounting plate through 

both conduction and radiation where it is then rejected to space. 

 

Figure 22: BM 2 Copper heat sink 

Next, heat sinks and thermal straps are needed to further influence the conductive 

path from the bus components to a radiator surface. A copper heat sink is mounted to the 

chassis base plate and BM 2 base in Figure 22 to spread the heat across a larger surface 

area. An AAVID Thermacore flexible copper encapsulated k-core thermal strap mounted to 

the heat sink facilitates a natural conductive path from the heat sink to the chassis wall to 

remove heat from the BM 2 without adding stiffness to the spacecraft. A thermal strap can 

be mounted to one rail of standoffs in the electronics stack as well to reduce PCB 

temperatures by an average of 7°C. While this is helpful during a worst case analysis, it 

should be noted that predicted PCB temperatures may be higher than measured due to a lack 

of detailed thermal data from the manufacturer; thus, a thermal strap may not be required in 

this case and should be verified through thermal vacuum testing. 

Base Plate 

Heat Sink 
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Figure 23: ESAMM-C operational temperature gradient 

The temperature gradient across the spacecraft throughout the operational hot case 

orbit is shown above in Figure 23. ESAMM-C shows a hot section of approximately 320°C 

at the extruder location that conducts through the hot end block to a temperature of 270°C. 

This predicts higher temperatures than ESAMM-C has seen during testing; however, these 

tests were not representative of the flight environment and the analysis results are acceptable 

for a worst case preliminary system model considering the lack of thermal data supplied by 

the payload provider. By designing to these payload temperatures, AddCube is able to 

withstand the thermal environment caused by the payload at any point during operation. 

Integrated thermal testing must be conducted and compared to the analysis results to provide 

a more accurate and complete understanding of the spacecraft thermal environment produced 

by the payload. 
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Table 19: AddCube hot case component temperature ranges 

Submodel Tmin [°C] Tmax [°C] 

Chassis 48.330 204.588 

Bus Stack 51.212 75.761 

ADACS 51.203 51.222 

BM2 48.823 59.365 

ESAMM-C 89.934 320.000 

Table 19 lists the resulting subsystem temperatures once the final thermal 

management techniques are implemented. A more detailed look at the bus stack thermal 

gradients can be seen in Figure 24. As expected, the wall-mounted side of the bus stack is 

cooler than the printer facing side with some gradient in between. In addition, PCBs with a 

higher heat load see higher temperatures than those with low heat loads. These results must 

also be taken under careful consideration due to the lack of thermal management data 

supplied by the manufacturer. Influenced conductive paths, thermal pads and coatings, and 

heat sinks are integrated throughout each of the PCBs, although detailed information about 

these thermal management techniques were not available to the AddCube team at this time. 

The analysis results presented are expected to over-predict temperatures because of this and 

should be verified through testing. This is acceptable for a worst case analysis by the same 

reasoning mentioned above for ESAMM-C. All results shown meet the appropriate 

temperature limits within the required margin. 
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Figure 24: Hot case bus stack temperature gradient 

4.5.2 Cold Case  

The baseline cold case begins by placing AddCube equipped with the hot case 

thermal design into a 500 km orbit with a 0° Beta angle. The spacecraft attitude is then 

adjusted to match the cases previously outlined in Table 14. During both cold cases, 

ESAMM-C is considering non-operational and only powered enough to withstand survival 

temperatures. This ensures the coldest possible environment for the spacecraft produced by 

the payload. A 16W Minco Polyimide Thermofoil™ Heater is mounted to the chassis wall 

next to the bus stack to prevent it from dropping below operational temperature limits during 

eclipse. This heater may not be needed considering the printer will be held at 0°C, but is 

included as a failsafe in the event that the printer temperature control fails. Additionally, the 

BM 2 temperature is maintained within operational limits by utilizing its integrated 

polyamide strip heaters. 
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Figure 25: Cold case component orbital temperatures 

Orbital temperatures seen by a node from each component are plotted in Figure 25. 

The peak occurs while the spacecraft is in direct sunlight, while the minimum occurs during 

eclipse. The temperature fluctuations seen during the non-operational case occur when the 

heaters are switched on and off to maintain survival temperatures while minimizing power 

required to operate the heaters. These same fluctuations occur with less severity for 

ESAMM-C and the bus electronics in the operational case because less power is used by the 

heaters to maintain temperatures. As with the hot case, integrated thermal testing must be 

conducted and compared to the analysis results to provide a more accurate and complete 

understanding of the spacecraft thermal environment inflicted by the payload.  
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Table 20: AddCube cold case component temperature ranges 

 Operational Cold Case Non-Operational Cold Case 

Submodel Tmin [°C] Tmax [°C] Tmin [°C] Tmax [°C] 

Chassis -34.828 -10.962 -34.836 -11.195 

Bus Stack -28.052 18.733 -28.462 4.371 

ADACS -19.608 -18.795 -28.682 -26.296 

BM2 -31.623 10.000 -31.062 11.214 

ESAMM-C -26.285 0.000 -26.805 0.000 

Table 20 lists the resulting subsystem temperatures once the final thermal 

management techniques are implemented. These temperatures are within the required 

temperature limits and margin; thus, completing the preliminary thermal design. This design 

must be verified through a series of component level and integrated thermal tests to validate 

the model and ensure engineers have a complete understanding of the thermal environment. 

A summary of the material properties and mass for the thermal management design is 

included in Table 21. 

Table 21: Thermal management summary 

Component Mass [kg] Absorptivity Emissivity 

Z306 Black Paint 0.015 0.95 0.87 

Z93 White Paint 0.017 0.19 0.89 

K-core Thermal Strap (x2) 0.080 0.18 0.05 

Copper Heat Sink 0.150 0.18 0.05 

Minco 16W Strip Heater 0.002 0.85 0.90 

MLI 0.02 0.30 0.03 

TOTAL 0.364 
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Chapter 5 

Mechanical and Structural Analysis 

5.1 Problem Statement 

Finite element models serve multiple purposes during the spacecraft design and 

development phase; namely: determine internal load distributions, predict natural 

frequencies, predict the level of spacecraft response to low frequency and random vibration, 

and evaluate stiffness and strength of the spacecraft and subsystems [22]. A finite element 

model of AddCube is required to simulate the CubeSat’s mass and stiffness characteristics 

and verify structural integrity throughout the launch and deployment phases of the mission 

[23]. This is done through a series of quasi-static loading and random vibration analyses 

enveloping the launch environment. 

Pumpkin’s SUPERNOVA package has been thoroughly tested and fully conforms 

to Planetary Systems’ CSD required specifications; thus, allowing the structural analysis to 

focus on additional integrated subsystems such as the payload [11]. Special care is taken to 

ensure that the payload mounting interface meets these requirements, withstands launch and 

deployment, and has no adverse effects on the existing spacecraft structure. 

5.2 Loading Environment 

A spacecraft’s most severe static and dynamic structural loading occurs during 

launch, ascent, and spacecraft deployment. Launch, ascent, and spacecraft deployment can 

be separated into six major flight events: lift off, maximum dynamic pressure (max Q), solid 

rocket booster (SRB) end of flight, main engine cut-off (MECO), booster jettison, and 

spacecraft deployment [22]. During these flight events, a spacecraft may experience linear 

acceleration, sine vibration, random vibration, acoustic noise, aerodynamic loading, thermal 

stress, internal pressure, and shock loading [6]. Launch loads are vehicle specific and can be 
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found in the appropriate launch vehicle user’s guides or in spacecraft environmental 

specifications such as GSFC-STD-7000A. 

5.2.1 Quasi-static Loads 

Quasi-static loads are generated by a uniform level of linear acceleration throughout 

the entire spacecraft and are critical for major load-bearing components [22]. The maximum 

loading typically occurs at staging due to the high thrust-to-weight ratios of upper stages [6]. 

Usually, quasi-static loads are modeled as a maximum acceleration along each spacecraft 

axis, occurring either simultaneously or individually. 

5.2.2 Sine Vibration 

Sine vibration is defined by an envelope of all low frequency transient vibrations 

occurring during launch [22]. These loads are often structurally transmitted through the 

launch vehicle and cannot be avoided, making it one of the major design drivers for most 

spacecraft [6]. A vibration envelope used for analysis and testing is provided by the launch 

vehicle. 

5.2.3 Random Vibration and Acoustic Noise 

Acoustic loads are the most severe during liftoff and max Q due to aerodynamic 

noise and engine noise reflected off of the ground. Design of thin, lightweight components 

such as antenna reflectors, solar panels, and side panels are greatly influenced by the acoustic 

environment [6]. Random vibration analysis and testing is used during design and 

development to ensure no problems arise during the later stages of qualification testing. The 

magnitude of random vibration response is the mean square of the acceleration in each one 

Hertz bandwidth of the spectrum, measured in the frequency domain [22]. 

5.2.4 Shock Loads 

 Shock loads are due to the release of both low and high frequency energy when 

pyrotechnic devices are fired or latches are released and engaged. Shock also occurs during 
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ground-handling before launch vehicle integrations; however, this can be minimized through 

proper procedure and design [6]. A spacecraft can be isolated from these loads and are 

mainly of concern for stiff components with a high resonance [22]. 

5.3 Analysis 

ANSYS Workbench is used to create a finite element model of AddCube. To begin, 

the geometry is simplified and material density is adjusted to produce an accurate mass for 

each component similar to the thermal model. The simplified geometry has a resulting mesh 

consisting of 201,000 nodes and 100,000 elements. Boundary conditions and loads must then 

be applied to the model. Table 22 shows the generalized random vibration environment for 

payloads weighing less than 22.7kg for both qualification and acceptance testing. The 14.1g 

maximum predicted quasi-static load is applied non-simultaneously orthogonal to each face. 

Table 22: Secondary payload generalized random vibration environment [24] 

Frequency [Hz] Qualification [g2/Hz] Acceptance [g2/Hz] 

20 0.026 0.013 

50 0.160 0.080 

800 0.160 0.080 

2000 0.026 0.013 

GRMS 14.1 10.0 

 Fixed supports are applied to the linear guide rails that mate with the CSD. The 

quasi-static loading specified above requires three static structural analysis cases: x-

direction, y-direction, and z-direction allowing 14.1 g’s to be applied to the entire spacecraft 

along the x-axis, y-axis, and z-axis. Figure 26 shows boundary conditions applied to the 

spacecraft for the y-direction case. 
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Figure 26: ANSYS boundary conditions 

5.4 Results 

After confirming that the SUPERNOVA package and thermal management 

additions are structurally sound, a closer look is taken at the payload. Total payload 

deformation for x-direction g-loading is shown in Figure 27. The payload is mounted to the 

chassis with eleven stainless steel M2.5 screws (seen in Figure 28) that are also used to 

mount the RF shielding covers to the chassis. The maximum total deformation seen by these 

screws is 0.155mm – 6.2% of the screw’s major diameter, while the minimum deformation 

seen is less than 1% of the major diameter (0.0018mm). 
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Figure 27: Deformation for x-direction loading 

 Figure 28 shows shear stress on the payload and mounting interface. It can be seen 

that the maximum stress occurs at screw locations, which is to be expected after observing 

the total deformation experienced by the interface. After isolating the screws from the 

assembly to allow for a more detailed look at the loading, the maximum shear stress seen is 

9129.2 MPa and the maximum normal stress is 15374 MPa. This exceeds the ultimate stress 

and shear modulus of the stainless steel screws; therefore, the interface is insufficient and 

should be modified. 

 

Figure 28: Shear stress for x-direction loading 
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Table 23: Payload mounting interface structural loading 

Loading Axis 
Maximum Total 

Deformation [mm] 

Maximum Shear 

Stress [MPa] 

Maximum Normal 

Stress [MPa] 

X 0.155 9129.2 15374 

Y 0.147 9129.9 15376 

Z 0.148 9128.3 15374 

 The results for all three quasi-static case are shown in Table 23. G-loading in each 

direction produces severe deformation and stress on the payload and mounting interface, 

resulting in a lack of confidence in the structural mounting interface design. It is 

recommended that the interface be analyzed in more detail and an alternative approach taken 

to mount the payload to the chassis using the structural mounting points provided in the 

SUPERNOVA Interface Control Document (ICD). 
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Chapter 6 

Conclusion and Future Work 

6.1 Conclusion 

CubeSats have become more capable platforms affording both industry and 

academia the opportunity to address more meaningful science objectives. As a result, more 

complex spacecraft design challenges have arisen. This is the case for AddCube – a high-

powered CubeSat mission aiming to demonstrate additive manufacturing technology in 

microgravity on a CubeSat platform. Due to tight mass and volume constraints associated 

with this 6U CubeSat, the high power required by the ESAMM-C payload creates a complex 

thermal management problem within the spacecraft. The research activity document herein 

has addressed and resolved this problem using a combination of passive and active thermal 

management techniques. 

Concerns that high payload temperatures coupled with high power requirements will 

heat spacecraft bus components past survivable temperature limits are explored throughout 

this thesis. A spacecraft system thermal model is created in Thermal Desktop and three 

heating scenarios are analyzed: operational hot case, operational cold case, and non-

operational cold case. The payload is isolated from the bus and system temperatures are 

regulated through passive thermal control methods for the hot case. During the cold cases, 

active thermal methods are needed in the form of flexible strip heaters to keep the system 

warm when the payload is non-operational. In addition to the comprehensive thermal 

analysis and design activity, a preliminary quasi-static loads analysis has been performed, 

resulting in the recommendation for design changes to the payload mounting interface. 

6.2 Lessons Learned 

During my work on the AddCube project, I have developed an understanding of the 

science objectives that can be accomplished on a CubeSat platform, the spacecraft thermal 



 

 

65 
 

 

design process, heat transfer, the spacecraft system design process, and have gained many 

new skills, perhaps the most important being the use of Thermal Desktop to model and 

analyze complex internal and external radiative and conductive heat sources while 

evaluating a variety of passive and active thermal design elements, all within a tightly-

constrained volume, mass and power allocations. Another significant lesson learned is the 

importance of proper requirements definition during the beginning of a project and 

appropriate oversight throughout the project’s duration. Knowledge of the benefits, 

difficulties, and processes associated with managing system configuration and requirements 

flow-down when multiple, independent parties are collaborating on a single project was also 

gained. 

6.3 Future Work 

6.3.1 Thermal 

 Additional efforts must be made to increase the accuracy of the preliminary thermal 

model discussed in this thesis and validate both the thermal model and design. Detailed 

component level thermal models should be created for electronic components to increase the 

integrity of the system model and develop a greater understanding of thermal load paths 

within each component. Both component and system level models should be validated by 

comparing thermal test results to temperatures predicted by the models. After comparing 

results and obtaining a better understanding of the thermal environment, more detail can be 

added to the system model to increase confidence in its temperature prediction capabilities. 

The worst case thermal design should be updated as the model matures as well. Chassis 

surface temperatures can be compared to analytical calculations as an additional validation 

method for the model.  

6.3.2 Structural 

 An alternative approach should be taken to mount the payload to the SUPERNOVA 

chassis that adheres to the SUPERNOVA ICD and withstands the structural environment 
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discussed in Spaceflight, Inc. General Payload Users Guide. One recommendation is that the 

payload use the structural mounting points provided by Pumpkin and mount to the base plate 

at minimum. This ensures the simplest and most effective load path from the payload through 

the spacecraft, dispenser, and primary spacecraft deployment structure. Once this has been 

completed, the quasi-static loading analysis should be modified to accommodate these 

changes. Additionally, modal and random vibration analyses should be completed on the 

integrated spacecraft to ensure AddCube can withstand launch and deployment loading. 

6.3.3 Structural Validation System 

A structural validation system is needed to validate that the 3D printed beam has 

fully deployed. Harris will identify level of detail needed in beam analysis and use as a 

requirement. Two options are present for this system: a camera to provide visual 

confirmation of beam deployment or a structural analysis system to excite the beam and 

characterize structural integrity. 

A camera is a relatively simple approach, as it requires minimal data reduction 

processes. If chosen, a camera would be used to capture images of the beam as it extrudes 

from the spacecraft. The images would then be transmitted to the ground where an engineer 

can analyze them and compare them to ground tested beams. Cameras are a low mass, 

volume, and power solution; however, the view of the beam may be limited depending on 

placement within the spacecraft. 

A more complex structural characterization system can be used to excite the beam 

and record response data. This data would then be transmitted to the ground where an 

engineer can analyze it and compare it to test results. This option will require more complex 

data analysis and interpretation of results than the first option; however, it provides a more 

complete understanding of the beam’s structural characteristics. A structural analysis system 

will require more components, resulting in higher mass, power, and volume requirements. 
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6.3.4 Integration and Test 

Figure 29 shows a preliminary electrical interface diagram for AddCube. Wire 

harness design must be completed for the payload, structural validation system, and 

communications system. Wire routing for the integrated spacecraft must optimized to reduce 

required volume and possible component interference. 

 

Figure 29: Electrical interface diagram 

An extensive series of ground tests must be completed in order to qualify the 

spacecraft design for launch. These include, but are not limited to, structural testing, thermal 

testing, communications testing, structural validation testing, and GNC testing and 

simulations. Integration and test plans should be developed for each required test to ensure 

that the logic and requirements behind the tests are understood, the test environment is 

controlled, and that proper procedures are followed. 
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Appendix A 

Mass Budget 

  

Item Mass (kg) Margin (%) Margin (kg) Qty

Indiv. 

Mass (kg)

SUPERNOVA 

Total Mass 

(kg)

Measured Spacecraft Bus Mass:

SUPERNOVA-SESAM with:

  Pumpkin 64W deployable array

  Pin-puller-based deployment system

  Pumpkin PIM Rev C w/4-port ethernet switch

  Pumpkin MBM2 Rev C + BBB Rev C

  Pumpkin BIM Rev B

  Pumpkin EPS

  Pumpkin GPSRM 1 Rev C

  Pumpkin AIM 1 Rev B + Pumpkin SIM 1 Rev C

  MAI-400 ADACS w/dual IR EHS

  Pumpkin BM 2 Rev A

6.885 5% 0.344 1 7.229 7.229

GPSRM Antenna 0.052 0.052

Antenna 0.050 3% 0.002 1 0.052

Comm Module

0.220 0.220

Globalstar Transceiver
0.134 3% 0.004 1 0.138  

Antenna
0.080 3% 0.002 1 0.082  

MIS Payload
2.856 2.856

ESAMM-C
2.720 5% 0.136 1 2.856

0.185 0.185

Camera Mount 0.100 30% 0.030 1 0.130

CAM-1U 0.050 10% 0.005 1 0.055

0.645 0.645

MLI Blanket Radiation Shield 0.020 5% 0.001
1

0.021

K-Core Thermal Strap 0.080 10% 0.008
2

0.088

Copper Heat Sink 0.150 5% 0.008
1

0.158

Z306 Black Paint 0.015 5% 0.001
1

0.016

Z93 White Paint 0.017 5% 0.001
1

0.018

Minco 16W Strip Heater 0.002 3% 0.000
1

0.002

Additional Thermal 0.200 10% 0.020 1 0.220

Kapton Tape 1 mil, 2"x36 yd 0.119 3% 0.004 1 0.122

Additional Hardware
0.209 15% 0.031 1 0.240 0.240

Spacecraft Total 10.831 0.596  11.427

Spacecraft Margin  2.573

Spacecraft Budget  14.000

Structural Validation

Thermal Management System
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Appendix B 

Power Budget 

 

Item

Supply 

Voltage (V)
Current (A) Power (W)

Supply 

Voltage (V)
Current (A) Power (W)

Supply 

Voltage (V)
Current (A) Power (W)

Supply 

Voltage (V)
Current (A) Power (W)

Supply 

Voltage (V)
Current (A) Power (W)

SUPERNOVA-SESAM -21.03 -21.03 -19.40 -9.18 0.00

Pumpkin PIM Rev C w/4-port ethernet switch 1.80 1.80 1.80 1.80 0.00 0.00 0.00

Pumpkin BIM Rev B 2.80 2.80 2.80 2.80 0.00 0.00 0.00

PPM D2 rev A 3.30 0.02 0.07 3.30 0.02 0.07 3.30 0.02 0.07 3.30 0.02 0.07 0.00 0.00 0.00

Pumpkin MBM2 Rev C + BBB Rev C 5.00 0.50 2.50 5.00 0.50 2.50 5.00 0.50 2.50 5.00 0.0005 0.003 0.00 0.00 0.00

Pumpkin EPS 3.00 3.00 3.00 3.00 0.00 0.00 0.00

Pumpkin GPSRM 1 Rev C 5.00 0.30 1.50 5.00 0.30 1.50 5.00 0.005 0.02 5.00 0.005 0.02 0.00 0.00 0.00

Pumpkin AIM 1 Rev B + Pumpkin SIM 1 Rev C 5.00 0.20 5.00 0.20 5.00 0.20 5.00 0.20 0.00 0.00 0.00

MAI-400 ADACS w/ dual IR EHS 5.00 1.45 7.25 5.00 1.45 7.25 1.45 5.00 7.25 5.00 0.09 0.45 0.00 0.00 0.00

GPS Antenna 3.30 0.02 0.07 3.30 0.02 0.07 3.30 0.02 0.07 3.30 0.02 0.07 0.00 0.00 0.00

Comm Module
-5.50 -5.50 -5.50 -5.50 0.00

Globalstar Transceiver (.5W Rx/4.5W Tx)
10.00 0.50 5.00 10.00 0.50 5.00 10.00 0.50 5.00 10.00 0.50 5.00 0.00 0.00 0.00

Antenna
0.00 0.00

ESAMM-C Payload
-55.00 -24.50 0.00 0.00 0.00

Extruder 20.00 20.00 0.00 0.00 0.00 0.00 0

Motors (6) 10.00 5.00

Gripper Heaters 20.00 20.00

Structural Validation -0.26 0.00 -0.26 0.00 0.00

CAM-1U 0.00 0.00 0.24 0.00 0.00 0.00 - - 0.24 0.00 0.00 0.00 0.00 0.00 0.00

Thermal -25.30 0.00 -25.30 -2.75 0.00

Minco Strip Heater 16.00 0.00 16.00 0.00 0.00

Pumpkin BM2 Rev A Battery Heater 7.00 0.00 7.00 2.50 0.00

Total Power Consumed 81.79 51.03 25.17 14.68 0.00

ESAMM-C Production of Antenna 

Non-Operational States Power (W)

Pre-Operational Health Checks Launch ModeIdle/Battery ChargingSpacecraft Operation + Structural 

Operational States Power (W)
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Appendix C 

Component Material Properties 

Item Mass [g] Material ρ [kg/m3] ρ mult. Cp [J/kg-K] h [W/m-k] ε α 

3U Chassis Wall (x2) 292 Al 6061-T6 2700 1.102 896 167 0.43 0.04 

2U Chassis Wall (x2) 161 Al 6061-T6 2700 0.982 896 167 0.43 0.04 

Base plate 735 Al 7075 2810 1.334 960 130 0.43 0.04 

Top plate 669 Al 6061-T6 2700 1.264 896 167 0.43 0.04 

3U Top Solar 130 Kapton/White/Copper 8860 0.255 385 32.6 0.92 0.85 

6U Top Solar 380 Kapton/White/Copper 8860 0.278 385 32.6 0.92 0.85 

Battery (x8) 50 Al 6061-T6 2700 0.999 896 167 0.43 0.04 

BM2 Adapter 80 Al 6061-T6, hard-anodized, black 2700 1.357 896 167 0.86 0.86 

BM2 Adapter Plate 40 Al 6061-T6, hard-anodized, black 2700 0.469 896 167 0.86 0.86 

MAI-400 694 Al 6061-T6 2700 0.460 896 167 0.43 0.04 

Stack adapter 35 Al 6061-T6 2700 0.952 896 167 0.43 0.04 

Standoffs 100 Stainless Steel 8000 3.300 500 16.2 0.43 0.04 

ADACS Adapter 30 Al 6061-T6 2700 2.020 896 167 0.43 0.04 

PIM 37 FR4/Copper 1800 0.302 385 0.4   

BIM 50 FR4/Copper 1800 0.411 385 0.4   

MBM 31 FR4/Copper 1800 0.253 385 0.4   

BBB 40 FR4/Copper 1800 0.598 385 0.4   

EPS 897 FR4/Copper 1800 4.188 385 0.4   

GPSRM 107 FR4/Copper 1800 0.634 385 0.4   

AIM 49 FR4/Copper 1800 0.418 385 0.4   

SIM 36 FR4/Copper 1800 0.446 385 0.4   
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